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PREFACE 


The aeronautical engineering student is faced with the task of 
correlating his previous knowledge of basic engineering courses into a 
more specific vein of thought. If the student is confronted with a 
text that has been written on elementary aeronautics, from a more 
or less general theme, he finds himself with a fair knowledge of no- 
menclature and only a descriptive view of aerodynamic phenomena. 
With this type of training, the engineering student is apt to get the 
idea that the coiu-se is either too little developed or the teacher is in- 
adequate. In either case the student has been retarded and valuable 
time has been lost, never to be regained. On the other hand, if the 
student is embarked on his aeronautical training with a too advanced 
text he finds not only that the subject matter is over his head, but 
the important fundamental ideas have been deleted in favor of more 
classical and complicated phenomena. Here again, an undesirable 
situation arises that may cause discouragement and possible dis- 
interest to the extent of abandonment for fields that do not put so 
great a burden on him. 

This text has been written in an effort to solve both of these 
problems by including necessary descriptive material along with 
mathematical explanations in order to emphasize the practical em- 
ployment of aerodynamic theory. It is the author’s belief that, 
although the student will be equipped with a necessary working 
knowledge of mathematics through calculus, the practical problems 
lend themselves readily to relatively simple mathematical solutions. 

The author would like, at this point, to disclaim originality in all 
but the arrangement and presentation of the subject matter. It has 
been the author’s desire to collect and correlate to the best of his 
ability those facts and theories which go to make not only a more clear 
and accurate application of aerodynamics, but to make the student 
proud of his profession. 

To the National Advisory Committee for Aeronautics, and es- 
pecially to Mr. John F. Victory, Secretary of the Committee, who 
has been so kind as to make available many of the Committee’s 
original drawings reproduced in this book, the author wishes to 
express his gratitude. Credit is given to the Committee as well as to 
other sources throughout the text. 

Valuable aid in regard to the publication of the material was 
received from Dr. William G. Friedrich, Head of the Aeronautical 



^Engineering Department, and Professor Robert F. Rautenstrauch 
of North Carolina State College, of the University of North Carolina. 

Credit is due to the following for aid in the preparation of various 
illustrations: Gordon West, Benjamin Greene, and George Jones, 
students of the author and Professor T. C. Brown of the Mechanical 
Engineering Department of North Carolina State College. 

For their encouragement and interest the author would like to 
express his gratefulness to Dr. Leon Edgar Smith, President, and 
Professor Alonzo Lohr Hook, Head of the Physics Department, of 
Elon College, who is the author’s inspiration and former teacher. 

R. W. Truitt 

North Carolina State College 
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AERONAUTICAL SYMBOLS 


w 

g 

P (rho) 
S 
b 
c 

M (mu) 

V 

2 

C.P. 

a 

T 

Q 

V (eta) 
n 

N 

<t> (phi) 
0 (beta) 


Weight 

Standard acceleration of gravity, 32.2 ft/sec^ 
Density (mass per unit volume) 

Area 

Span 

Chord 

Coefficient of viscosity 
True airspeed 

Dynamic (impact) pressure = q 

Center of pressure 
Angle of attack 
Thrust 
Torque 
Efficiency 

Revolutions per sec (rps) 

Revolutions per minute (rpm) 

Effective helix angle 
Propeller blade angle 




INTRODUCTION 


Physical Laws 

Although the science of aerodynamics is a relatively new one by 
name, it is founded on the laws of physics. Some new applications 
of these physical laws will be encountered and, in order to emphasize 
the more fundamental ones, a short introductory review is given. 

Inertia, Newton’s first law of motion states that a body in motion 
or at rest will tend to remain in motion or at rest unless acted on by 
some outside force. This tendency of a body is called inertia. 
The force with which a body offers resistance to change in its present 
state is called the inertia force, or force of inertia. 

A force must be applied to change a body, either to put it in 
motion, or if in motion, to change its speed or direction. If a body 
experiences either of these changes, it is evident that a force has been 
applied to the body. 

Mass is the quantity of a material. It is not the same as volume, 
because it is found that a given amount or mass of a gas may occupy 
one volume under one condition of pressure and temperature, while 
it will occupy an entirely different volume when the pressure and 
temperature are changed. Mass is not the same as weight because 
weight is the force with which a mass is pulled toward the center of 
the earth. This can probably be demonstrated best in the following 
formula: 

W = Mg where W = weight in pounds 
M = mass in slugs 

g = acceleration of gravity. (At 40° 
latitude is taken as approxi- 
mately 32.2 ft/sec/sec) 

then M = W/g 

Eocample: If air weighs 0.07651 Ib/cu ft at standard sea-level pres- 
sure of 14.7 Ib/sq in. and temperature of 59° F, and the acceleration 
of gravity at standard conditions as referred to above, then 

‘ M = W/g 

-or, mass of air at standard conditions = 0.07651/32.2 = 0.002378 
slug/cu ft. 

It is especially important that the student take special note of 
the example because the expression 0.002378 slug/cu ft is standard 
conditions for air and is used in many computations. 

[1 ] 



^ We are familiar with the second of Newton’s laws of motion, which, 
says that the force required to produce a change in the velocity of a 
body is proportional to mass of the body and the rate of change in 
velocity. In the form of an equation : 

F — MA where F = force in pounds 
M = mass in slugs 
A = acceleration in ft/sec/sec 

where acceleration is equal to a change in velocity per unit length of 
time. 

Example: A plane weighing 5000 lb is preparing to take off and is 
traveling now at the rate of 20 mph. What force is required to bring 
its speed up to 50 mph: (a) in 5 sec? (b) in 10 sec? Neglect fric- 
tion. (g = 32.2 ft/sec/sec.) 

Solution: M — W/g — 155.3 slugs (Change in velocity 50 mph — 
20 mph == 30 mph so 30 X (44/30) = 44 ft/sec) 

(a) Acceleration, a = 44 ft/sec in 5 sec = 8.8 ft/sec/sec. Force, 
F = Ma: 155.3 X 8.8 = 1367 lb 

(b) Acceleration, a = 44 ft/sec in 10 sec = 4.4 ft/sec/sec. Force, 

F = 155.3 X 4.4 = 683 lb 

Vectors, A measurement which has both direction and magnitude 
is a vector. Force, as referred to above, is always a vector quantity. 
In expressing the force, not only the magnitude but also the direction 
in which the force is acting must be stated. It may be said that a 
plane travels at a speed of 200 mph but this is not a vector quantity 
because no direction is given; however, when it is said that a plane 
moves northward at 200 mph, this can be represented as a vector 
because it denotes direction and velocity. 

The term resultant is actually the result of two or more forces that 
act simultaneously on a body. 

Eocample: A force of 8 lb is acting on a body toward the north and at 
the same moment a force of 6 lb is acting toward the east. 

Find the resultant force (magnitude and direction). (See Fig. I-l.) 

Solution: From A as the origin, plot the vector AB toward the 
north, 8 units long. Then from point A toward the east draw vector 
A C with magnitude of 6 units. Completing the parallelogram as in- 
dicated in Fig. I-l and drawing the resultant AD we find its force as 
10 units and direction 36° 52'. 

Likewise, one may have a resultant force from which he is able 
to plot a number of components as shall be seen later. Another- 
consideration is when two equal forces are acting opposite to each 
other. The resultant is, of course, equal to zero, or the body acted 
upon is said to be in equilibrium. 

In the case of an airplane in level, unaccelerated flight, the four 
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fundamental forces acting on the plane can be represented by vector 
quantities. Two of these vectors are lift and gravity. It can be seen 
at once that, if the plane is flying level, the two components, lift 
and gravity, are acting opposite to each other and the resultant is 



equal to zero; the airplane is neither climbing nor diving. In the 
same manner, if the plane is flying unaccelerated, the other two 
forces, thrust (propulsion of the propeller) and drag (for every action 
there is an equal and opposite reaction), are equal and opposite to 
each other and the two forces are said to be in equilibrium. There - 



Fig. 1-2. Equilibrium of forces ou airplane. 
13] 



fore, the resultant of forces acting on a plane in unaccelerated level 
flight are said to be equal to zero or in equilibrium. (See Fig. 1-2.) 

Moments, When a force is applied to a body and produces ro- 
tation around a given axis it is called the moment of the force with 
respect to the axis; the direction and amount of the moment depend- 
ing upon the direction of the force and its distance from the axis. 
The moment is the product of the forces and the moment arm ; the 
moment arm being the perpendicular distance from the axis to the 
point of applied force. For example, a force of 10 lb at a perpen- 
dicular distance of 2 ft from the axis produces a rotating moment of 
20 ft-lb. 

The convention of signs adopted in order to determine moments 
tending to produce rotation in opposite direction is from the N.A.C.A. ; 
those moments tending to generate clockivise rotation are called 
positive, those moments generating in counterclockwise direction 




^ f ^ 





^ A ^ 

'I* N, ‘ 



Fig. 1-3. Moments in equilibrium. 


negative. When the positive moments equal the negative moments 
(in other words, when there is no rotation) the algebraic sum of the 
moments is zero. This is expressed in the equation SAT = 0 which 
means the sum of all the moments, M, both positive and negative 
are equal. Calculating the moments about a point A (Fig. 1-3) : 

A : Ml acts in counterclockwise direction at a distance of 3 ft and 
a force of 1 lb = —3 ft-lb moment. 

M 2 = -4 ft-lb; ATa = -1 ft-lb; M^ = +8 ft-lb 
then Ml M 2 “h Mz “h M^ = — 3 — 4 — l-f"8 = 0 
or, using notation, 2Af = 0, 

It is apparent that all the moments are in equilibrium about axis, 
A, hence there is no rotation. 

With the above condition, there will be no rotation but unless 
the axis is supported by an 8-lb force upward opposite to the down- 
ward force of 8 lb there will be a downward movement. When the 



total vertical forces equal zero there is neither rotation nor transla- 
tion and the body is said to be in equilibrium. 

Conventional N.A.C.A. signs denote downward forces negative and 
upward forces positive. For vertical equilibrium, the algebraic sum 
of the vertical forces is zero. This is expressed by 2 F = 0. 

For a system of horizontal equilibrium the expression is 2// == 0. 
By vector analysis, forces at an angle can be resolved into vertical 
and horizontal components and again the conditions for equilibrium 
are: 

2/7 = 0, 2F = Oand 2M = 0 

The above conditions for equilibrium can be applied to an airplane 
in motion because of the fact that the original motion is not affected 
in any way by this superimposed system. 

Specific Gravity-Density . Specific gravity is the ratio of the weight 
of a solid or liquid to the weight of an equal volume of water at some 
standard temperature. The specific gravity of gases is usually 
referred to hydrogen as a base. The density of a body is mass per unit 
volume. 

D = M/V 

In the case of solids the ratio of mass to volume is not changed, 
which, of course, is not true in the case of gases. 

Suppose a balloon is filled with air to a volume of 6 cu ft. A 
definite quantity of air is said to be confined in the balloon. If the 
air is heated and the balloon is expanded to 12 cu ft, the volume will 
be doubled but the quantity of air confined in the balloon will remain 
the same. The density of the air now, however, will be one-half 
what it was before heating. If, however, the temperature is held 
constant and the volume is decreased to 3 cu ft, the density will be 
doubled. A combination of the two laws of gases, Boyle's law and 
Charles' law, gives the familiar expression for a given kind of gas 

PV/MT — R where P = pressure 

V = volume 
M = mass 

T = absolute temperature 
R IS di constant (depending on the gas) 

Standard Atmosphere. The density of air varies with the tem- 
perature, pressure, etc. The standard (N.A.C.A.) conditions are 
a barometric pressure of 29.92 in. (or 76 cm) of mercury and tem- 
perature of 59° F (or 15° C). As was pointed out before, ihtmass 
density (p = rho) of air is 0.002378 slug per cu ft. Air conforms to 
Boyle's and Charles' laws in that the volume of a gas varies inversely 
with pressure and directly as the absolute temperature. 
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PiVi __ P 2 V ^2 where Pi, Fi, Pi = pressure, volume and abso- 
Ti ~ P 2 lute temperature under 

standard conditions 

P 2 , F 2 , P 2 = other than standard condi- 
tions 

Weight density is the weight divided by volume. Therefore 
the density of air is increased by an increase in pressure, a decrease 
in volume, or a decrease in temperature. In a given volume, the 
density and specific weight of air vary directly as pressure and in- 
versely with absolute temperature. 

Pi _ P 2 ^ T\ where p (rho) = mass density of air at standard 

p ~ Pi ^ 7^ conditions 

Pi = mass density of air at some 
other condition 

Example: What will be the density of dry air if the pressure is 
22.34 in. of mercury and the temperature is 25° F? 

The absolute temperature (P) = 25° 459.4° = 484.4° F abs. 

p H" 90 51 X 4 

PI = p' X X p = 29 -;^ X X 0.002878 = 0.00190 slug/cu ft 

Eocample: What is the specific weight of dry air if the pressure is 
15.12 in. of mercury and the temperature is —15° F? 

PI = X X p = X X 0.002.378 = 0.00140 slug/cu ft 

Specific weight = p X g = 0.00140 X .32.2 = 0.0451 Ib/cu ft 

Problems 

1 . What is the density of dry air if the pressure is 28 in. of mer- 
cury and the temperature is 60° F ? 

2. Find the specific weight of dry air if the pressure is 19 in. of 
mercury and the temperature is 0° F ? 

3. Find the density of dry air if the temperature is 20° C and the 
pressure is 30 in. of mercury. 

4. What is the density of dry air if the temperature is — 10° F and 
the pressure is 20 in. of mercury? What is the specific weight? 

Atmosphere. It is essential for the student of aeronautics to be 
somewhat familiar with the atmosphere and its composition. The 
air is often referred to as a perfect fluid. Air is a gas. It is a physical 
mixture, not a compound. 

The earth's atmosphere at sea level has the following percentages 
by volume of these gases: (a) Nitrogen — 78.08; (b) Oxygen — 20.94; 
(c) Argon — 0.94; (d) Hydrogen — 0.01; (e) Neon^ — 0.0012; (f) He- 
lium — 0.0004; (g) Carbon Dioxide — 0.03. 

Water vapor is always present in the atmosphere, the amount 
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varying with the temperature and other factors, but averaging about 
1 .2% at the earth’s surface. 

Up to altitudes of 50,000 ft movements caused by high- and low- 
pressure areas and the rotation of the earth will be found. These 
currents tend to keep the air in a homogeneous mixture. 


TABLE I 

ALTITUDE-PRESSURE- DENSITY RELATION BASED ON N.A.C.A. NO. 218 


Altitude 

Temperature 

Pressure 




(ft) 

(°F) 

(in Hg) 

p 

p/po 

Vpo7p 

0 

59.0 

29.92 

0.002 378 

1.000 

1.000 

1000 

55.4 

28.86 

0.002 309 

0.9710 

1.0148 

2 000 

51.8 

27.82 

0.002 242 

0.9428 

1.0299 

3 000 

48.4 

26.81 

0.002 176 

0.9151 

1.0454 

4 000 

44.8 

25.84 

0.002 112 

0.8881 

1.0611 

5 000 

41.2 

24.89 

0.002 049 

0.8616 

1.0773 

6 000 

37.6 

23.98 

0.001 987 

0.8358 

1.0938 

7 000 

34.0 

23.09 

0.001 928 

0.8106 

1.1107 

8 000 

30.6 

22.22 

0.001 869 

0.7859 

1 . 1280 

9 000 

27.0 

21.38 

0.001 812 

0.7619 

1 . 1456 

10 000 

23.4 

20.58 

0.001 756 

0.7384 

1 . 1637 

11 000 

19.8 

19.79 

0.001 701 

0.7154 

1.1822 

12 000 

16.2 

19.03 

0.001 648 

0.6931 

1.2012 

13 000 

12.6 

18.29 

0.001 596 

0.6712 

1.2206 

14 000 

9.2 

17.57 

0.001 545 

0.6499 

1.2404 

15 000 

5.5 

16.88 

0.001 496 

0.6291 

1.2608 

20 000 

-12.3 

13.75 

0.001 267 

0.5327 

1.3701 

25 000 

-30.1 

11.10 

0.001 065 

0.4480 

1.4940 

30 000 

-48.1 

8.88 

0.000 889 

0.3740 

1.6352 

35 000 

-65.8 

7.04 

0.000 736 

0.3098 

1.7961 

40 000 

-67.0 

5.54 

0.000 582 

0.2447 

2.0215 

45 000 

-67.0 

4.36 

0.000 459 

0.1926 

2.2786 

50 000 

-67.0 

3.44 

0.000 361 

0. 1517 

2.5674 


The air in the atmosphere near the earth’s surface is compressed 
by the weight of the air above it. Hence, the higher the altitude 
the less pressure, because there is less air above it to cause pressure. 

The lower region of the earth’s atmosphere is called the troposphere. 
In the troposphere temperature decreases with altitude, winds may 
blow in any direction and, since moisture is present, clouds are 
found. The upjier region of the earth’s atmosphere is called the 
stratosphere. The stratos[)here contains the so-called isothermal 
region where the temperature remains constant. In the troposphere 
the temperature decreases with altitude but it decreases to ap- 
proximately — 67° F in the stratosphere, and remains practically 
the same. In the stratosphere, there is no dust or alkali and no 
moisture is present. Without these condensation nuclei no clouds 
can be formed. 

The dividing line between the troposphere and the stratosphere 
is called the tropopause. The altitude of the tropopause varies with 



the regions. It is 56,000 ft in the Tropics, about 38,000 ft over the 
United States, and about 28,000 ft in the Polar Regions. 

Effect of Humidity, Students of physics will be familiar with 
the terms humidity and dew point. Although the atmosphere prac- 
tically always has some moisture present, the standard atmosphere 
which has been adopted is assumed to be perfectly dry. 

Water vapor is lighter in weight per unit volume than air; under 
standard conditions (29.92 in. pressure and 59^ F temperature) its 
density is approximately 0.001476 slug per cu ft. Its density ratio 
is 0.001476/0.002378 or approximately 5/8 of the density of air. 
The portion of the atmosphere that is water vapor weighs 3/8 
less than if it were dry air. By the theory of partial pressures, the 
weight of a cubic foot of moist air equals the weight of dry air plus 
the weight of the water vapor. 



1 

THE AIRFOIL 


Students of aeronautics sometimes overlook the fact that air has 
weight and inertia. The blanket of atmosphere around the earth 
weighs about 6 million, billion tons. On a cold day a cube of air one 
city block on each side weighs over 8 million lb. The weight of a 
given volurqe of air varies considerably with temperature and pres- 
sure, as discussed in the Introduction. 

Because of its weight air possesses inertia, which causes it to resist a 
change in direction and also changes in speed. When a mass of air is 
made to change its speed or direction or both, an acceleration takes 
place and sl force is evolved. A fast transport plane influences more 
than 125 tons of air each second when flying at 250 mph. 

If a moving mass of air is considered to be a concentration of solid 
particles striking an inclined plane, the idea of impact force can be 
clearly understood. In reality, air consists of tiny particles (mole- 
cules) which create a reactionary force in the same manner as solid 
particles striking a surface. In addition to the impact force, the air 
which is a gaseous fluid, obeying laws of fluid flow, creates a force on 
the upper surface of an airfoil. An airfoil is any surface, such as an 
airplane wing, aileron, or rudder, designed to obtain a useful reaction or 
force from the air through which it moves. 

The flat airfoil develops lift by imparting a downward momentum 
to the air. The sustentation is the result of inertia force on the lower 
surface, which force is created by deflecting air downward (for every 
action there is an equal and opposite reaction). 

Cambered Airfoils are those which are curved in cross section as 
shown in Fig. 1-1. They are described by giving the coordinates of 
points along the upper and lower surfaces, the leading edge or the 
projection of the leading edge on the chord line being taken as the 
origin. These coordinates will be given in percentages of the chord 
length. 

The three particular dimensions that are important are : 

1. The position, x/c, of the maximum value of a/c, called the 
position of the maximum ordinate. 

2. The maximum value of a/c, called the amount of upper camber. 

3. The maximum value of b/c, called the amount of lower camber. 

4. The maximum value of m/c, called the camber of the mean line. 

[ 9 ] 



In variations of these quantities and different combinations thereof, 
a basis has been made for a large amount of wind-tunnel research in 
an effort to obtain the most effective airfoil section for airplanes. 

The early usual method of designing an airfoil was to draw a section 
that “looked good” and then test it in the wind tunnel y making subse- 
quent modifications to improve a section that gave promising results 
in an earlier test. 

This procedure has been practically eliminated by a series of tests 
by the N.A.C.A. at Langley Field, Virginia, which showed a system- 
atic variation with thickness ratio of the section. 

Figures 1-2, 1-3, 1-4 (RN 460, 537, 586, and 610) show the deriva- 
tions of the profiles by changing systematically these shape variables. 



o/e, upper camber 
bfe, lower camber 
m/c, mean camber 
e, chord length 


d, mean line of the airfoil profile 
ct4, aerodynamic center (quarter. 

chord point) 

/, profile thickneta 


Fig. 1-1. Dimensions of an airfoil profile, N.A.C.A. 


The symmetrical profiles were defined in terms of basic thickness 
variation, symmetrical airfoils of varying thickness being obtained by 
the application of factors to the basic ordinates. The cambered pro- 
files were then developed by combining these thickness forms with 
various mean lines. These mean lines were obtained by varying the 
camber and the shape of the mean line to alter the position of the 
maximum mean-line ordinate. In the N.A.C.A. reports, the maxi- 
mum ordinate of the mean line is referred to as the camber of the air- 
foil, and the position of the maximum ordinate of the mean line as the 
position of the camber. An airfoil, as described above, is usually 
designated by a number consisting of four digits: 

The first indicates the camber (maximum ordinate of mean line) in 
, percent of the chord ; 

HO 1 


The second, the position of the camber in tenths of the chord from 
the leading edge; 

The third and fourth, the maximum thickness in percent of the 
chord. 

For example: The N.A.C.A. airfoil 6512 has a maximum camber 
of 6% of the chord at the position 0.5 of the chord from the leading 
edge, and a maximum thickness of 12% of the chord; the N.A.C.A.* 
0009 airfoil is a symmetrical airfoil having a maximum thickness of 9% 
of the chord. The N.A.C.A. 24012 has a camber of approximately 
2% of the chord (see Table I) at 0.2 of the chord from the leading edge 
and a thickness of 12% of the chord. Note that airfoils such as 
N.A.C.A. 2212 and the N.A.C.A. 24012 have practically the same 



HACA. 25012 


Fig. 1-2. Airfoil families with maximum camber unusually far forward. 

camber, camber position, and thickness; however, the shapes of the 
mean camber lines, designated by the digit 2 in one case and 40 in the 
other, are entirely different. 

The airfoils designated by the four- and five-digit numbers have 
only one form of thickness variation. Changes in the form of the 
thickness variation made by altering the leading-edge radius and the 
position of the maximum thickness have been designated by append- 
ing two additional digits (see N.A.C.A. Technical Report No. 610) 
and are separated by a dash from the basic airfoil designation. The 
first of these two digits indicates the relative magnitude of the leading- 
edge radius and the second indicates the position of the maximum 
thickness in tenths of the chord from the leading edge. The signifi- 
cance of the leading-edge radius designation is given below: 

111 ) 


0 designates sharp leading edge, 

3 designates V 4 “nomial leading-edge radius, 

6 designates normal leading-edge radius, 

9 designates three or more times normal leading-edge radius. 


0006 



0012 


esooe 



23012 "13012 



0015 



ooia 



0021 



23015 


23018 



23021 




43021 



2S012 



54012 


0012-63 

0012-64 


0012-65 


^ 

23012-33 


23012-34 


G- 

23012-64 



«oie-A 


Fig. l-3a. 



►il profiles. 



63012 



63021 



64021 


That is, the N.A.C.A. 0012-64 is a symmetrical airfoil having a 
normal leading-edge radius and the maximum thickness at 0.4 of the 
chord from the leading edge. The N.A.C.A. 24012-33 has the same 
mean line and thickness as the N.A.C.A. 24012 but has a leading-edge 
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NACA 
0009 , 


rhicknehi, 


Comber shape 


0012 


0015 


00 1 8 


oota 


P4ia 


44l^ 


6412 


4409 


4412 


44/5 


83/8 


23012 


£30/2-33 


Fig. 1 
tions, 





-3b. Airfoil sections employed for the scale-effect investigation. The sec- 
except for the slotted Clark Y, are members of N.A.C.A. airfoil families. 














radius V 4 the normal and the maximum thickness at 0.3 of the chord 
from the leading edge. Figure 1-2 shows a family of related airfoils 
that have the position of maxithum camber unusually far forward. 
These airfoils gave unusually improved characteristics over those 
previously investigated, especially in regard to the pitching moment 
that will be discussed in a later chapter. 

The investigation of a family of related airfoils, in N.A.C.A. Tech- 
nical Report No. 460 (Fig. 1-2), indicated that the effects of camber in 
relation to maximum lift coefficients were more pronounced with air- 
foils having the maximum camber forward or back of the usual posi- 
tion of Vio to ^/lo of the chord. However, no attempt was made to 
test airfoils having extreme camber positions, because of the adverse 
pitching moment that undoubtedly could be expected. 

A recent investigation of related airfoils. Fig. 1-4, indicated that if 
the position of maximum camber was made forward of the usual loca- 
tion, an increase of the maximum lift coefficient resulted. This 
series of forward-camber airfoils, which have been developed, shows 
airfoil characteristics superior to those tested previously. 

With this type of report, in the useful range of shapes, a designer 
may select the best possible airfoil-section, and may predict to a 
reasonable degree the aerodynamic characteristics to be expected in 
flight. 

Reynolds Number and Dimensional Relations. The only dimensions 
which appear in any branch of dynamics are Mass (Af), Length (L), 
and Time (T). At this time, it seems appropriate to introduce an 
expression that includes these important dimensions. Expressing a 
factor of the resistance encountered by a solid moving through a real 
fluid: 

Reynolds Number (RN) = / (function of) (F, p, p, L) 

where V = the speed of the relative motion between the solid 
and the fluid 

p (rho) = the density of the fluid 

fjL (mu) = the coefficient of viscosity of the fluid 

L == some linear dimension of the streamlined body 


Speed of the relative motion may be expressed in terms of dimen- 
sions : 


V = 


d 

t 


distance 

time 


= ^; p = density 


mass 

volume 


M 


p == coefficient of viscosity = 


slug _ M 
ft-sec LT' 


L = length of body = L 


Evaluating these in the following way we have: 

_ JL M M A 
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Supplying each of these factors with an exponent we have : 


p .(^y; ^ - (^y. L- . I-' 


We have then : 




Collecting exponents for each : 

L: X — 3y — 2 — 1 = 0 
y + 2 = 0 
T: —X ~ 2 = 0 

then: x = —z; y — — 2 . Therefore: x = y. 

Substituting these values in the expression x — 3y — 2 — 1 = 0, we 
find 


X = — 1 , then y = ~ 1 and 2=1. 

Then substituting these values in their proper places : 

Therefore we may say: 

RN (Reynolds Number) = ^/pVL 

The N.A.C.A. uses a value of 3.73 X 10“^ for coefficient of viscosity of 
air at 15° C. Except for extreme high and low pressure the coeffi- 
cient of viscosity, is independent of pressure. 

The kinematic viscosity, v, is the ratio of the coefficient of viscosity, 
/i, to the density of air. 

v(nu) = m/p 

Substituting this value in the above expression for Reynolds Number, 
we find a more familiar expression, 

RN (Reynolds Number) = = — 

p VLi M 

Osburne Reynolds, an English physicist, made an extensive study of 
flow in pipes. He found that at low speeds the flow was smooth, but 
at high speed the flow was turbulent. He found experimentally that 
for values of RN (Reynolds Number) less than what is called the 
critical RN, the flojv was laminar or smooth; for greater than the 
critical RN, the flow was turbulent. 
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Forces on Bodies. Consider now the study of forces evolved from a 
body of air moving with a velocity, V, striking a solid body, 5, Fig. 
1-5. 

If a moving stream of air is caused to change speed, a force is re- 
quired. If a stream of air is .S sq ft in cross-sectional area, and is 
moving at a velocity of V ft/sec, then, at any j)oint, P, a body of air, 
5F cu ft, is moving past point P, every second. As mentioned, if 
p (rho) is the mass of air in slugs per cu ft, a total mass of pSV slugs 
is moving past the point, P, every second. If, in some way, the 
velocity is changed to another velocity in the same direction, a force 
is required to do this work. If this stream of air strikes against a 
wall so as to lose all of its velocity, by definition, it may be called 
acceleration (change of velocity per unit length of time). In other 
words, acceleration is, in unit time, 

^ ^ ~ where V — initial velocity 

t Vf “ final velocity 

(Ft. = 0) 
t ~ unit time 

therefore a = F 

The wall would exert a force (P = 
mass X acceleration) of — pS 1 the 
minus sign denoting a force opposite 
in direction to the initial velocity, 

F. Actually, this theoretical value 
for force is not entirely true because 
of some disturbance at the face of 
the plate, due to the pocketing of 
the air before it is allowed to escape. 

Wind-tunnel experiments show that 
it is necessary to multiply the result 
by a correction factor of, roughly, 

0.64. Then to express the pressure 
on a flat plate normal to the wind: 

Pn (pressure in lb) = 0.64 p5F‘^ 

where p = slugs per cu ft 
5 = area sq ft 
F = velocity in ft/sec 



Fig. 1-5. Force of a body of 
moving air striking a flat plate. 


But, by definition of the kinetic energy of a cu ft of air moving at a 
velocity, F ft per sec, 

2 2 
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We find the usual expression for force or pressure: 

P = 1.28 p/2 SV'^ 

In this expression it is found that for airspeed in mph it becomes 
J. . 1.2, X “5133 X 5 X (f X ly 

where p = 0.002378 slug/cu ft at standard conditions 

Example: A 35-mph wind is blowing against a plate-glass window 
5 ft by 7 ft. If atmosphere is normal density what will be the force 
exerted on the window? 

Solution: 

p = 0.00327 sr^ 

= 0.00327 X o X 7 X (35)“' 

= 140 lb 

Example: If the 2 ft X 3 ft door of an automobile is suddenly 
opened, normal to the direction of movement, what will be the force 
in pounds on the door if the automobile is traveling at 85 ft per sec? 

Solution: 

F = 0.00327 SV^ 

- 0.00327 X 2 X 3 X 
= 113.7 1b 

Problems 

1 . ' Find the total force in pounds of a oO-mph wind on a signboard 
12 ft by 24 ft. 

2. What force is required to move a 1 ft by 2 ft flat plate at a 
speed of 30 mph in a direction perpendicular to its surface? 

3. What force is required to pull an airplane (with an equivalent 
flat plate area, E.F.P.A., of 4sqft) through the air at 120 ft per sec? 

Bernoulli's Theorem of fluid flow states that when a fluid flows 
steadily through a pipe of varying cross section, the total energy (the 
ability to do work) remains constant. Considering the interior of the 
pipe as frictionless, energy may be found in three forms : 

The energy due to static pressure, p; 

The energy due to height or position, wz; and 
The energy due to motion (kinetic), wV^/2g. 

Bernoulli’s theorem for incompressible fluids in motion in a pipe is that 
a given weight (ITlb) of fluid, with a specific weight of w lb per cu ft, 
moving with a velocity, V ft per sec, at a height z ft above some 
horizontal reference plane, and under a pressure of p lb per sq ft, has a 
constant energy value. Stated mathematically: 

WV^ Wp 

. ^ ^ ppg ~ a constant value 

2g w 
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The term. WV^/2g may be written as which is the familiar 

expression of kinetic energy of the moving mass; the second term 
Wp/w represents the pressure energy; and the third term, WZy the 
potential energy. Dividing each term by W and multiplying each by 
Wy the equation becomes 

wV^ 

+ p + wz — another constant 


If the fluid is air, the symbol p may be used for the mass density. 
The symbols V and p are the velocity and pressure, respectively, at 
any point in the pipe, and the air is considered as incompressible. 
Then for horizontal flow (2 = height = constant) : 


— + = 


— h p2 


where V = yelocity in ft/sec 
p = pressure in Ib/sq ft 

Eocample: A horizontal water pipe is reduced in size from 24 in. 
diameter at a point A to 12 in. diameter at B. The flow in the pipe 
is 20 cu ft/sec, and the pressure at A is 20 lb per sq in. If it is as- 
sumed there is no loss in energy due to friction, what is the pressure 


Solution: 

Vi (at i4) ~ ~ ft/sec 

7r( i) 

F, (at B) = = 25.5 ft/sec 

pi (at ^) = 20 X 144 = 2880 Ib/sq ft 


wV\^ wV2“ 

Then substituting in the formula A- p\ = + P 2 


62.4 X (6.35)2 
64.4 


28S0 


62.4 X (25.5)2 
64.4 


+ p2 


p2 = 


62.4 X (6.35)2 
64.4 


-f 2880 - 


()2.4 X (25.5)2 


64.4 


p 2 (pressure at B) = 15.0 lb per sq in. 

Therefore the pressure at B is less than A , since the fluid is re- 
stricted to a smaller cross section at that point. The above example 
may well be applied to any fluid so far as the increase of velocity and 
decrease of pressure is concerned. 

Bernoulli's theorem may be written in another form: 


p = constant ^ 



The constant is considered as large and positive. With the above 
expression, the theorem states that: 

Where the velocity is hi^h, the pressure is low. 

Where the velocity is low, the pressure is high. 

Problems 

1. The flow in a water pipe where the potential energy, due to 
height, is constant, is 10 cu ft/sec. If the pressure is 20 Ib/sq in. 
where the diameter is 18 in., what will be the pressure at a point where 
the diameter is 6 in.? 

2. If air flows through a pipe (horizontally) at the rate of 1000 cu 
ft/sec and the pressure is 28 Ib/sq in. where the diameter is 3 ft, what 
is the pressure where the diameter is 2 ft? 

3. If the pressure energy is constant while water is flowing through 
a pipe that is 1 ft in diameter at point A and the flow in the pipe is 
25 cu ft/ sec, what is the pressure at B if the diameter is 6 in.? (The 
pressure at A is 25 Ib/sq in.) 

Streamlines are those lines the tangent to 
which, at any point, is the direction of the 
velocity at that point. A steady stream of 
air may be conceived as consisting of a num- 
ber of particles moving in the same direction. 
The path of these particles is called a stream- 
line. In steady flow, the shapes of the 
streamlines do not change because they are 
independent of time. If the shapes of the 
streamlines are continually changing, the 
flow is not laminar. 

It would be impossible for two streamlines 
to cross because that would mean that two 
particles occupy the same space at the same 
time. 

If the flow of any one streamline is such that the flow is in one plane 
and all other individual streamlines are entirely in that same place, or 
in a parallel plane, the flow is considered two dimensional. For this 
particular type of airflow, the pattern of the streamline shapes is 
identical in the entire series of parallel planes. 

A streamline must be infinite in length, i.e., it must be continuous 
or must form a closed path. Figure 1-6 shows a stream tube of air . 
where the cross-sectional area, ^i, is shown in an enclosed path. The 
smaller cross section, ^ 2 , is joined with the former by streamlines that 
are parallel to each other and in the same plane. Directly applying 
Bernoulli’s theory to this introduces the idea of conservation of energy 
in that, regardless of varying the cross-sectional area, the energy value 
is constant at any point. 
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Streamline Flow over Airfoils. With Bernoulli’s theory in mind, it 
is interesting to examine Fig. 1-7. The free air velocity, Fo, is taken 
to be normal density. In the various smoke tunnels, photographs 
have been taken which have shown the figure referred to as conform- 
ing closely to actual conditions as far as the streamlines are concerned. 

It has been proved theoretically that, if the streamlines are shown 
closer together, the velocity is greater and the pressure less. If, from 
the free air position at A and A', the pressure is normal and the 
streamlines have a definite spacing then, wherever any separation 
occurs, there would be assumed a decrease of velocity and increase of 
pressure. Applying Bernoulli’s theorem in Fig. 1-7 


then 

also 


pFo^ , . pF^^ , . 

2“ 

Pi = po-^(vr- - vv) 


pl'o' ^ plV, ^ 


P2 = Po + ^{V,^ - F 22 ) 


p2- pl = ^ (FF ~ V2^) 



Fig. 1-7. Streamline flow over an airfoil. 


It is evident that with the pressure at Fo being atmospheric, the 
pressure, pi, is less than atmospheric and the pressure, p 2 , is greater 
than atmospheric. The difference between the pressure on the lower 
camber and pressure on the upper camber {p 2 — pi) depends on the 
difference in the airspeeds over the top and bottom of the airfoil. 

Hydrodynamic Theory of Lift. In explanation of Bernoulli’s theory, 
it has been clearly demonstrated that there exists on the upper camber 
of the airfoil a low-pressure area, and a relatively high-pressure area 
on the lower camber. 



^leteorological studies have established that high- and low-pressure 
areas exist over the earth and that the presence of a low-pressure area 
adjacent to a high-pressure area induces a circulation of the air from 
high to the low. 

Many smoke tunnel tests show that there exist on the trailing edge 
of the airfoil small vortices which break off and remain in the air as the 





Fig. 1-8. Circulatory flow. 

airfoil passes (seeTig. l-8a). The trailing edge vortices act as a gear 
to set up a counter-circulation around the airfoil (see Fig. l-8b), and 
these vortices increase in strength until the flow off the trailing edge is 
smooth. This action is set up very rapidly after the airfoil begins to 
move through the relative wind. The complete mathematical ex- 
pression lies in the assumption that such a circulation gives the condi- 
tion satisfying Bernoulli’s theorem, in that the circulatory velocity, 
Ve, is subtracted from the velocity on the lower camber and added to 
the velocity over the upper camber. 

The Centrifugal Force Idea of Lift. Figure 1 -9 shows that there is 
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defiliitely a change in the direction of the air over the upper and lower 
camber of the airfoil section. Actually the path of the air over the 
upper surface is curved and is deflected downward. The curved path 
of the air over the upper camber gives, at once, the idea of centrifugal 
force which tends to sling the air away from the surface. This action 
is sometimes thought of as causing a vacuum on the upper camber, 
and actually the airfoil has been found experimentally to produce 65% 
or more of its total lift from the upper camber. 

Other theories embrace the idea that, as the airflow over the upper 
camber moves toward the trailing edge, there is imparted to the air a 
downward acceleration, i.e., the air leaving the trailing edge has a com- 
ponent of velocity that is vertically downward in direction. The air- 
foil imparts a downward momentum to the air through which it 
passes and, as a result, a lifting force is created (for every action there 
is an equal and opposite reaction). 



Fig. 1-10. vStagiialioii point. 


Air-Particle Theory, This can best be demonstrated by the idea of 
two particles of air, A and B, at the leading edge of an airfoil. Consid- 
ering these two particles relatively vertical to each other, the airfoil 
is pulled through these particles and particle A is given the path over 
the top of the airfoil, while particle B travels the underside. In order 
to conserve the idea of relativity between the fluid and body, it must 
be true that, at the trailing edge of the aiti'oil, these two particles must 
meet again at their original position. It is evident that it was neces- 
sary for particle A to travel the greater distance in the same length of 
time. Therefore its velocity must have been greater. This idea 
coincides nicely with Bernoulli’s theory which states that “the higher 
the velocity the less the pressure.” 

Boundary Layer. If air flows with a velocity V around a stationary 
body, there is immediately adjacent to the surface a layer of air 
which has zero velocity. This is sometimes referred to as the “stag- 
nation point.” (See Fig. 1-10.) A short distance away, however,, 
the air has its full velocity of V. Now consider a portion of the body 



at a point AS, Fig. 1-11/ with a mass of air with velocity, V, acting at 
this point. As has been seen earlier, there must be a reaction such as 
force AF. This force can be resolved into two other forces AFtan and 
^^nor> the tangential and normal forces, respectively. It must be 
kept in mind that the AS is infinitely small and the area AS is con- 
sidered as a flat, smooth surface. By definition of stress (force per 
unit area), AF^^J AS is the tangential stress, better known as the 
shearing stress between two layers of air. This shearing stress is also 
referred to as skin friction. The normal stress at the surface would be 
AFnor/ AS and since the air is considered a perfect fluid the shearing 
stress is considered zero. The zone in which the velocity varies from 
zero to V is called the boundary layer. In the main airflow at a short 
distance from the surface, all of the particles have practically the same 
velocity and therefore there is little or no shearing stress between lay- 



Fig. 1-Tl. Force components on a surrace clvinenl. 


ers of air. The viscosity of the air, then, would have no bearing and 
in aerodynamics air may be treated as a perfect fluid, i.e., one having 
no viscosity. In the boundary layer, with its differences in velocity, 
viscosity is important in measuring the turbulence of the fluid flow. 
Here the value of the critical Reynolds Number carries such great 
weight in determining whether or not the flow is laminar or turbulent. 

Scale Effect. Referring to an earlier discussion, Reynolds Number 
is 

RN = VL/v 

where V = the relative velocity between the body and the fluid 

L = the length in ft of the body, usually the chord of the airfoil 
V = the kinematic viscosity of the fluid 

* Reprinted by permission from Aerodynamics of the Airplane by C. B. Millikan, 
published by John Wiley and Sons, Inc. 
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In the study of aerodynamics the RN is important in that the rela- 
tion of VL must be the same to compare the flow of air at different 
speeds around objects of varying size. A study of Fig. 1-12 will 
bring out clearly the idea of geometrically similar flow. The flow of 
air around object l-12a would change to a flow like that of l-12b if 
the velocity of air was increased. If the velocity of flow were the 
same as l-12a and the size of the object were increased, the flow would 
be as shown in l-12c. By decreasing the velocity in an inverse ratio 
to the increase in size, in other words, keeping the VL the same, the 
flow would be as shown in l-12d. Keeping the VL the same, the 
flows are said to be geometrically similar. The expression (RN = 
pVL/fl) is now so familiar that it will be understood that, with the 
size of the object in Fig. l-12a and speed of flow were the same, if the 
deiivsity of the air increased, the flow would be changed to a flow re- 





Fig. 1-12, Geometrical similar flow. 


sembling that in Fig. l-12b, i.e., the numerator pVL of pVLfp. would 
be increased. Also a decrease in the coefficient of viscosity {p) would 
have the same effect on the shape of the flow as an increase in velocity 
or density. 

This is a way of saying that if the RN is the same, then the flows 
will be geometrically similar. If two bodies of different sizes have 
the same geometrical flow at corresponding points in the two flows the 
shape of flow and the direction of the streamlines will be the same and 
the forces generated will have the same ratio to each other. 

The idea of geometrically similar flow is most important in airplane 
design because the use of the wind tunnel is essential. Models of 
wings or complete model airplanes may be tested in the wind tunnel, 
and the tesults of such tests may be used in the computation of the 
performance of the full-size airplane, provided the RN of the model is 
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the same as the RN of the airplane. The costs of testing full-size 
wing models would be prohibitive. 

Since the models are small in size, compared with actual wings, in 
order that the RN be of the same magnitude as the RN of the actual 
wing, it is evident that the velocity or the density of the air must be 
increased in the same ratio of the decrease in size. 

Example: It is proposed to find the probable lift and drag of an air- 
foil whose span is 100 ft and whose chord is 5 ft. The cruising 
speed is to be 100 ft/sec and is to be operated at sea level. 

Solution: In computing the RN, velocity (F) must be in ft/sec; 
a linear dimension of the object (L) must be in feet (for wings the 
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Fig. 1-13. Sectional elevation of variable density wind tunnel. 


length of the chord may be used for this dimension). When the test 
is carried out under standard conditions as suggested (59° F and 29.92 
in. mercury) the density of air (p) is 0.00287S slug/cu ft and the co- 
effici^t of viscosity (ju) is 0.000000373 slug/cu ft. 


Then 



0.00237S X 100 X 5 
0.000000373 


3,150,000 


A wind-tunnel model geometrically similar to the full-scale airfoil 
must be made. The dimensions of the model are : span 10 ft, and 
chord 0.5 ft. In order that the RN of the model in the test will be the 
same value desired above, it will be necessary to increase the velocity 
in the same ratio, i.e., to have a velocity of 1000 ft/sec, or decrease the 
value of the kinematic viscosity to Vio of that at sea level. It will be 
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Fig. 1-14. Floor plan of variable density wind tunnel and equipment. 







seen at once that a velocity of 1000 ft/sec is highly impracticable; 
therefore a reduction of the kinematic viscosity is inevitable. 

Remember the kinematic viscosity, equals ii (coefficient of vis- 
cosity) divided by p (mass density of air). Since the coefficient of 
viscosity (p) is independent of pressure, to reduce to 1/10 its value 
at sea level it is only necessary to increase the density (p) ten times. 

This is the reason for the use of the variable-density wind tunnel. 
The N.A.C.A. has installed at Langley Field, Virginia, a variable- 
density wind tunnel in order to cope with this situation. See Figs. 
1-13, 1-14. In the N.A.C.A. variable-density wind tunnel, tests are 
often run at a RN in excess of 3,000,000 and pressures greater than 20 
atmospheres. Under these conditions wind-tunnel tests show ex- 
cellent agreement with actual flight conditions; without such tests 
it is possible to come fairly close to the actual flight conditions from 
the experimental data, by using approximate curves of coefficient 
variation plotted against the RN. 

It must be understood that the 
characteristics of the airfoil plotted 
against RN do not produce smooth 
curves. The only reliable predic- 
tion of full-scale perfonnance can be 
obtained from a scale model in a 
variable-density tunnel where the 
density (p) can be increased to pro- 
Fig. 1 - 15 . Angle of attack. duce a RN that agrees with that of 

the full-scale wing. 

Problems 

1. Find the RN for an airplane wing of 5-ft chord, at 130 mph at 
standard conditions. 

2. What is the RN for an airplane wing with 4 ft-G in. chord mov- 
ing 200 mph through standard air? 

3. With air under standard conditions throughout, find the veloc- 
ity at which a wind-tunnel test should be run on a model wing of 6-in. 
chord in order that the RN shall be the same as for a wing with a 6-ft 
chord at 100 mph. 

4. Using a variable-density wind tunnel, under what pressure 
should tests be run on a model of 4-in. chord, air velocity 50 mph, in 
order that the RN shall be the same as for a full-size wing of 4-ft 
chord at 90 mph? 

Relative Wind. Before anything further can be said about forces 
on an airfoil, it must be understood that relative wind is in the direction 
opposite to the motion of the airfoil. If the airfoil is moving hori- 
zontally forward, then the relative wind is horizontally backward. 
Likewise, if the airfoil is moving forward and upward, as the plane is 
climbing, the relative wind is downward and backward. 
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Angle of Attack is the angle the wing chord makes with the relative 
wind. (See Fig. 1-15.) 

Forces on an Airfoil. The air striking an airfoil exerts a reactionary 
force on each little portion AS of the airfoil section. This pressure is 
considered positive if it is greater than atmospheric, and negative if less. 
(See Fig. 1-16, top.) 

The air will flow smoothly over the upper surface at small angles of 
attack. This parallel motion of the molecules over each portion of 
the surface produces a force perpendicular to the surface. If the mo- 
tion is not parallel, but toward the surface, the reaction will be a 
positive impact pressure sometimes referred to as “velocity head.” 
(See Fig. 1-16, middle.) 



As the angle of attack, a, is increased the streamlines have a longer 
path to follow and therefore the velocity of the air over the top must 
increase. According to Bernoulli’s theorem, an increase in velocity 
means a decrease in pressure, i.e.^ more lift or suction will be produced 
with an increase in angle of attack. However, it must be understood 
that as the angle of attack is increased still more, the air is unable to 
follow the upper surface, as this would require too great a change in 
direction. When the streamlines can no longer flow smoothly over 
the surface, they begin to break away at the trailing edge and cause 
“burbling.” This burbling will continue to become greater and will 
move forward if the angle of attack is increased more. 
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The burbling is actually the forming of small eddy currents which 
tend to stall the wing. Wherever burbling occurs, it indicates that 
the wing has lost most of its lifting action. (See Fig. 1-16, bottom.) 

It is interesting to note how the small lifting forces on the airfoil 
may be added vectorially (see Fig. 1-17), and one resultant and its 
position can be shown. 

The resultant force, at small angles of attack, is found to be back 
toward the trailing edge. As the angle of attack increases the re- 
sultant will move forward. The resolving of the lifting forces at each 
angle of attack will be different and the position of the resultant along 
the chord will be different. This position is called the center of pres- 
sure (C.P.) and will be discussed thoroughly later. 

Characteristics of an Airfoil. The four quantities in which a de- 
signer is interested are : 

Lift coefficient Lift/ Drag ratio 

Drag coefficient Center of pressure position 




Fig. 1-17. Vector forces added to get resultant. 

When the experimenters in the wind tunnel have tested the airfoil, 
they may plot these “characteristics’" in several different ways. 
These plots are called the characteristic curves of an airfoil. The 
N.A.C.A. has prepared many interesting and informative data in the 
form of graphs and characteristic curves. (vSee Figs. 1-18 to 1-24.) * 

An examination of the characteristic curves for the various airfoils 
shows the lift coefficient, at most angles of attack, much larger than 
drag coefficients. The drag coefficients are plotted on a larger scale in 
order to be more easily read. 

From the angle of zero lift, the curve of the coefficient of lift is 
usually a straight line, Le., the slope is constant. The lift coefficient 
curve begins to deviate from a straight line at larger angles of attack. 
There is one angle of attack at which the lift curve attains a maximurh 
value. The angle at which this occurs is called the critical angle or the 
burble point. Usually the critical angle of attack is between 15"^ and 
20 '='. 




Fig. 1-18. Clark Y airfoil characteristics. 
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Angle of Attack versus Cl cind etc. The usual way of repre- 
senting the data for a specific test is the plots of Ci,, C/j, CJCd and 
C.P. against the angle of attack. See Fig. 1-18. 

Lift Formulas with Absolute Coefficients. There is a useful reaction 
generated by an airfoil moving through the relative wind, namely, 
lift. The formulas for lift with absolute coefficients, as used by 
N.A.C.A., are as follows: 

Lift = Coefficient {Cj) X V 2 mass density of air X area X (veloc- 
ity)*. 

Lift is in lb or kg. 

Density of air in slugs per cu ft or metric slugs per cu meter. 

Area is in sq ft, or sq m. 

Velocities are in ft/sec or m/sec. 

The expression for lift is usually found thus : 

Lift (L) = Cl p/2 SV^ = ClqS 

where q = pf 2 called dynamic pressure, expressed in Ib/sq ft. 

The expression dynamic pressure corresponds to the “velocity 
head” in hydraulics and is the pressure indicated by a pitot-static 
tube placed at the corresponding point in the airstream. This 
pressure is the pressure which would be indicated at the upstream 
side of a flat plate normal to the wind. It should be pointed out that 
the coefficients of C^, Cd, C v, are independent of the system of units 
whether English or metric, so long as consistent units are employed. 

Drag Formula with Absolute Coefficients. Designers must be 
interested not onlyin the lift of the airfoil but also the price they must 
pay for it : drag. Drag is the resistance encountered by a solid mov- 
ing through the air. It is extremely important in the calculation of 
the performance of a newly designed airplane and is always included 
with all of the aforementioned characteristic curves. 

In reality there are three different kinds of drag {profile, induced, 
and parasite drag) . When the total drag of an airplane is spoken of, 
all of these are referred to. 

The formula for wing drag is: 

D = Ci> p/2 SV^ 

where D = drag in lb or kg 

p = mass density of air in slugs per cu ft or metric slugs per 
cu meter 

S = area of wing in sq ft or sq m 

V = velocity ih ft/sec or m/sec 

In the Introduction an illustration of an airplane, in unaccelerated 
level flight, has the lift vector equal to the gravity vector, i.e., in 
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horizontal flight the weight of the plane equals the lift. If the lift is 
greater than the weight, the plane will rise; likewise, if the weight is 
greater the plane will lose altitude. Thus for horizontal flight: 

IT = Cjr, p/2 5F2 

where W = weight of plane in lb 
5 = area in sq ft (wing) 

V = velocity in ft/sec 

Hence, with a given airfoil at standard conditions, the lift on an 
airplane is dependent on two variables: the angle of attack and the 
velocity. With an increase of angle of attack, up to the stalling point, 
the lift will increase; and the lift will increase as the square of the 
velocity. 

Example: What is the required weight for an airplane to fly level 
with a Clark Y wing 250 sq ft in area, at 6*^ angle of attack and air- 
speed of 100 mph at standard sea level conditions? 

Solution: From Fig. 1-18, 

Cl, at 3° angle of attack = 0.79 

100 mph = 146.7 ft/sec 

0 002378 

w = 0.79 X V X 250 X (146.7)2 = 5050 lb. 

PVing Loading is another important factor in airplane performance. 
U is the ratio of the total weight of the airplane to the area of the 
wing {W/S)y and is expressed in pounds per sq ft. Then 

'-VI 

It can be seen now that, for a given angle of attack, the cruising speed 
depends on the square root of the wing loading. 

Example: If an airplane has a wing loading of 16 Ib/sq ft, and a 
Clark Y wing at 4^ angle of attack, find the required airspeed for 
level flight. 

Solution: From Fig. 1-l S at 4° angle of attack, — 0.649 


0.649 X 0.001189 
= 144.2 ft/sec 
= 98.3 mph 

Other variations of the lift equation may be ixsed. For example, for 
level flight it is easy to find the proper angle of attack for a certain 
given cruising speed and wing loading. 

Example: A plane with a wing loading of 9 Ib/sq ft and cruising 
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speed of 120 mph must fly at what angle of attack if designed with a 
Clark Y wing? 

Solution: 

Cj. 


Then in Fig. 1-18 is found for of 0.244 an angle of attack of 
-1.7^ 

Problems (Based on Standard Conditions) 

1. An airplane weighs 2000 lb and has a wing loading of 20 Ib/sq 
ft. Find the airspeed for level flight if the airfoil is operating at a 
value of Cl = 0.42. 

2. What is the wing loading of an airplane if the velocity is 100 
ft/sec, and Cl = 0.80? 

3. An airplane has a wing loading of 15 Ib/sq ft and is cruising at 
98 mph. What is the angle of attack of the Clark Y wing? 

4. Find the wing loading of an airplane flying level at 120 ft/sec 
and the Co = 0.04 for Clark Y. 

5. It is desired that a fighter plane be able to fly at GO mph in level 
flight. What should be its wing loading if a Clark Y wing is used at 
10® angle of attack? 

6. An airplane has a Clark Y wing 420 sq ft in area, and a gross 
weight of 7000 lb. If it cruises at 140 ft/sec, find the angle of attack. 

7. T wo airplanes are flying at the same value of lif t coefficient ( Cl = 
1.10). Airplane A has a wing loading of IG Ib/sq ft and airplane B 
has a wing loading of 9 Ib/sq ft. Which is the faster moving airplane ? 

Landing Speed. It is evident from the formula 



that with a given wing loading (fixed weight and fixed wing area), the 
lift coefficient varies inversely as the square of the velocity. At small 
angles of attack the velocity is great and at large angles of attack the 
velocity is less. So, the slowest velocity occurs when the lift coef- 
ficient is maximum. It follows that, when the airfoil is at the angle 
of attack for maximum lift coefficient, the stalling speed is reached. 
To land an airplane correctly, a pilot must stall the plane just before 
the wheels touch the ground. With this in mind, it is an easy matter 
to find the landing speed of any airplane. 

Example: Find the landing speed of a plane with a Clark Y wing of 
250 sq ft and gross weight of 2000 lb. 
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W 1 
~ 5 ^ V' 

= 9 X — 


0.001189 X ( 120 X 




= 0.244 



Solution: From Fig. 1-18 the height of the lift curve has a value of 
“ 1.56! 


V,. 



X p/2 


1 


1.56 X 0.001189 


= 65.9 ft/sec 
= 44.9 mph 


Sometimes in heavier airplanes, i.e.^ with greater wing loading, high 
lift devices are used which increase the maximum lift coefficient and 
allow lower landing speeds than could be obtained from a plain wing. 

Horsepower Required by Wing. Drag is the amount of force, in 
pounds, with which the wing resists forward motion through the air. 
Drag acts backward and is balanced by the forward thrust of the pro- 
peller. If the airplane is flying level at a constant airspeed, the 
horizontal forces of thrust and drag equal zero, i.e., they are in 
equilibrium. If the throttle is eased forward, the airspeed will in- 
crease and there will be an acceleration. Drag increases as the square 
of the velocity. Therefore, as the speed is increased the new velocity 
is reached and the total drag equals the thrust. There is still no un- 
balanced force and the airplane will fly at that new speed. 

If the throttle is closed slightly, there will be momentarily a de- 
celeration because of the greater backward drag. At a slower forward 
speed there will be a reduction of drag. The drag will again be equal 
to tlie thrust and equilibrium of the horizontal forces will result. If 
drag is expressed in pounds and the velocity in ft/sec, the product of 
the two will give the power required for the wing in ft-lb/sec. In 
other words, for a given airfoil at a fixed airspeed, it is possible to find 
the power required to move the wing through the air. By definition, 
one horsepower (HP) is equal to 33,000 ft-lb/min or 550 ft-lb/sec. 
Therefore the drag in pounds multiplied by the velocity in ft/sec and 
divided by 550 will give the HP required for the wing. 

Thus 




drag X velocity 
550 


where drag in lb; V in ft/sec 
and Drag = Cd pI 2 SV^ 

then //Preq 


CoP/2SV^ 
550 " 


It follows that the horsepower required to pull the wing through the 
air varies as the cube of the velocity. Economy of operation and per- 
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formance is of utmost importance to the commercial aircraft designer; 
An airplane should be as clean aerodynamically as possiblCy i,e., to cut 
down on the drag. 

Example: Find the drag of a Clark Y wing with a wing area of 300 
sq ft and an airspeed of 90 ft/sec at 8° angle of attack. What is the 
HP required? 

Solution: From Fig. 1-18 at 8° angle of attack Co = 0.06 

0 00*^378 

Drag = 0.06 X - X 300 X (90) -^ 


then 


= 173.41b 


//Pre. 


17 3.4 X 90 
550 


= 28.3 HP 


It is important to point out that the total HP required for the complete 
airplane will be considerably greater than for the wing alone because 
of the resistance of the fuselage, landing gear, etc., which will be 
studied in a later chapter. 


Problems 

1. Find the HP required by a Clark Y wing if the airspeed is 100 
mph, wing area 250 sq ft and the wing is operating at 4*^ angle of 
attack? 

2. What will be the drag of a 300 sq ft Clark Y wing if the angle 
of attack is — 1° and the airspeed is 220 mph? What HP is required 
for the wing? 

3. Find the least drag of a Clark Y wing if the airplane weighs 
4000 lb. If the airplane is flying at 300 mph what Will be the HP 
required ? 

4 . An airplane is operating at an angle of attack of Cd = 0.09 and 
the wing area is 225 sq ft. If the airplane flies 175 mph what will 
be the drag? What will be the HP required for level flight? 

5. What is the HP required to move a Clark Y wing 350 sq ft in 
area at 10° angle of attack and an airspeed of 215 ft/sec? 

Altitude Flying. Thus far, lift and drag and horsepower required 
have been determined at sea-level conditions. At altitudes the den- 
sity of the air is less than at sea level. Lift and drag, respectively, are 
equal to a coefficient times the air density times the wing area and the 
square of the velocity. It is clear, then, with a decrease of air density 
there will be a decrease of lift and drag. But regardless of altitude, if 
an airplane is to fly level, the lift must equal the weight. With a 
fixed wing area, when an airplane is flown at altitudes, the lift co- 
efficient or velocity must be increased to make up for the decrease in 
density. 
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Suppose that the angle of attack is fixed, i.e., the value of and 
Cd remain unchanged in the equation 

L = Cx, po/2 SVo^ 

where po = density at sea level 
Vo = velocity at sea level 

and L = Ci^ p/2 SV^ 

where p = density at altitude 
V = velocity at altitude 

For level flight, lift equals weight 

thus W = C/, pn/2.SlV 

and W = Cl p/2 SV^ 

then vyVo^ = po/p 

and = Po/p Fo“ 

therefore V = FoVW'p 

It can be seen from the above expreSvSion that the velocity at altitude 
is greater than at sea level. 

Drag at sea level = Do ~ Cjj po/2 SW 
Drag at altitude = D = Cd p/2 5F- 
but F2 = po/p Vo^ 

therefore D = Cd p/2 S po/p Fo^ 

= Cd po/2 SVo^ 

then Do = D 


Regardless of the altitude, if the angle of attack remains the same, 
the drag of the airfoil remains constant. This is because at altitudes 
the molecules of the air are farther apart and this necessitates a 
greater airspeed. The increase of airspeed takes care of the decrease 
in density. 

The horsepower required for a wing is the product of drag and 
velocity divided by 550 ft-lb. Then let IIPo equal the horsepower at 
sea level and HP equal horsepower at some altitude at the same angle 
of attack. 


D 


HPo 

HP 


*= Do, 


Do X Fo 
" "“550 

= ^ X F 
550 

F = Fo\/ Po/ p 
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and 



then 


UP = ^0 x j:^ ipo/p 
550 "V 

therefore HP = HPo \/ po/p 

Since po is density at sea level and p is density at altitude it can be 
seen that the expression \/ po/p is greater than unity and, therefore, 
the horsepower required at altitude will be greater than that at sea 
level. 


Example: An airplane with a Clark Y wing with area of 300 sq ft 
is flying at sea level at 120 ft/sec. If the airplane weighs 5000 lb, 
what are the wing drag and HP required for the wing? If the air- 
plane is flying at 12,000 ft at 120 ft/sec what are the wing drag and 
HP required? 

Solution: For sea-level conditions: 

^ ^ 5000 

0.001189 X 300 X (120)2 

From Fig. 1-18 if = 0.973 
therefore a = 8.7° 


and Cd = 0.0G8 

Drag = Cd p /2 57 ^ 

= 0.068 X 
= 349 lb 


X 300 X (120)2 


HP„ = 

and at 12,000 ft 

Cl — 


- 349 X 120 


550 

76.25 IIP 


5000 


0.001648 


X 300 X (120)2 


therefore 

and 


2 

= 1.41 
« = 15.4^ 

Cd = 0.136 

D = 0.136 X x 300 X (120)2 


= 4841b 


HP 


484 X 120 
550 

105.6 HP 
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It can be seen that the HP required will be greater at 12,000 ft. 

If the angle of attack and velocity are unchanged, it is possible that 
the decrease in density would be great enough for the drag and HP 
required to be less at altitude. 

Problems 

1. An airplane has a top speed at sea level of 150 mph. What 
will be the top speed at 5000 ft? At 10,000 ft? 

2^. An airplane at 20,000 ft has an indicated airspeed of 300 mph. 
What is the true airspeed? 

3. An airplane with a C-80 airfoil of 265 sq ft is flying at sea 
level at 230 ft/sec. If the airplane weighs 4000 lb, what are the wing 
drag and HP required for the wing? If the airplane is flying at 
20,000 ft at 230 ft/sec, what are the wing drag and HP required? 

4. An airplane has a Clark Y wing 375 sq ft in area. It flies 
120 ft/sec at 3° angle of attack. What are the lift, wing drag, and 
HP required at sea level? What are the lift, wing drag, and HP re- 
quired at 10,000 ft altitude? 

5. An airplane whose wing loading is 15 lb per sq ft has a Clark Y 
wing and is flying 200 mph at sea level, (a) What is the angle of at- 
tack? (b) What is the angle of attack if flying at 12,000 ft? 

6. An airplane weighs 5750 lb, has a Clark Y wing, and flies at a 
3° angle of attack and a velocity of 147 ft/sec. What are the wing 
area and HP required: (a) at sea level; (b) at 15,000 ft? 

Lift-Drag Ratio. It is evident that, for every angle of attack and at 
a certain airspeed, there must be a reactionary resultant force. It 
has been customary to resolve this resultant into its two components, 
namely, lift and drag. As has been seen in the various characteristic 
curves of different airfoils, the lift coefficient is always greater than 
the corresponding drag. Thus a closer inspection of these char- 
acteristic curves shows the lift curve as practically a straight line up 
to the point of stalling, i.e., up to the maximum lift (Cj:, ^ax) the slope 
is constant. The drag curve acts somewhat differently, and at small 
angles of attack the curve does not immediately ascend but remains 
practically horizontal and then increases rapidly. (See Fig. 1-25.) 
In other words, at the angle of attack of minimum drag coefficient, it 
will be found that an increase of a few degrees of angle of attack will 
cause only a slight increase in drag coefficient and a considerable in- 
crease in the lift coefficient. This is an important fact in airfoil selec- 
tion since it is every designer’s wish to get the most lift for the least 
drag. All airfoils, regardless of their relative merits, have, at some 
specific angle of attack, the most lift for the least drag, namely, the 
maximum lift-drag ratio, or, as it is sometimes called, the “best L 
over D.” Actually the lift-drag ratio {L/D ratio) is the tangent of 
the angle that the resultant force makes with the relative wind 
(Fig. 1-26). As the angle of attack is increased beyond zero lift 
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(where L/D is zero) the L/D increases rapidly, reaching its maximum 
value at the angle of attack from approximately 0® to +4°, depend- 
ing, of course, on the particular airfoil. 

As the angle of attack increases beyond the maximum L/D, the 
L/D decreases slowly. It becomes zero again when the angle of 



attack approaches 90°, since, under this condition, it becomes a flat 
plate and the only force present is the drag. 

The L/D curve is plotted for every airfoil and is considered as one 
of the most important characteristics. 

Polar Curves. In Fig. 1-26 it has been pointed out that the best 
L/D may be found by largest value of the tangent of ot that can be 
produced in the flight range. Undoubtedly, it follows that the polar 
diagram can be of great value in determining the best L/D. Instead 
of the customary plots of Cl and Cd against angle of attack, the 





Fig. 1-26. Diagram of best lift-drag ratio. 
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l?olar curve is used with the lift coefficient plotted against the drag 
coefficient (Fig. 1-27). The curve itself is the angle of attack. The 
lift coefficients are the ordinates and the drag coefficients the ab- 
scissas. When the lift and drag coefficients are plotted, the slope of 
the radius vector drawn from the origin to any point on the curve is 
the L/D ratio for that particular point. The length of the radius 
vector is the magnitude of the coefficient of the resultant force on the 
wing; in other words, to find the force on the wing it will only be 



Polar Curv« f<ir Clork V Airfoil 


Fig. 1-27. Polar curve for Clark Y airfoil. 


necessary to multiply this coefficient by p/2 51'’*. Since the lift co- 
efficients are usually several times larger than the drag coefficients, it 
is best to use different scales. In this case the radii vectors have no 
significance until they have been multiplied by the ratio of the scales. 

To determine the best L/D of the airfoil, it is only necessary to ex- 
tend a straight line from the origin of the coordinates tangent to the 
curve. At the point of tangency, the corresponding angle of attack 
for maximum L/D will be found. That is, the line drawn from the 
origin of the coordinates making the largest angle with the abscissa 

( 47 ! 




will give the highest C^l C d ratio. With the aid of the polar curve of 
the Clark Y airfoil, Fig. 1-27, the maximum L/D is noted to be at 

0.5° angle of attack. By use of the polar curve, the designer may 



Fig. 1-28. Center of pressure travel with 
angle of attack. 

quickly find at a glance, a value that would otherwise necessitate 
several other separate curves. 

Problems 

1. Plot the polar curve for the C-80 airfoil and find the best L/D 
by tangent line. 

2. Plot the polar curve for the Sikorsky GS-1 airfoil and draw 
tangent line to locate best L/D. 

3. Plot the polar curve for the U.S.A. 35-B airfoil and find the best 
L/D by tangent line. 

4. Plot the polar curve for the N.A.C.A. M-6 and find by tangent 
line best L/D. 

5. Plot the polar curve for the N.A.C.A. 23012 and find best L/D 
by tangent line. 

Center of Pressure. The position on the chord, through which the 
resultant of the forces acts, is called the center of pressure (abbreviated 
C.P.). The location of the C.P. is given as one of the characteristic 
curves and is given in percentage of the chord from the leading edge. 
For all airfoils having greater upper camber than lower, the C.P. 
location is practicailly the same. For angles of attajck near that for 
zero lift, the C.P. is near the trailing edge, and in some extreme cases 
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may be found to be entirely off the trailing edge. As the angle of 
attack is increased, the C.P. moves forward (Fig. 1-28). The most 
forward position of C.P. occurs very near the stalling angle {Cl max)- 
The most forward position of C.P. for cambered airfoils occurs at 
about 80 percent of the chord from the leading edge. The C.P. curve 
is usually plotted on the sarne graph as the lift and drag coefficient. 

When the C.P. moves forward with an increase in angles of attack, 
the center-of -pressure travel is considered unstable. In other words, if 
by some means the angle of attack was suddenly increased from a 
former balanced condition, the C.P. would move forward and, in- 
stead of the airfoil tending to go back to its original position, this 
would tend to lift the leading edge still farther. This would continue 
until stalling of the wing would occur. Likewise, if the angle of at- 
tack was depressed from a previously balanced condition, it would 



Fig. 1-29. Moment about leading edge. 

cause the C.P. to move backward and hence the airfoil would tend to 
dive even more. It is interesting to note that even though cambered 
airfoils are considered, by themselves, as unstable, they have been 
used successfully on stable airplanes. 

With flat plates, the C.P. travel is just the reverse of the cambered 
airfoil and it is considered stable. For symmetrical airfoils such as the 
N.A.C.A. 0009, having both surfaces convex, there is practically no 
C.P. travel. The airfoils designated as M sections, after their de- 
signer, Dr. Max Munk, have been developed which have very little 
or no C.P. travel. It will be found, in the chapter on Stability, that 
it is most desirable, for balance considerations, to have only a small 
C.P. travel but it must also be kept in mind that it may be very un- 
desirable to have no C.P. travel whatever. The reason is, in a wing of 
two-spar construction, there may be too much stress on one spar and 
practically none on the other. The criterion is to have enough C.P, 
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travel so that the load may shift to one spar and then the other in 
different flight attitudes, i.e., to distribute the load more evenly. 

Moments about Leading Edge, One of the more critical and difficult 
factors in aircraft design is stress analysis. One particular difficulty 
arises in the inability of the engineer to predict accurately the exact 
strength requirements for each part. Not only is it difficult to predict 
the most critical loads and stresses in actual flight, but it was at one 
tinie difficult to calculate them. 

The problem of longitudinal stability and balance are of great im- 
portance. If proper tail designs, wing taper, etc., are to be incor- 
porated into the design, some means of determining the position of 
forces and their magnitude must be used. 

The principal load-bearing members in the wings are the spars. 
The spars must be designed to take both direct and lateral loads, thus 
serving in the capacity of columns as well as beams. To find the 
moment (force times distance) about the leading edge, the sum of the 
moments of the two components, lift and drag, may be used (Fig. 
1-29): 

Moment about the leading edge = = {C.P. X c X cos a X L) + 

(C.P. X c X sin a X D) 

where Mi,k = moment in ft-lb 

C.P. = percentage of chord length 
c = length of chord in ft 
L and D are in lb. 

In a more familiar expression the moment about the leading edge 
may be written : 

M LE — p/2 SV^ 

where Cmlk = (C.P.) (Cl cos a + Co sin a) 

The angle of attack is never very great so that, for fairly close 
approximation, the expression may be thus : 

Cmee = ~(C.P.)(Co) 

The minus sign is used to indicate diving moments because nosing- 
up moments are considered positive by N.A.C.A. The expression 
may now be written thus: 

Mr^E = ^(C.P.) XCoXcX p/2 SV^ 

Example: Find the moment about the leading edge of a rectangular 
Clark Y airfoil of 7-ft chord and 42-ft span at a 6° angle of attack 
with an airspeed of 110 ft/sec. 

Solution: From Fig. 1-18 when angle of attack is 
Ct. = 0.79, C.P. = 83% 



Then moment about the leading edge is 

Mi.tt = -0.33 X 0.79 X 7 X X 294 X (110)^ 

= -7730ft-lb 

Example: At an 8° angle of attack an airfoil has ql Ci^ = 1.1, 
Cmle = —0.32. Find the C.P. by the approximate method. 

Solution: 

Cmi,e — — (C.jP .) X (C/^) 


= 0.29% of chord from leading edge 

Problems 

1. Find the moment about the leading edge of a Clark Y airfoil 
with 8-ft chord and 48-ft span, —3° angle of attack, and airspeed of 
140 mph. 

2. By approximate method, find the moment coefficient about the 
leading edge of a Clark Y airfoil at 4*^ angle of attack. If the chord 
of the rectangular wing is 9 ft and the span is 54 ft, find the moment 
about the leading edge when the velocity is 200 mph. 

3. Plot moment coefficient versus angle of attack for Clark Y 
airfoil. 

4. What vertical force is necessary to be applied 4 ft back from the 
leading edge to prevent rotation of a Clark Y wing of 6-ft chord and 
36-ft span if the angle of attack is 1^ and the airspeed is 80 mph? 

5. Find the moment about the leading edge of a wing whose area 
is 400 sq ft and span is 60 ft. The airfoil is an N.A.C.A. 23012 at 5*^ 
angle of attack and the velocity of the airplane is 173 mph. 

6. Plot moment coefficient versus angle of attack for N.A.C.A. 
23012. 

7. At a 7° angle of attack an airfoil has 3, Cl = 1.3 and moment 
coefficient about the leading edge equals —0.46. Find the C.P. by 
the approximate method. 

8. At 16° angle of attack an airfoil has Cl = 1.3 and moment co- 
efficient about the leading edge is equal to —0.325. By the approxi- 
mate method find the C.P. 

9. Find the moment about the leading edge of a U.S.A. 35-B airfoil 
if the chord is 9 ft and span 64 ft, Cl = 0 39, C.P. = 0.44 at 0° angle 
of attack and airspeed of 1 20 mph. 

10. Find the moment about the leading edge of a Clark Y airfoil 
30-ft span, 5-ft chord, —1° angle of attack, and airspeed of 75 mph. 

Aerodynamic Center. In practically all characteristic curves, refer- 
ence is made to the moment about the quarter-chord, sometimes called 
the moment about the aerodynamic center (a.c.) . It has been proved in 
actual flight tests and in wind-tunnel tests that when the wing is 
flown at the angle of attack for zero lift (Cl — 0) the twisting moment 
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becomes extremely high. The only time the wing can fly at zero lift, 
for any appreciable time, is in a vertical dive. When Cl equals zero, 
the moment coefficient about any point is equal to the moment co- 
efficient about the quarter point. It follows that, at the angle of 
attack for zero lift, the moment coefficient about the leading edge is 
equal to the moment coefficient about the quarter point which is 
approximately constant for all angles. 

When the term “moment coefficient” is used without qualification, 
it may always be assumed to refer to the pitching moment coefficient 
taken about the quarter-chord point. At zero lift there is an aero- 
dynamic couple acting on an airfoil (Fig. 1-30). The moment of a 
couple is the same about any point in the plane of couple, therefore 
the moment coefficient at zero-lift is independent of the axis about 
which it is taken. It has been proved, further, that the lift due to the 
curvature of a wing acts at 50% of the chord, while the lift due to 
angle of attack acts at 25% of the chord. It therefore follows that 
the moment coefficient taken about the quarter-chord point should 
be constant for a given airfoil. An examination of the N.A.C.A. air- 



Fig. 1-30. Aerodynamic couple at zero lift. 


foils will show that the aerodynamic center is, for almost all airfoils, 
located at the quarter-chord point. 

Therefore the expression for the moment about any point located 
a.c. from the leading edge is, approximately, for small angles of attack : 

^ -Cl p/2 SV^ {C.P, X ~ ax.) 

and the expression most used for the moment about the aerodynamic 
center (a.c.), which is practically always at the 25% chord from the 
leading edge, is 

Mo.26 = -Cl p/2 572 {C.P. X c - 0.25) 

Example: Find the moment about the quarter-chord of an 
N.A.C.A. 23012 airfoil at a 4° angle of attack when the area is 
200 sq ft, the chord is 6 ft, and the airspeed is 140 ft/sec. 

Solution: From Fig. 1-19 when angle of attack is 4° 

Cl = 0.39, C.P. = 20% 
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Then the moment about the quarter-chord is 

Mo.26 = “0.39 X ~ X 200 X (140)2 (0.26 X 6 - 0.25) 
= -2380ft-lb 


Problems 

1. Find the moment about the quarter-chord of a Clark Y airfoil 
at — angle of attack when the area is 600 sq ft, the chord is 10 ft, 
and the airspeed is 100 mph. 

2. Find the moment about the quarter-chord of a Clark Y airfoil 
at 7° angle of attack when the wing area is 150 sq ft, the chord is 5 ft, 
and the airspeed is 70 mph. 

3. An airplane flying at 200 mph at 10,000 ft has an N.A.C.A. 
23012 airfoil with 1350 sq ft of wing area. Find the moment about 
the aerodynamic center when the chord is 15 ft and angle of attack is 
2 °. 

4. An airplane equipped with an N.A.C.A. M-6 airfoil with 384- 
sq ft wing area, chord 8 ft has for 8° angle of attack Cl = 0.64 and 
C.P. = 0.25. Find the moment about the quarter-chord if the air- 
speed is 85 mph. 

5. Find the moment about the quarter-chord of an airplane flying 
at 128 mph at 12^^ angle of attack. The Clark Y wing has 433.5 
sq ft of wing area and chord of 8.5 ft. 


Power at Minimum CJCl^^. The familiar expression for HP 
required may be transformed into an expression that does not include 
velocity. 


//Prea = 


DXV 

550 

{Cop/2SV^)V 

550 


P2 


W 

Cl p/2 5 


V 

then //Preq 


'W j 

S >Ctp/2 5 


550 


X Co pI2 S X 


W 

Co p/2 S 



1 

Co p/2 5 



1 


X w 



With reference to the above expression, a given airplane will re- 
quire the least HP at the angle of attack at minimum value of 
CJCl^\ It is interesting to examine Fig. 1-31 where the Cl^*/Cd 
and Cl/Cd curves are plotted against angle of attack. The maxi- 
mum Cl/Cd is the angle of attack where the least thrust force is re- 
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quired. The position of the maximum Cn is different from that 
of the maximum CJCd angle of attack, and is the angle at which the 
least power is required. The angle of attack for the maximum 
Cl/Cd is less than that for the Cl'^Cd and since this is true, the air- 
speed for the Cl/Cd must be greater. Power required is the product 
of force and velocity. The maximum CJ Cd will require less thrust 



Fig. 1-31. Typical LjD and CtJ^^ICd curves. 

and allow greater velocity. Therefore, power required at the angle 
for maximum Cl/Cd will be greater than the angle of attack of 
maximum Cl^VCd- It is noted from the expression that at one 
angle of attack the power required varies directly as inversely 

as the square root of the wing area, and inversely as the square root of 
the density. 

Problems 

1. Plot a curve of angle of attack versus Cl^-j'Cd for N.A.C.A. 
23012 airfoil. 

2. An airplane with a gross weight of 3000 lb has a wing area of 
250 sq ft. The wing is at an angle of attack for Cl = 0.9 and Cd •= 
0.08. What is the HP required by the wing? 

3. An airplane with wing area of 300 sq ft and gross weight 3800 
lb is flying at an angle of attack for Cl = 1.25 and Cd = 0.12. Find 
the HP required by the wing? 
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2 

INDUCED DRAG 


According to the previous explanations, there exists on an airfoil 
in flight a low-pressure area on the upper surface and a high-pressure 
area on the lower surface. In order to produce lift momentum^ an 
equivalent amount of momentum in a downward direction must be 
given the surrounding air. The airfoil actually deflects a cylindrical 
stream of air with its diameter equal to the span of the wing. This 
necessarily results in a downward change of direction of the airflow 
producing what is called ‘‘down wash.” 



P'ig. 2-1. Motion of air on upper and lower surface of wing. 

It may be necessary at this time to examine the flow over an air- 
foil. It is seen that, due to an increase of pressure on the lower sur- 
face, there exists a tendency for the streamlines to move under the 
wing and outward toward the low-pressure area on the tip of the wing. 
Near the center of the span this outward motion is weaker than near 
the tip. This motion is shown in Fig. 2-1. 

Due to the air coming up and inward over the tips, on the upper 
camber, there is an inward motion, which is strongest at the tips. 
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See Fig. 2-1. It is interesting to note that if an airplane wing had an 
infinite aspect ratio there would be no inward and outward motion 
and hence there would be no so-called “induced drag." This type of 
flow is called two-dimensional. 

Vortices at Trailing Edge, With the movement of air as described 
above, it is evident that some reaction must occur. The streamlines 
coming under the lower side of the wing are directed backward and 
outward. On the upper surface there are backward, downward, and 
inward streamlines. The combination of these two motions at the 
trailing edge initiates a vortex. See Fig. 2-2. An examination of the 
figure shows the vortices on the left wing tip as counterclockwise. 
The outward and inward motions of the air tend to neutralize each 
other and this effect may be ignored. However, the downward com- 
ponents are considered very important. 

There is no appreciable effect of wing tip vortices on a wing of 




Fig. 2-2. Initiation of vortex at trailing 
edge of wing. 


infinite aspect ratio and the streamline flow is always in a vertical 
plane, parallel to the vertical plane of symmetry of the airplane. This 
type of flow is often referred to as profile flow. 

For convenience, the engineer generally refers the lift and drag 
components of the resultant air force to the direction of the free-air- 
stream velocity; that is, the lift is drawn perpendicular to the free 
stream and the drag is drawn parallel. However, in consideration of 
“downwash," it would be more accurate to refer these components to 
the mean direction of the airstream. Recognition of this idea leads to a 
conception of induced drag: Let Fig. 2-3 represent the flow of air 
past an airfoil. The air velocity relative to the airfoil is shown a short 
distance in front and is represented by the free-stream velocity V, 
Behind the airfoil is represented again the vector, F, of the free 
stream and an additional vector, Fi, called the downwash velocity. 
The velocity vector of the free stream, F, is equal to the downwash 
velocity, Fi in magnitude, but the air is deflected through an angle 
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(called the mean downwash angle) , the subscript r denoting the 
angle is expressed in radians. This means that, although the down- 
wash velocity, Vu is equal in magnitude to the free-stream velocity, 
V, an acceleration takes place because there is a change in direction. 
This change in direction is equal to AF, that is, it is equal to the 
difference between the velocity vectors V and Vi. By definition, 
force is equal to mass times acceleration. Since a mass of air, per unit 
time, is being deflected with a downward velocity of AF, a force is 
acting on the air. For every action there is an equal and opposite 
reaction; therefore the air must react with an equal and opposite 
force on whatever causes the deflection. Then, the force exerted on 
the airfoil is in the opposite direction to AF and is denoted by F 
(Fig. 2-3). In the figure, the force, F, is resolved into its components 
of lift and drag in the usual manner; where the lift (C^) is perpendicu- 
lar to the original free stream velocity F and the drag, parallel to the 
free stream velocity is labeled to indicate induced drag. Actually, 



Fig. 2-3, Diagram of induced drag forces. 


the total drag is greater than Cdi because of the fluid friction on the 
airfoil surface and the eddy currents behind the airfoil. The friction 
and eddy drag depend on the profile of the airfoil {profile dra^. The 
total drag is considered the sum of the profile and induced drag: 

Cn (Total Drag) = Cm (Induced Drag) + (Profile Drag) 

In other words, the term induced drag is considered the drag induced 
by lift. 

While moving through the air, the wing imparts a motion to a large 
area of air. Although this disturbed mass of air has no definite size, it 
will be permissible to assume that a definite area is affected uni- 
formily- This hypothetical area may be denoted by and is a cross 
section of the airstream that is perpendicular to the motion of the air- 
foil. 

The total mass of air affected by the airfoil in unit time is p5/,F. 

The downward momentum (mass X velocity) imparted to this 
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mass in unit time is pS^V X Vtr where, by geometry V€r is con- 
sidered to be equal to the downward velocity AV; it is measured 
in radians. It has been proved that the downward momentum in 
unit time is equal to one-half the lift. 

Then pS,V\ = L/2 

therefore e, = 

IpAh V “ 

If the swept area or affected area of air is a circle whose diameter is 
the span of the wing, Fig. 2-4, 



Fig 2-4. Area of air affected by wing. 


then 


By definition : 



Cr. p/2 SV'' 


Cz,5 

irb^ 


Aspect Ratio = 


span^ — ^ 
area S 


= ^ 
^ wAR 
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then 





also from Fig. 2-3 


^i>i 


CL^r 

irAR 


It must be kept in mind that the above expressions are not ex- 
actly correct for all types of wings. However, they introduce such a 
slight degree of error that, they are suitable for all practical work. 

Example: A rectangular monoplane wing has a span of 43 ft and 
chord of 6 ft. What is .the induced angle of attack and induced drag 
coefficient when Cl = 0.8? What is the induced drag when the 
velocity is 100 ft per sec? 


Solutiov: 


c (radians) = 


irAR 


Aspect Ratio = ^ = 7.17 

^ chord 6 


€ 


O 


0.8 

3.1416 X 7A7 


X 


57.3 


2.03° 


r = = -M' 

ttAR 3.1416 X 7.17 

= 0.0284 

A = Cd, p/2 SV^ 

= 0.0284 X 0.001189 X 258 X (lOO)^ 
= 87.2 lb 


Problems 

1. A rectangular monoplane wing has a span of 50 ft and a chord 
of 7 ft. Find the induced angle of attack and the induced drag co- 
efficient when Cl = 0.24. If the velocity is 80 mph what will be the 
induced drag? 

2. An airplane with a rectangular wing, 40-ft span, ()-ft chord, is 
flying at an angle of attack for Cl = 1.2. What is the induced angle 
of attack and the induced drag coefficient? If the velocity is 75 
mph, find the induced drag. 

3. An airplane flying level at 10,000 ft at a velocity of 120 mph 
has a gross weight of 8000 lb. The rectangular wing has a span of 
90 ft and a chord of 10 ft. Find the induced angle of attack and the 
induced drag coefficient. What is the induced drag? 

4. An airplane with a rectangular wing of aspect ratio 4.6 and 
chord of 7 ft is flying level at 150 ft per sec at 5000 ft. The gross 
weight is 3950 lb. Find: (a) the induced angle of attack; (b) the 
induced drag coefficient; (c) the induced drag. 

5. An airplane with a Clark Y wing at 4° angle of attack with a span 
of 40 ft and chord of 6.8 ft is flying level at 100 mph at sea level. 
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Find: (a) the induced angle of attack; (b) the induced drag coeffi- 
cient ; (c) the induced drag. 

Infinite Aspect Ratio Corrections. It is becoming customary to 
furnish characteristic curves for airfoils having an infinite aspect 
ratio. On a wing having an infinite aspect ratio, there are no wing- 
tip vortices. The wing with a finite aspect ratio has wing-tip vortices. 

Up to now the geometric angle of attack has been referred to as the 
angle between the relative wind and the chord. However, since the 
theory of induced drag has been introduced,’ the more accurate geo- 
metric angle of attack may be considered the induced angle of attack, 
c, plus the effective angle of attack, (Fig. 2-5). 

a (geometric) = e + ao 

With infinite aspect ratio, there is neither an induced angle nor in- 
duced drag. When the characteristics are given for an airfoil of in- 
finite span, the angle of attack is identical with the effective angle of 
attack and the coefficient for drag is the profile drag coefficient. To 



find the characteristics for a finite aspect ratio, it is necessary to 
add the effective angle of attack, an, to the induced angle of attack 
for that particular aspect ratio to give the total geometric angle of 
attack. Likewise, the profile drag coefficient is added to the induced 
drag coefficient, for the desired aspect ratio, to produce the total drag 
coefficient. 

Example: For a particular airfoil of infinite aspect ratio at 6° angle 
of attack, the Cl = 1.01 and C/)® = 0.053. Using these values, find 
the characteristics for a finite aspect ratio of 8. 

Solution: 

a = c + ao 
‘ (radians) = ^ 

t (degrees) = X 57.3 
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Cj) = (total drag) = Cd^ (profile drag) + Coi (induced drag) 


Cdx — 


ttAR 


Co = 0.063 + 


( 1 . 01 )^ 
TT X 8 


= 0.063 + 0.046 
= 0.109 


That is to say, an airfoil with lift coefficient of 1.01 at 8.3° angle of 
attack will have a corresponding drag coefficient of 0.109 when cor- 
rected for an aspect ratio of 8. 

Suppose the characteristics for an airfoil of one aspect ratio are 
known and it is desired to transform these values to the characteristics 
of an airfoil with an infinite aspect ratio. 

Example: A certain airfoil with an aspect ratio of 6 has for a 3° 
angle of attack, Cl = 0.3 and Cd — 0.04. Find the corresponding 
characteristics for infinite aspect ratio. 

Solution: 

a{ARS) = €°(Ai^-6) + ao 
X 57.3^ + ao 
ao = 3° - 0.91° 



then ao = 2.09° = angle of attack for infinite aspect ratio 

when Cl = 0.3 

and Cd{AR-&) = CDi{AR~Q) Cd^ 


Cn 


0.04 

0.04 - 0.0048 


( 0 . 3)2 
TT X 6 


+ ^^0 


0.0352 is drag coefficient for infinite aspect ratio when Cl = 
0.3 


Problems 

1. An airfoil with an infinite aspect ratio has an effective angle of 
attack of 5°, Cl = 0.8 and Co^ == 0.02. Find the corresponding 
values for a finite aspect ratio of 6. 

2. An airfoil with aspect ratio of 6 has for its geometric angle of 
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attack of 7®,' Cl = 0.6 and Cd = 0.03. Find the corresponding 
characteristics for an infinite aspect ratio. 

3. Find the angle of attack and drag coefficient for an aspect ratio 
of 3, if the effective angle of attack for an infinite aspect ratio is 10°, 
Cj, = 1.3 and Cd, = 0.023. 

4. Find the angle of attack and drag coefficient for an aspect ratio 
of 6, if the effective angle of attack for an infinite aspect ratio is 4®, 
Cl = 0.55 and Cd, = 0.01. 

5. An airfoil with aspect ratio of 6 has for its geometric angle of 
attack of 8°, Cz, = 0.9 and C^ = 0.059. Find the drag coefficient 
and angle of attack for an infinite aspect ratio. 

6. A Clark Y airfoil, aspect ratio 6, has for an angle of attack of 
4°, C/, = 0.65 and Cp = 0.034. Find the drag coefficient and angle 
of attack for an infinite aspect ratio. 

7. Find the angle of attack and drag coefficient for a Clark Y 
aspect ratio of 6, if the effective angle of attack for an infinite aspect 
ratio is 8°, Cz, = 1.2 and Cu, — 0.019. 

8. An airfoil, aspect ratio 10, has for its geometric angle of attack 
of 3®, Cl = 0.6 and Cz> = 0.03. Find the drag coefficient and angle 
of attack for an infinite aspect ratio. 

9. An N.A.C.A. M-6 airfoil, aspect ratio 6, has for its geometric 
angle of attack of 5^, Cl = 0.425 and Cl = 0^02. Find the drag 
coefficient and angle of attack for an infinite aspect ratio. 

10. Find the angle of attack and drag coefficient for an N.A.C.A. 
23012 of aspect ratio 6, if the effective angle of attack for an infinite 
aspect ratio is 6°, Cl = 0.75 and Co^ = 0.01. 

Formerly, all the available data on airfoils were given for an aspect 
ratio of 6 but in modern aircraft design it is now very rare to find an 
airplane of this value of aspect ratio. It follows then that the most 
plausible solution would be to give the characteristics of the airfoil for 
an infinite aspect ratio, and let the designer transpose these values to 
the desired aspect ratio. In some cases, however, this is not feasible, 
and there may be a desire to transform the characteristics of one 
aspect ratio to the corresponding aspect ratio desired. In this case 
the following method is described. 

Example: An airfoil, with aspect ratio of 6, at an angle of attack 
of 4°, has a Cz, = 0.37 and Cd = 0.017. Find the angle of attack and 
Cd that will correspond to the Cl of 0.37 of the same airfoil if the as- 
pect ratio is 8. 

Solution: 

Cj)^ Cof^ “ Cof^ Cdi^ 

where Cd, == total drag of airfoil AR-6 
Cd 9 = total drag of airfoil AR-8 

Cl^ 

Cdi, = = induced drag of airfoil AR-6 
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C// 

irS 


induced drag of airfoil AR-S 


It will be noted that profile drag was omitted because of indepen- 
dence of aspect ratio. 


Czj« — Cot = 


9A 

ttG 


ttS 


= ^ A - 

TT R) 

^ ( 0 . 87 ) 2/1 _ 1 \ 
8.1410 R) 


then 

also 


= 0.001818 

0.017 - 0.001818 = 0.01518 
C2,for^i^-8 = 0.01518 


where ae = total angle of attack for airfoil with AR-6 
= total angle of attack for airfoil with AR-8 

Q 

X 57.8 = induced angle of attack for airfoil with AR-O 

TTO 

r 

€8° = — ^ X 57.3 = induced angle of attack for airfoil with AR-8 

TTO 


then 


«6 — «8 = 


0.87 X 57.8 0.87 X 57.3 


ttO 


7r8 


«6 


0.37 X 57.8 /I 1\ 

TT \6 h ) 

(« - s) 


= 18.24 X 


= 0.281^ 


then 4° ~ 0.281° = 8.719° = angle of attack for airfoil with aspect 

ratio 8 


Problems 

1. An airfoil, with aspect ratio of 6, at an angle of attack of 7°, 
has a Cl = 0.68 and Cd = 0.08. Find the angle of attack and C^ 
that will correspond to the Cl of 0.68 of the same airfoil if the aspect 
ratio is 12. 

2. An airfoil, with aspect ratio of 8, has for an angle of attack of 
2°, <7 l = 0.3 and Cd = 0.01 . Find the corresponding angle of attack 
and Cd for an aspect ratio of 3. 
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3. An airfoil section, aspect ratio 6, for 9° angle of attack has a 
lift coefficient of 0.95 and a drag coefficient of 0.07. Find the corre- 
sponding angle of attack and for an aspect ratio of 9,7. 

4. Find the corresponding angle of attack and Cd for an aspect 
ratio of 4 if an airfoil, aspect ratio 6, has for 12° angle of attack, 
Cx, = 1.25 and Cj, = 0.56. 

5. Calculate, for all angles of attack, the Cl and Co for Clark Y 
of aspect ratio 10 and plot on same graph the Cl and Cd for aspect 
ratio 6. 


Span Loading. At this point it is necessary to distinguish between 
two conditions : 

1. Induced drag coefficient depends upon effective aspect ratio. 

2. Induced drag is dependent upon span loading. 

Span loading is the gross weight of the airplane divided by the span. 
This dependency of the induced drag coefficient can best be under- 
stood by the following expressions: 


and 


Di 

Coj 


Cm p/2 SV^ 
C^S 

irb‘‘ 


then 


(Ct p/2 57^)2 
xp/2 FW ' 

Ttqh^ 


where q = p/2 

Then for level flight the lift equals weight: 



W/h — span loading 


Therefore, for any given lift coefficient, the induced drag coefficient 
depends upon the effective aspect ratio, but the induced drag at any 
given speed depends upon the square of the span loading. With a 
given lift, the span should be as large as otherwise practical in order 
to obtain the best climb and ceiling, since the induced drag is most 
important in securing good climb and ceiling. The wing area is 
generally determined by the maximum lift coefficient and the stalling 
speed desired. 

When the wing area has been determined a large span will give a 
large aspect ratio, since the aspect ratio is equal to the square of the 
span divided by the area. Hence to say that a low span loading is de- 
sirable is another way of saying that a large aspect ratio is desirable. 
The aerodynamicist uses one or other criterion whichever may be 
more convenient at a particular stage of his work. 
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An elliptical loading (see Fig. 2-G) along the span of the wing is 
desirable because for this type of loading there is obtained the least 
induced drag for a given span loading. For elliptical loading the in- 
duced angle also has its smallest value. Designers place special em- 



Fig. 2-G. Elliptical air loading on elliptical 
planform. 


phasis on securing elliptical loading for planes designed for long-range 
cruising. The simplest way of securing elliptical loading is to give 
the wing elliptical plan form, use the same profile throughout and 
place each element at the same angle of attack. 

Problems 

1. An airplane weighs 2000 lb and has a wing span of 48 ft. Find 
the induced drag at standard conditions if the airplane is flying level 



P'ig. 2-7. Three methods of tapering a wing. 


at 85 mph. What is the horsepower required to overcome the induced 
drag? 

2. Find the induced drag of a level-flying, 4000-lb airplane with 
wing span of 65 ft at 10,000 ft at 100 mph. What is the HP required 
to overcome the induced drag at this altitude? 
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?). Find the induced drag of an airplane having a wing span of 1 00 
ft and a gross weight of SOOO lb at sea level. The velocity is 120 
mph. What is the HP required to overcome the induced drag? 

4. An airplane, flying at 90 mph, has a gross weight of 1500 lb and 
wing span of 22 ft. What is the induced drag in level flight at sea 
level? With the gross weight the same but the span increased by 
15 ft what is the induced drag? 

5. Find the induced drag of an airplane flying at 200 mph at 5000 
ft with gross weight of 3000 lb and wing span of 50 ft. What is the 
HP required to overcome the induced drag? 

2\ipering the Wings. Experience in design has taught that there are 
several aerodynamic advantages in tapering an airfoil from the root 
section (or center section as it is sometimes referred to). In actual 



Fig. 2-8. Reduction of wing tip vortices by 
taper. 


practice the aerodynamic advantages may be offset by the fact that 
fabrication of this kind increases the cost of production so greatly 
that the advantages of tapering the wings are curtailed by the in- 
creased cost of construction. There are, generally speaking, three 
ways of tapering an airfoil (see Fig. 2-7) : 

1 . Tapering the wing in planform by reducing the chord from root 
section to tip. Although the airfoil sections remain the same, the 
actual thickness of the wing is decreased, because the values of upper 
and lower camber are unchanged. 

2. Taper in thickness only. The values of upper and lower 
camber are reduced by a constant percentage from the root section 
to the tip. The chord, however, remains the same throughout. 

3. Tapering the wing in both planform and thickness. 

Results of Giving an Airfoil Taper in Planform. It has been noted in 
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wind-tunnel tests that the resultant force, called the lateral center-of- 
pressure y of a wing tapered in planform was closer to the center line. 
This fact was found true at every angle of attack and in this respect 
the planform tapered wing is superior to the rectangular-form wing. 
Other reasons are as follows : 

1. Due to the tapering of the wing tips, the induced wing tip 
vortices are considerably reduced and, in turn, the induced drag is 
reduced. (Fig. 2-8.) 

2. Such an airfoil should require a lighter structure for the same 
strength. 

3. In flight tests this type of wing has been easier to control later- 
ally than a rectangular wing. 

As has been indicated in N.A.C.A. Technical Report No. 132, the 
taper in planform is superior to the rectangular planform in that it 
gives : 

1. A higher maximum L/D. 

2. A higher maximum lift coefficient. 

3. Higher values of L/D at the larger values of the C/,, giving a 
wing that is better for climb. 

Although the difiference is not too great, it should be noted that the 
C.P. travel is slightly larger for the tapered airfoil. 

Results of Giving Airfoil Taper in Thickness Only, It was found 
that the lateral center of pressure, that is, the resultant force span- 
wise, gave results similar to the taper in planform in that they both 
have the C.P. closer to the center section. The following effects of an 
airfoil which is rectangular in planform and tapered to 25% thickness 
at the tip were found (N.A.C.A. Technical Report No. 152): 

1 . The minimum drag decreases. 

2. The maximum lift decreases. 

3. The maximum L/D increases. 

4. The L/D increases at small values of the lift coefficient. 

5. The C.P. travel between given values of the lift coefficient is 
not great. 

Results of Use of Taper in Planform and Thickness. A complete 
account on some airfoils of this type may be found in N.A.C.A. 
Technical Report No. 152. The results, however, give the ad- 
vantages of both types and by careful designing, slightly better results 
may be obtained than either of the two types. The taper must not be 
as great as 25% thickness at the tip because of too flexible a wing. 



3 

AIRFOIL SELECTION 


The selection of a wing section constitutes a decision of great re- 
sponsibility. It is not always practicable to continue to use the same 
wing section as has been used before or used by a competitor in a simi- 
lar design. A change in the structural design may tend to retard 
progress and bar a most promising way to improvement. In the se- 
lection of each new design, it is best to determine whether the airfoil 
section that appears at first is better suited or whether a new section 
might bring about better results. There are many who advocate 
selection of airfoils on a strictly mathematical basis; their ideas are 
somewhat too specific and not broad enough. Actually, the per- 
formance of the airplane does not, and should not, depend on the 
wing section alone. The complete design should be analyzed, involv- 
ing the interference between the other parts of the plane and the wing. 
The simplest mathematics may be used to effect an intelligent choice 
and hardly any difficult computation is needed. 

Among the so-called wing sections investigated in the wind tunnels, 
at least 90 percent can be condemned at first sight, either because of 
the contours of the airfoil or on account of its aerodynamic charac- 
teristics. The first requirement of a section is that it fits the struc- 
tural design. If the airplane is to be of cantilever design , this particu- 
lar section considerably limits the number of prospective wing sec- 
tions. The engineer has a rather clear idea of the depths that the 
spars must have and also he knows the definite positions for them. 

General Considerations. The aerodynamic properties actually 
classify themselves into three groups : 

(a) General aerodynamic behaviors 

(b) Stability 

(c) Performance 

It has been found that some sections, while showing favorable aero- 
dynamic properties, are extremely sensitive to small change of their 
shape. It naturally follows that such an airfoil will be as sensitive to 
interference of adjacent parts of the airplane or of protruding fittings. 
This condition is usually discernible from irregularities in the varia- 
tion of the air forces. For example: The curves showing the rela- 
tion between lift and drag, or lift and angle of attack, may have 

[ 68 ] 



bumps or even steps. The pressure distribution also shows an ir- 
regular character. 

These airfoil sections with irregular characteristics should be 
avoided because their choice involves a great risk. However, the 
irregularities near the smaller angles of attack are less dangerous 
than those at higher angles of attack. 

The Cl curve beyond the maximum value is another very important 
consideration. The lift coefficient should maintain its value over a 
wide range of angle of attack. If it falls off, it should fall off gently 
and continuously, never by a steep and sudden, large step. An air- 
plane equipped with this type of airfoil will tend to fall off on one 
wing at low speed or will tend to have an unnatural spin characteristic, 
or perhaps display some other violent behavior. 

Desired Airfoil Performance. The designer usually selects as a 
basis for his design the engine having the power, performance, dimen- 
sions, and installed weight which he desires. His next problem is to 
choose the airfoil which he will use. Although it is recognized that 
in every design there are certain sacrifices that must be made, the 
engineer wants an airfoil that will give: 

(a) The lowest landing speed for a given wing area ; 

(b) The greatest possible high speed; 

(c) The best rate of climb ; 

(d) Minimum structural weight; 

(e) Low parasite resistance. 

Structural Requirements, If the designer should be limited to the 
design of an internally braced monoplane, for instance, he must select 
an airfoil having the dimensions that can accommodate the required 
structure. A designer had best make a tentative selection of several 
airfoil sections that seem to meet the aerodynamic requirements. 
Those selected should be compared in more detail, and then more 
consideration should be given to structural requirements. The final 
selection may well be the section that affords the best compromise 
between aerodynamic and structural requirements. 

The use of airplanes with more than one wing is rapidly fading out 
of modern design trends because of wing interference, poor visibility, 
more complicated design, more drag and other limiting factors too 
numerous to mention. However, there still exist quite a number of 
successful biplanes that are used primarily as training planes. Since, 
in training planes, speed is not a requirement whereas stability and 
low landing speed are, it is evident that these requirements are well 
met in the design of the biplane. Actually, one of the main reasons 
for the biplane is that in airplane design the required wing area is 
governed by the total weight of the airplane. Most frequently land- 
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iiig speed is the limiting quality, and this is dependent upon the weight 
of the airplane, the wing area, and the maximum lift coefficient of the 
airfoil. With these problems confronting the engineer a few years 
ago, the trend to heavier aircraft meant one of two things: (1) to 
make a huge monoplane wing that must be heavily reinforced out- 
side, or (2) to get the required amount of wing area by incorporation 
of two or more wings. At that time, however, aspect ratio and heavy 
structural requirements limited construction. 

In the past two years, science has brought improvements in mate- 
rials and technique of construction, leading to modern aircraft design. 
Modern engineering has developed an efficient but more costly type of 
design which has made possible the internally braced (cantilever) 
monoplanes of large span. 

Comparing Airfoils. Before the preliminary design is carried out, 
the designer should select two or more sections that best meet his 
particular requirements. After close inspection he should be able to 
narrow his choice down to two types. However, the method of 
placing two sets of characteristic curves together and comparing them 
visually is certainly not satisfactory. 

In making a comparison of airfoil data from wind-tunnel tests, it is 
of primary importance that the models tested be of the same size and 
that the test be run at the same airspeed. Also, because of variance 
in wind tunnels it is desirable to have both sets of characteristic curves 
from the same tunnel. As has been explained before, the aspect ratio 
of the two should be the same and also the two Reynolds Numbers 
should be as close as 'possible to each other. Geometrical similarity 
is of utmost importance in comparison of any two sets of characteris- 
tics. 

Tabulation and Discussion of Airfoil Data. Many methods of 
comparing airfoil sections have been devised and each one has its 
limitations; actually the final decision is usually made by comparing 
the calculated performance of the complete airplane. 

In this chapter one method of comparison is shown that should give 
a fairly good idea of what may be expected of the complete airplane. 
The data for two airfoils have been placed side by side so that a direct 
comparison of each wing may be made easily. 


TABLE II. COMPARISON OP AIRFOILS 

Gottingen 398 and 436 Airfoils 


1. 

Airfoil Sections — Gottingen 

398 

436 

2. 

Date Tested 

....3/18/31 

3/27/31 

3. 

Tested at 

....N.A.C.A 

N.A.C.A. 

4. 

Aspect Ratio 

....6 

6 

6. 

Reynolds Number (RN) 

. . . .3,070,000. . . . 

3,050,000 

0. 

Pressure (Standard Atmosphere) 

20.3 

20.6 
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7. 

Size of Model 

30" X 5" 

30" X 5" 

8. 

Angle of Attack Cl * 0 

-6° 

-4.8° 

9. 

Cl max 

1.572 

1.576 

10. 

Angle of Attack Cl max 

18.5° 

18.7° 

11. 

Cd min 

0.0112 

0.0099 

12. 

Angle of Attack Cd min 

-5.2° 

-3.7° 

13. 

Max L/D 

20.10 

21.5 

14. 

Angle of Attack at Max LjD . . . . 

0.5° 

1° 

15. 

-C/J5 at ^/a Cl max 

13.5 

14.0 


at Cl max 

16.5 

17.2 


at ^ i Cl max 

19.6 

21.2 


at ^ / 1 Cl ma\ 

16.5 

18.5 


at Vs Cr. 

14.5 

16.00 

16. 

CiVj at 6° 

14.9 

15.20 


Cd 




at 8° 

14.10 

14.85 


at 12° 

12.72 

13.55 

17. 

Max. Forward C.P. at Cl max 

31.3% 

29.6% 

18. 

Max. Rearward C.P. at Cd miu- • 

77.2% 

59.4%, 

19. 

Cmle at 0° 

--0.189 

-0.143 

20. 

Thickness at 10%. 

11.07 

8.93% Chord 


at 16% 

12.50 

10.16 Chord 


at 60% 

10.30 

8.28% Chord 


at70%... 

8.18 

6.60% Chord 


After the data have been prepared, the next step is for the designer to 
take each item and consider its possibilities. Naturally, one must 
keep in mind the type of airplane he is to make and choose the one 
airfoil that will be the best all-around performer. 

Item 1. After fairly careful consideration of shape and general 
appeal of several airfoils, the designer finally narrows his selection to 
two. In this particular case the Gottingen 398 and 436 have been ar- 
ranged for discussion. 

Items 2 and 3. The next step, and a very important one, is con- 
sideration of date of the wind-tunnel testing and the place. Because 
of the many different wind tunnels and their peculiar characteristics, 
sometimes called “wall interference,'' it is very important that the 
airfoils to be compared have been tested in the same wind tunnel. 
The two Gottingen airfoils were both tested by the N.A.C.A. 

Item 4. It has been explained in the previous chapter that the 
characteristics of one airfoil changed appreciably with a change in 
aspect ratio. Since the induced drag decreases with an increase in 
the aspect ratio, it is mandatory, for a true comparison, that the two 
sections, unless corrected for infinite aspect ratio, be of the same as- 
pect ratio. In this case, the aspect ratio of six is common to both air- 
foils. 

Item 5. Not only is it desirable for the two airfoils to be tested in 
the same wind tunnel, but the RN should also be as near the same as 
possible. Only when the airflow of two airfoils is geometrically simi- 
lar can a valid comparison be made. The RN of the 398 is just 
slightly greater than that of the 436, and although this is not the ideal 
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Fig. 3-1. Gottingen 436 airfoil, N.A.C.A. 
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Fig. 3-2. Gottingen 398 airfoil, N.A.C.A 






situation, the difference is not enough to incorporate any appreciable 
degree of error. The student should be aware, however, that any 
great departure from similar RN’s should be avoided because of the 
possibility of change in the characteristic curves, which would seri- 
ously affect the integrity of the comparison. 

Item 6, The pressure in atmospheres is directly related to the RN 
through the change in density due to variable pressure. This is seen 
from the equation 

where p = the density 
M F = velocity (ft/sec) 

fx = the coefficient of viscosity 
L = the length of the chord 

Item 7. The size of the model which also affects the RN as seen in 
the above expression is important in assuring similarity between the 
two sections to be compared. Both sections above have the same di- 
mensions. 

Item 8. The angle of attack for Cj, — 0 indicates the angle of at- 
tack for the wing when it is in a vertical dive. The type of plane will, 
of course, decide whether this particular item is of any value. For 
example, in a dive bomber, this angle of attack would be of great im- 
portance and the airfoil with the lesser negative angle of attack prob- 
ably would be more desirable for that particular feature. However, 
it must be kept in mind continually that no one specific item should 
be the deciding feature but the broader all-around merits should be 
the resulting choice. The accompanying table shows that the 
Gottingen 436 with the —4.8® angle of* attack differs from the 398 by 
1 . 2 ®. 

Item 9. The maximum lift coefficient (C£,niax) is used in the lift 
formula to find required wing area 

_ lift = weight 

The maximum lift coefficient may also be used to find the landing 
speed, since the airplane usually is brought to the stalling point as the 
wheels touch the ground. 

The Gottingen 436 is only slightly superior to the 398 and, in this 
case, would give approximately the same values. If either of the two 
airfoils were designed with flaps^ the maximum lift coefficient with 
flaps extended would be greatly increased over the maximum Cl of 
the plain wing. The N.A.C.A. has published many characteristic 
.curves of airfoils with flaps extended. The designer may then, by the 
use of these characteristic curves and the above formula determine 



tlie amount of flap deflection and design considerations that best 
meet his requirements. 

Item 10. The angle of attack for max is important in determining 
the angle of the airplane for a three-point landing. Here again, the 
type of design will be the deciding influence on the choice. For in- 
stance, the use of the tricycle landing gear may make one airfoil su- 
perior to the other for that particular item. Good visibility in land- 
ing may be of prime importance to one design and of no particular 
value to another. 

The angle of attack of Cj, fur the Gottingen sections shows that 
the 436 has a greater angle than the 39S by 0.2°. If the particular 
type of plane is to have a tricycle landing gear the 398 may be superior 
but the 436 may be superior if the conventional type gear is employed. 
For item^ of this nature, it is not practicable to say which of the two 
is superior because of the difference in design. 

Item 11, The minimum drag coefficient {Co ^jn) indicates the section 
that will give the best top speed. The Gottingen 136 is slightly su- 
perior to the 398 in this case. 

Item 12. The angle of attack for the minimum drag coefficient in- 
dicates the angle of incidence of the wing. This is of particular im- 
portance in the take-off attitude of the airplane and also the general 
appeal of the design. The Gottingen 436 again seems to indicate a 
more desirable characteristic since the angle of incidence required is 
smaller than that of the 398. 

Items 13 and 14. The maximum lift-drag ratio is indicative of the 
best cruising speed and the angle of attack at maximum L/D shows 
the angle for cruising. The above comparison gives the Gottingen 
436 the edge over the 398 and there is only 0.5° difference in the 
angles of attack. 

Item 15, The values of L/D at Vs Cl max indicates which section 
will give the better climb-and-cruising characteristics. For these 
values the Gottingen 436 is greatly superior to the 398. 

The value oi L/D for V 4 Co max indicates the airfoil that will be the 
best suited for transport work. It has been found by experience that 
the heavier and larger airplanes operate at an angle of attack that is 
approximately V 4 of the angle of attack for Co max- H oan be seen that, 
in this case, the Gottingen 436 is more desirable. The value of L/D 
at Ve Co max indicates the one best suited for moderately high-speed 
airplanes because this class of airplane has been found to work usually 
at the angle of attack of Ve Cl max* The 436 again shows it superi- 
ority. Lastly, the airplane of the pursuit and fighter type works at an 
angle of attack of approximately Vs Cl max* The maximum value, 
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then, of the L/D at Vs Cl max would show the airfoil best suited for high 
speed. The Gottingen 436 is again superior in this particular case. 

Look at the two airfoils separately and determine the type of plane 
each is best suited for. An inspection of the maximum L/D at the 
different values of Cl max indicates that the Gottingen 398 would be 
best suited for transport work. The Gottingen 436 also indicates 
better values as a transport type airplane. 

Item 16. The ability of an airplane to climb and the maximum 
ceiling it can obtain are chiefly dependent on the difference between 
the power required to maintain level flight and the power the engine 
unit can supply. The expression for horsepower required is : 


//Prea 




xw^Jx 


Co 

c,y^ 


The weight and wing area and power available are constant for the air- 
plane; therefore, it can be seen, by this expression, that the airfoil 
which has the maximum value of Cl^V Cd will probably give the best 
climb and ceiling. The maximum value of the expression will usually 
occur at angles of attack between 6° and 12*^. It is sufficient to make 
computations for a few angles of attack and from these determine the 
maximum values. For the Gottingen 398 and 436, the maximum 
values were taken for angles of attack of 6°, 8®, and 12®. The Got- 
tingen 436 is shown to be superior at all angles of attack. 

Items 17 and 18. The maximum forward position of the C.P. at 
Cxmax is very important in the stability of the airplane. The de- 
signer locates the wings of the airplane so that the maximum forward 
position of C.P. is vertical with the most rearward position of center 
of gravity. Also the maximum rearward position of the C.P. at the 
Cd m\n will indicate the airfoil that has the least travel. It is always 
desirable to have the least possible travel of the C.P. between the 
high and low speeds because of structural and balance considerations. 

The C.P. travel of the 436 seems to be much less than the 398 and 
this means that the 436 will not be as difficult to balance in the flight 
range. Also, the 436 will not require so heavy a structure as the 398. 
Balance and structural weight are highly important in the final 
flight characteristics. 

Item 19. When an airfoil has been tested in the wind tunnel, the 
moments about the leading edge, at different angles of attack, are de- 
termined. The moment about the leading edge may be taken at any 
arbitrary angle of attack; the important consideration is that it be 
the same angle of attack for both sections. It can be seen that at an 
angle of attack of zero degrees the Gottingen 398 has a greater mo- 
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ment coefficient and since the moment about the leading edge is ex- 
pressed 

L£! — p/2 vb 

the stresses on the spars would be greater for the 398. The require- 
ment for greater strength would mean heavier structure and this in 
turn would mean an increased wing loading, more power required, 
faster landing speeds or greater wing area, etc. If neither of the 
sections gives an excessive moment at this arbitrary angle of attack, 
it may be desirable to plot moment curves for both airfoils and com- 
pare them for the complete flight range. In other words, by the ap- 
proximate method the moment coefficients may be found by the for- 
mula 

Cmle = -(C.P.)(C^) 

The moments can be plotted against the angles of attack in the flight 
range, i.e., the angles of attack from, say, —5° to 20°. In this man- 
ner, the moments of both airfoils may be compared point for point. 
At negative angles of attack some airfoils arc found to have the C.P. 
curve discontinued. Such is the case of the two Gottingen sections. 
This usually indicates that, near the angle of attack for zero lift, the 
C.P. position is off the trailing edge and could not be determined ac- 
curately. At the angle for zero lift, which is usually the attitude 
for a vertical dive, the resultant forces perpendicular to the airstream 
equal zero; but there is a down-load on the leading edge and an up- 
load on the trailing edge. This terrific twisting moment on the air- 
foil at the angle for zero lift represents the most critical torsional 
stress that the airplane spars will be subjected to. 

It was stated that the 398 gave a greater moment at the angle of 
attack of zero degrees. If the C.P. curves for both airfoils are extra- 
polated, it looks as though they both will be located off the trailing 
edge. 

Item 20. Here the thicknesses of the two sections have been tabu- 
lated to show which of the two can provide the greater depth for the 
front and rear spars. With modern airplane design tending toward 
‘'aerodynamic cleanliness,’’ such as cantilever wing, where all the 
bracing is hidden inside the wing, the deeper the airfoil section the 
stronger the spars can be made. 

The first two points, 10 percent and 15 percent, are the usual limits 
of location for the front spar, and the other two points, 60 percent and 
70 percent, are the usual limits of the rear spar location. The spar 
depths available are approximately 50 percent greater for the 398. 
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PARASITE DRAG 


The necessity for keeping down the drag of an aircraft is evident 
but the actual means of accomplishing this is not at all obvious. 
Knowledge of this subject is very limited and what little is known 
about drag has been learned from long experience. 

Everyone is familiar with the one universal method of reducing air 
resistance: streamlining. The idea of streamlining is to mold and 
form the parts so as to give flowing air the easiest path around them 
with the least energy absorption. 

When an object is moved through the air, resistance is encountered. 
The force that the air exerts on an object has a component acting 
parallel to the direction of the body with respect to the air. This 
component is called drag. It must be noted that the air resistance 
of all exposed parts of an airplane, other than the induced drag of the 
wings, is the parasite drag. The total drag of the airplane includes 
the profile drag of the wings, and the individual drag of such parts as 
wires, braces, struts, fuselage, landing gear, fittings, etc. 

Drag is the sum of two kinds of air resistance : 

1. vSkin friction, or viscous resistance; and 

2. Turbulence, or eddy-forming resistance. 

The skin friction of a body, referred to earlier as shearing stress 
occurs whenever a viscous fluid moves over the surface of a solid body 
or when there is a relative motion or shearing action between the ad- 
jacent layers of the fluid itself. Turbulency is developed whenever 
there is a breakdown in the smooth streamline flow of the fluid. This 
causes eddying disturbances in the fluid as it moves past the object. 
Even the slightest variation from parallel flow in the streamlines 
tends to set up turbulent flow around the body; therefore, the skin 
frictional resistance never exists alone. Actually when a real fluid 
flows by a solid body, the flow will never be truly laminar. However, 
a portion of the flow about a body may be laminar and produce skin- 
frictional resistance only, but even with the best of streamline shapes 
turbulence is always present, and lends the greater part of the total 
dr^g. 

Parasite Drag Coefficient may b^ defined by the relation : 



C/>p — Cu 


Cc 

ttAR 


In other words, parasite resistance is considered as the total drag 
minus the induced drag. 

The actual parasite drag of an airplane can be used in connection 
with this coefficient by the usual formula : 

Dp = Cop X qS where q = p/2 

S = wing area as usually defined 


Many other coefficients have been UvSed for the representation of the 
parasite drag of airplanes and their component parts. Because the 
scope of this book does not allow space for all the different types of 
formulas and data, it will be necessary only to point out some of the 
main types and examples. The student who desires further informa- 
tion should secure the many N.A.C.A. Technical Reports which 
carry on in greater detail. 

Equivalent Flat-Plate Area (E.F.P.A.). Consideration of the gen- 
eral formula for resistance of different bodies at certain given speeds, 
atmospheric conditions, etc., has enabled the designer to arrive at 
some very important conclusions as to airplane performance. Re- 
membering the main formula for air resistance as 

Resistance in pounds = 0.00152 X area in sq ft X (velocity in ft 
per sec) 2 

If the parasite re.sistance of the airplane is computed by summing 
up computations of data of various parts, the total resistance will be 
given as a certain number of pounds at a given velocity. With these 
data and the above formula, the so-called equivalent flat -plate area 
(E.F.P.A.) may be obtained. 

For example, suppose the total value of resistance was found to 
be 400 lb at 100 mph, the E.F.P.A. will be 


Ar (E.F.P.A.) = 


400 


0.00152 X 


(■“' X 55)' 


= 12.25 sq ft 


It is always advisable, however, to get resistance data from the 
actual, complete model. After a flight test has been made on an air- 
plane, the total drag at high speed may be determined by the charac- 
teristics of the engine-propeller combination, since the total drag will 
be equal to the thrust. Then, as has been suggested, by computa- 
tion from the wing data (induced drag) the parasite resistance may be 
determined. If this procedure is carried out for a large number of 
airplanes, a designer may, by careful comparison of his new design 
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with a similar plane already built, make a fairly close guess as to the 
probable E.F.P.A. of the new airplane. It will be shown later that 
this procedure may be followed for fuselages, etc., and the results will 
be as accurate, if not more so, than the summation of the drag of the 
parts. 

Problems 

1. An airplane whose design speed is 300 niph has an E.F.P.A. of 
4.3 sq ft. Find the total drag at the design speed. 

2. Find the E.F.P.A. of an airplane if the drag is 300 lb at 120 
mph. 

3. An airplane is flying at an angle of attack for Cl = 1.2 and 
Cd = 0.10. If the wing area is 300 sq ft, aspect ratio <S.2, find the 
actual parasite drag if the airspeed is 175 ft/ sec. 

4. Find the parasite drag coefficient for an airplane whose wing 
of aspect ratio 12 is flying at a value of Cl = 0.5 and C^ = 0.02. 

5. A level flying airplane weighing 2000 lb at 10,000 ft has a wing 
area of 250 sq ft and is flying at a velocity of 117 ft/sec. If the wing 
has an aspect ratio of 7.5 and Cf) = 0.07, find the parasite drag. 

Interference. It is advisable to figure the total parasite drag for the 
complete model. The reason for this is the existence of a mutual in- 
terference between the different parts of the airplane. For instance, 
when the lift, drag, and moments about the center of gravity are 
found for, say, the wing and tail surfaces separately, and then the 
data for the two combined are compared, there is usually a great dif- 
ference. Actually the lift, drag, and moments of the airplane cannot 
be figured from flight tests, but a test of a large model in a high-speed 
wind tunnel is highly satisfactory. 

The drag of the separate parts of the airplane may be found accu- 
rately, but interference between adjacent parts is impossible to esti- 
mate. If two struts join each other at an acute angle, where the 
wing joins the fuselage or where a number of parts of the airplane are 
joined together, the air is pocketed to some extent, causing eddy 
currents. All sharp corners should be avoided because of the turbu- 
lence. Any turbulence means an increase in drag. 

Fairing, One of the main objectives in practically all types of air- 
plane design is to attain as high a speed as possible. An increase in 
drag, of course, will reduce performance. Therefore it is necessary 
to make an airplane as aerodynamically clean as possible by stream- 
lining the various parts. Angles are smoothed out hy fairing in order 
to reduce eddies and turbulence; also, surfaces are kept smooth and 
regular without unnecessary projecting parts. Fairings, such as 
sheet balsa and aluminum, may cut down the resistance of a fitting or 
a landing gear as much as Vifi of its original resistance. 

Struts, Although the design trend of our modem aircraft has 
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turned toward more internal bracing, such as the cantilever type 
monoplane, many light airplanes still exist that employ outside brac- 
ings of some sort. A compression member in any part of the struc- 
ture of the airplane is referred to as a stmt. Those struts which are 
exposed to the air, such as the compression members in the inter- 
plane wing bracings, the landing gear, or tail-surface bracings, are 
streamlined so that they will offer as little resistance as possible to the 
passage through the air. 

Whether the structural shape is a tube or a solid, it has been found 
that the strongest compression member is circular. Examination 
of the flow around a cylinder and a streamlined strut (Fig. 4-1) shows 
clearly that the circular tube offers the greatest resistance. The 
eddying of the air behind the cylinder is the cause for the increase in 
resistance. This situation is unfortunate, but with careful computa- 
tion in the stress analysis, i.e., finding the direction and magnitude of 




Fig. 4-1. Airflow around cylinder and streamline strut. 


the design load, it is possible to use the streamlined strut to great ad- 
vantage. 

A streamlined shape is defined by its fineness ratio, which is the ratio 
of the dimension parallel to the airstream to the dimension across the 
airstream. The best ratio of structural strength and weight to re- 
sistance is of the order of 3 or 4. 

A fineness ratio less than 3 shows a big increase in drag coefficient, 
and a fineness ratio larger than 4 gives a slightly larger drag due, 
probably, to the added skin friction. 

Cylinders and Wires. In modern aircraft design, the use of cylin- 
ders and wires has been practically eliminated. The cantilever type 
wings and empennage have outmoded those extra drag-giving parts. 
Comparing the cylinder with a strut of equal diameter and a fineness 
ratio of 3.5, it is found, at the same airspeed, the cylinder gives much 
greater drag than the strut. 

Example: Compare the drag of a 3-in. cylinder with a strut of 
the same diameter but a fineness ratio of 3.5, if the airspeed is 100 
ft/sec. 



For the cvliiuler: 


R (lb ft) = 0.00012 X diameter in in. X (ft/sec) 
R = 0.00012 X 3 X (100)" 

= 3.6 lb 


For the strut : 

R (Ib/ft) = K X diameter in in. X F" (ft/sec) 
where K varies with the fineness ratio as follows: 


Fineness 

K 

2.5 

0.00000902 

3.0 

o.ooooos.3(; 

3.5 

0 00000812 

4.0 

0.00000795 

4.5 

0.00000812 


therefore: R (Ib/ft) = 0.00000812 X 3 X (100)" 


R = 0.2436 lb 


3ha«t M«tol Fairing 



Fig. 4-2. Fairing around cylindrical 
tubing. 


As illustrated in the above example, the cylinder produces a drag of 
almost 18 times that of the streamline strut. Structural parts must 
be carefully streamlined. 

Formerly, it was the practice to use struts of solid wood, but now 
seamless metal tubing has taken its place. Also, streamlining has 
been employed when cylindrical tubing was used. The fairing 
(streamlining) around the cylinder was not designed as a strength- 
bearing member but solely as a drag-reducer (see Fig. 4-2). 

Generally speaking, two types of round wire are used in airplane 
construction: (1) solid round wire and (2) stranded wire cable. 
Resistance of the solid wire can be calculated by the use of the formula 
for cylinders, as given above. However, when the diameter of the 
wire drops to 0.2 in., there is introduced an error of about 20% (too 
high). 

As might well be expected, the stranded wire cable, being the 
rougher in surface, will give greater resistance per foot of length than 
the smooth wire. Stranded wire gives about 19% greater resistance 
than the smooth wire of the same size. 
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For some time it was contended that, although the smooth wire 
gave less resistance than the stranded cable, the latter was more de- 
sirable from the safety viewpoint. The disadvantage of using any 
hard wire in airplane construction is that, due to vibrations and the 
reversal of stresses in the structure, the wire may fatigue and snap 
without any warning. On the other hand, the stranded cable usually 
gives warning of failure by the cable stretching and the strands failing 
one at a time. This, of course, makes it a simple matter for the me- 
chanic to find the frayed cable and replace it at once. Nevertheless, 
the modern methods of fabrication and mc^re careful attention to 
overall design have eliminated much of the vibration and have re- 
duced to a minimum the likelihood of failure in the smooth wire. 
Smooth wire is now used exclusively in all external wire bracings and 
stranded cable is used for bracing where it will not be exposed to the 
airstream. 

Problems 

1. Find the drag of a fi-ft compression strut whose fineness ratio 
is 4.5 if the diameter is 4 in, and airspeed is 75 mph. 

2. A flag pole 30 ft high is coiivStructed of round pipe 4 in. in 
diameter. What will be the force generated in a 37-mph wind? 

3. A turret gun, 3 in. in diameter, is pointed at right angles to the 
plane of symmetry. If the airplane is flying at 130 ft /sec and the 
gun barrel is 2.5 ft long, find the drag in pounds. 

4. Find the drag of 50 ft of round solid wire, •’/« in. thick, if the 
airspeed is 1 10 mph. 

5. Find the drag of two struts of a high wing monoplane if the 
length of each is 6 ft, with fineness ratio of 2.5 and normal diameter 
of 2.5 in. at an airspeed of 75 ft/sec. 

Fittings. The resistance of fittings at the ends of struts, wires, etc., 
has been the subject of much speculation and rough approximations. 
These fittings sometimes extend out into the airstream and add 
somewhat to the total resistance. It has been suggested by the Navy 
that a good approximation for the resistance of cable and wire fittings 
is to. “add one foot to length of cable for turnbuckle and one foot for 
the eye and fitting.” For total resistance of strut, use total length, 
including space occupied by sockets and fittings and add three feet per 
strut for the additional resistance of the two end fittings.” In the 
cheaper class of airplanes these methods are used, but, where cost is 
no object, the design of airplanes has terminated the fittings inside 
the structure and has improved the looks of the airplane and also 
aided in the “aerodynamic cleanliness.” 

Fuselages. A difficult and important job in aircraft designing is to 
estimate correctly the drag coefficient of the fuselage. The only 
really satisfactory way to obtain the drag of a new design of fuselage 
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is to test it in the wind tunnel. In order to test a model successfully 
in the wind tunnel, it must be exact in duplication of windshield, 
ratio antennas, wires, rivets, etc., and is a very expensive proposition. 

If such duplication is impossible, the designer may obtain a very 
close approximation of the drag of this new fuselage by comparison 
with one closely resembling his, and which has already had its drag 
calculated in the tunnel. Knowing the cross-sectional area of the 
fuselage and the airspeed at which the drag was measured, he may 
find a coefficient he can use to determine the drag of his own design. 


Example: Assume there has been designed an airplane fuselage 
which resembles the fuselage of another known-type airplane. The 
fuselage of the older model has a cross-sectional area of 7.G sq ft, 
and at 120 mph its drag is 100 lb. The unknown fuselage has a 
cross-sectional area of 10.5 sq ft. What is its drag at 160 mph? 

Solution: From the data of the model already built 


Coefficient = 


resistance 
"5 X 


where 5 = cross-sectional area of fuselage in sq ft 
V = airspeed in mph 


therefore 


Coefficient = 


100 

7.6 X (120)2 


= 0.000914 


For the newly designed fuselage 

Resistance = coefficient X S X 

- = 0.000914 X 10.5 X (160) 

= 246 lb 


The actual drag on the fuselage increases slightly as the angle of 
attack increases. This effect is due almost entirely to the body itself ; 
the resistance of the landing gear is considered to remain constant for 
any angle of attack. 

The actual drag curve of the model fuselage, when the square of the 
speed is plotted against the drag, comes out as a straight line. This 
shows that the drag varies directly as the square of the velocity. 
At higher speeds the drag does not vary exactly as the square of the 
velocity, but is slightly less. However, for all practical purposes the 
resistance may be considered to vary directly as the square of the 
velocity. 

The resistance coefficients of many modern fuselages range from 
0.000220 to 0.000290. By careful design it is possible to cut the re- 
sistance coefficients to only a fraction of that for a flat plate. 

The N A.C.A. Technical Report 236 gives many additional data on 
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the drag of fuselages and floats. The drag of a fuselage with rec- 
tangular or square cross section is greater than that of the circular or 
elliptical type. In the attitude of climbing, where drag is of great 
importance, the rounded section design has proved itself the more de- 
sirable. 



Lifi coeffictenf , 

Fig. 4-3. Drag of landing gear B in presence of wing, N.A.C.A. 

Problems 

1 . An airplane designer does not have available a wind tunnel but 
desires to find the drag of his newly designed fuselage. He finds that 
another fuselage, closely resembling his, has previously been tested 
in a wind tunnel and was found to have a drag of 200 lb at 100 mph. 
If the known fuselage has a cross-sectional area of 14 sq ft find the 
drag of the unknown fuselage of 9 sq ft in a cross-sectional area at 
90 mph. 

2. An airplane fuselage has a cross-sectional area of 8.7 sq ft, 
at 105 mph its drag is 98 lb. A newly designed fuselage has a cross- 
sectional area of 14 sq ft and resembles the known fuselage. What 
is the drag of the unknown fuselage at 140 mph? 

3. Find the resistance coefficient of a fuselage with a cross-sec- 
tional area of 10 sq ft if the drag at 200 mph is 80 lb. 
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Landing Gear. Since the early development of the airjdane, man 
has attempted to imitate the flight of birds. One of the more recent 
advances was the reduction of drag by retraction of the landing gear. 
It had been known for some time that, if a device could be arranged 
to pull the landing gear into the body of the airplane, the aerody- 
namic performance would be greatly improved. Not until one gets 



Expanding fillet 
A ^ half fork (rectangular) 
B, streamline fairing , 

_ (airfoil section) 


0/eo 

'/strut 

(round) 


H * 30 y 4 all fairings 
'y\— removed t /otv-pressure 
and streamline wheel 

_ (Gear Oj 


Wheel-' 





H=24y.“ , oleo and half forl\lJ . 
-| 1 faired, fillet \ 


.2 .3 .4 

Lift coefficient , Ci, 


.5 


.6 


Fig. 4-4. Drag of landing gears C and D in presence of wing, 
N.A.C.A. 


a complete picture of this situation can he fully visualize the problem 
from a common-sense viewpoint. 

There seem to be two channels of thought on the problem of landing 
gears. First, assume that a designer wishes to build a light airplane 
for use as a training plane. He does not intend that it be expensive, 
and high speed is not necessarily the objective. As to landing gear 
he is confronted with one of two alternatives: (1) install a retractable 
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landing gear which will add to the cost and will increase the weight 
of the structure, or (2) design a fixed-type landing gear that will be 
lighter in weight but will naturally increase the parasite drag. Com- 
pare Fig. 4-3 with Fig. 4-4. At different angles of attack, at an air- 
speed of 100 mph, the differences in drag of the retractable gear and 
the fixed gear are surprisingly small. Actually there is less than four 
pounds’ difference in the drag of the two gears at 100 mph. It can 
be seen, by an examination of Figs. 4-3, 4-4, 4-5, 4-6, that, by careful 



design and correct use of fairings and fillets, the designer of smaller 
and lighter airplanes can arrive at an efficient design. The use of 
the fixed-type landing gear for the light plane class, where the air- 
speed does not exceed 100 mph, seems to be indicated. 

In Fig. 4-4, N.A.C.A. Technical Report No. 518, the fixed-type 
landing gear, with all the fairings removed, gave a drag of practi- 
cally 10 lb for one-half gear at 100 mph. The same landing gear fully 

1X7 J 


faired and equipped with a streamline wheel gave, at the same air- 
speed, less than 4 lb of drag. It is evident that the necessity for 
aerodynamic cleanliness cannot be overstressed. 

In designing the heavier and faster airplanes the use of retractable 
landing gears will show a definite advantage. It must be kept in 
mind constantly that the drag increases as the square of the velocity. 
In the class of high-speed airplanes, the problem of drag is of utmost 



Fig. 4-6. Drag of landing gear D retracted by various amounts 
into wing, N.A.C.A. 


importance. Unlike the light airplane designer, the designer of ^the 
high-speed airplane is not chiefly interested in cost of construction; 
even the added structural weight is somewhat ignored. The addi- 
tional weight is just another compromise that the designer is eternally 
making. In this particular instance, however, the reduction in drag is 
more desirable because high speed is the main objective. An exam- 
ination of Figs. 4-7, 4-8, 4-9, 4-10 taken from N.A.C.A. Technical 
Report No. 518 will show a comparison of different types of landing 
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amounts into nacelle, N.Aj 





gears in the presence of wing and nacelle. Here again, the employ- 
ment of fairing shows its great importance. The streamline wheel is 
vSeen to be superior to the low-pressure wheel. For a full report on 
landing gears see N.A.C.A. Technical Reports 518 and 522. 

Formerly, it has been the custom merely to estimate, roughly, the 
resistance of individual struts and wheels. However, it has been 
pointed out, in numerous wind-tunnel tests, that with this type of 
calculation, the mutual interference of the component parts was en- 
tirely neglected. vStrangely enough, the interference between the 
component parts of the landing gear causes a major part of the drag. 

If possible, the landing gear should be tested together with the 
wind-tunnel model of the wing and nacelle, or the fuselage, and the 
total drag of the combination measured. Figures 4-6 and 4-8 should 
be of primary interest to the designer of the high-speed airplanes 
since on the modern types the landing gear is extended at low speeds 
(take-off and landing) . These graphs will enable the designer to cal- 
culate the drag at the slower speeds. 

In the N.A.C.A. Technical Report 518 on the nonretractable and 
partly retractable landing gear, the following conclusions were 
reached : 

1. In general, the presence of the engine nacelle did not appreci- 
ably affect the drag due to the landing gears. 

2. The retractable landing gears were at least one-half retracted 
into the wing or a fairing before the drag became less than that due 
to the best nonretractable landing gears. 

3. Landing gears partly retracted into a nacelle near the maximum 
section or partly retracted into the wing near the leading edge had a 
much higher drag than landing gears partly retracted farther aft on 
the wing. 

4. Streamline wheels used on retractable landing gears had less 
drag than low-pressure wheels when the landing gear was partly re- 
tracted into the wing. 

5. Landing gears partly or fully retracted into streamline fairings 
below the wing had, in general, only slightly greater drag than landing 
gears partly retracted into the wing or nacelle. 

6. The peak or propulsive efficiency was reduced from 1 to 3 
percent by the presence of the landing gears tested in conjunction 
with the propeller. 



5 

CONTROL SURFACES 

Axes, An airplane may rotate about three reference axes, usually 
centroidal and mutually perpendicular. The horizontal axis, in the 
plane of symmetry, is parallel to and usually is through the propeller 
axis, and is called the longitudinal axis. The longitudinal axis, 
drawn from rear to front, is also called the X axis. The axis perpen- 
dicular to this in the plane of symmetry is called the normal axis and 
is vertical when the airplane is on an even keel. The normal, some- 
times called the vertical, axis, is referred to as the Z axis. The third 
axis perpendicular to the other two is called the lateral axis or Y axis, 
and is horizontal when the airplane is on an even keel (Fig. 5-1). 



Positive directions of axes and angles (forces and moments) are shown by arrows 


Axis 

Force 
(parallel 
to axis) 
symbol 

Moment about axis 

Angle 

Velocities | 

Designation 

Sym- 

bol 

Designa- 

tion 

Sym- 

bol 

Posi- 

tive 

direc- 

tion 

Desig- 

nation 

Sym- 

bol 

Linear 

(com- 

ponent 

along 

axis) 

i 

Angu- 

lar 

Longitudinal. . i 

X 

X 

Rolling. . . . 

L 

Y -^Z 

Roll 

•t> , 

u 

P 

Lateral 

Y 

Y 

Pitching . . . 

M 

Z -►X 

Pitch. . . 


V 

Q 
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Z 
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Motions of the Airplane about Axes, An airplane is free to rotate 
about any one of its axes. The motion about the longitudinal or X 
axis is termed roll. If, when viewed from the cockpit, the airplane 
rolls in a clockwise direction the roll is positive. 

Motion about the lateral or Y axis is called pitch. When an airplane 
dives or climbs, the rotation about the lateral axis is pitch. When an 
airplane noses down, the pitching moment is a negative or diving 
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moment. When a airplane is climbing, or is nose-high, the pitching 
moment is a positive or stalling moment. 

Rotation about the vertical or Z axis is called yaw or turn. If 
when viewed from the cockpit the airplane rotates clockwise, the yaw 
or turn is considered positive. 

Vertical Control Surfaces. It is desirable that an airplane be con- 
trollable about all three axes. For absolute controllability, an air- 
plane must be equipped with devices to stop rotation about its axes 
and must fly straight and level, or be able to execute any desired 
maneuver. 

Vertical tail surfaces have been designed so that an airplane may 
be made to turn at the will of the pilot. The fixed or stationary por- 
tion of the vertical control surfaces is the vertical fin and makes up 
the leading edge of the vertical tail surfaces. The latter portion of the 
vertical control surfaces is the movable part hinged to the vertical fin 
and is called the rudder. The rudder bar, inside the cockpit, is ma- 
nipulated by the feet and is connected by cables to the control horn 
which acts as a lever to move the rudder. When the pilot pushes on 
the right pedal, the rudder is moved to the right and the airplane 
turns to the right. 

Much has been done to find formulas to calculate the vertical tail 
area necessary for directional stability. In every case, the area nec- 
essary for stability has been found to be so small that, in actual prac- 
tice, the airplane is usually given anywhere from three to four times 
the required amount. This is because a larger amount of vertical 
tail area will be required to give adequate directional control on the 
ground. With conventional-type landing gear, a large rudder is 
necessary to prevent ground looping (see Nomenclature). Designers 
should eliminate the possibility of ground loops. Along with a large 
rudder area, the steerable tail wheel and the nose wheel (tricycle 
landing gear) have been employed, and have been found to improve 
controllability on the ground. 

Fatal accidents resulting from spins caused by improper use of rud- 
der, have led some designers to consider the possibility of designing an 
airplane without a rudder. Although this seems to be a rather drastic 
change in design, actually the ailerons can be constructed to give an 
adequate yawing moment to permit execution of turns. However, 
one big objection to lack of a rudder is that the airplane cannot be 
side-slipped; in case of a forced landing this is a serious handicap. 
Which of two ideas is the more desirable is a design problem. 

In designing military aircraft, where great maneuverability is some- 
times needed, it is necessary to have a large vertical fin for stability 
and a rudder effective enough^to overcome this stability for maneuvers. 
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For the preliminary design of commercial airplanes it is customary 
to have the vertical tail surfaces about 5 percent to 10 percent of the 
wing area. The rudder area should be anywhere from 40 to 60 per- 
cent of the total vertical tail area. 

Rudder Travel. In commercial airplane design, the average range 
of rudder travel is 30 degrees on either side of the neutral position. 

Horizontal Tail Surfaces are similar to the vertical tail surfaces in 
that they are made of fixed and movable sections. The forward por- 
tion of the horizontal tail surface is usually fixed into the fuselage, and 
is called the horizontal stabilizer. The latter portion, called the eleva- 
tor ^ is hinged to the stabilizer and is connected by cable and control 
horn to the control column. 

Forward and backward movements of the stick will result in down- 
ward and upward movements, respectively, of the elevator. For- 




Fig. 5-2. Servo adjustable tab. 


ward movements of the control column deflect the elevator downward 
and generate an air force on the lower camber causing the nose to go 
down (diving moment or negative pitch) ; a backward movement on 
the stick produces an air load on the upper surface of the elevator and 
causes a nose-up condition (climbing or positive pitch). 

The stabilizer and elevator, generally speaking, are made of symmet- 
rical airfoils. The degree of movement of the elevators must be 
limited to a certain amount, because too much freedom of angular 
range will render them ineffective due to burbling at the higher angles 
of attack; the airfoil characteristics themselves will determine the 
allowable amount of travel. As a general practice in commercial 
designs, the range of elevator travel is from plus or minus 20 degrees 
to plus or minus 30 degrees. For the design of highly maneuverable 
military planes, the range may be somewhat greater. Likewise, the 
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horizontal stabilizer is sometimes made adjustable from the cockpit 
and the amount of angular travel, both up and down, is limited to 
only a few degrees. Modern trend in design is to do away with the 
adjustable stabilizer and use in its place the servo adjustable tab. The 
tab may be either an adjustable or bent tab placed on the trailing edge 
of the elevator for the purpose of trimming the ship for improper flight 
characteristics, or for aiding the pilot to move a large surface with 
little effort. The rudder and ailerons may also be equipped with 
servo adjustable tabs to enable the pilot to use less force in moving a 
control (Fig. 5-2). 

The amount of horizontal-tail-surface area is determined from the 
length of the fuselage, speed of the airplane, etc., and is discussed to 



Fig. 5-3. Planform for horizontal tail sur- 
faces. 


some extent in the chapter on Stability. Modern design favors a 
horizontal tail surface that has about 55 percent fixed surface, with 
the elevator area 45 percent of the total. 

There are, in general, three shapes for the planform of the horizon- 
tal tail surface: rectangular ^ elliptical, and triangular (see Fig. 5-3). 
Although the rectangular planform is more effective aerodynamically, 
the triangular shape provides for more rigidity in structure. The 
elliptical planform combines the best features of both rectangular and 
triangular but is more expensive to build. The final selection, how- 
ever, must be left to the designer; his decision must be based upon 
tests on the wind-tunnel model with different sizes and shapes of tail 
surfaces. 


[95 1 



Ailerons. The design of proper ailerons has been quite a problem 
for aerodynamicists because conclusive evidence shows that every 
airfoil used for a wing requires a different size and shape of aileron to 
give best results. Not only do size and shape hut also the actual wing 
arrangement influence the effectiveness of the aileron. 




Fig. 5-4. Aileron with cable and horn control. 

Conventional design, however, hinges the ailerons so as to make 
them a part of the trailing edge of the wing. They are moved up 
and down by cable and control horn attachment to the control stick 
(Fig. 5-4). A side-to-side movement of the stick produces an up- 
and-down movement of the ailerons. In flight when the aileron on 



Fig. 5-5. Change of angle of attack with aileron motion. 


the right is moved to up-position by moving the stick to the right, 
the aileron on the left wing simultaneously is moved to down position. 
That is, when the aileron moves down, the camber is increased and 
the angle of attack is increased (see Fig. 5-5). The dynamic force 
of the air strikes the up-turned aileron on the right wing and forces 
the wing downward. At the same time, the air strikes the lower sur- 
face of the down-turned aileron and forces the left wing up. These 
two actions generate a clockwise rolling moment. When the left 
wing moves upward for a positive rolling moment, the air force be- 
comes greater on the left wing due to the downward deflection of the 
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aileron and causes the drag to increase on the left wing and generate 
a negative yawing moment. When the ailerons are moved for a roll, 
positive or negative, there is set up simultaneously a yawing moment 
of the opposite sign. If the yawing moment and rolling moment were 
of the same sign, over-controlling would result and prove dangerous. 

Due to this characteristic action of 
the ailerons, a differential aileron con- 
trol has been devised that allows the 
downward movement of the ailerons of 
only one-half the angular distance that 
the upward movement travels. For 
instance, instead of the ailerons moving 
15 degrees up and down, the upward 
movement would be 20 degrees and 
the downward movement 10 degrees. 

This arrangement not only gives an 
improved rolling moment but less yaw- Fig. 5-6. Frise aileron, N.A.C.A. 
ing moment, due to the decrease in 
aileron drag on the high wing. 

Another method of reducing yawing moments caused by operating 
the ailerons is the Frise aileron, dhis type of aileron is mounted for 
balancing by the use of an inset-hinge and the leading edge of the 
aileron is shaped (see Fig. 5-0). When the aileron is moved upward, 
the leading edge of the aileron protrudes below the lower surface of its 
wing and increases the drag on that side. Thus, the effort of the pilot 





Fig. 5-7. Desirable aileron planforms. 
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is reduced to a minimum. This action aids also in reducing the ad- 
verse yawing moment that would ordinarily be expected. 

Design criteria in regard to aileron planform favors the type shown 
in Fig. 5-7. An investigation made by the N.A.C.A. of effect of air- 
foil thickness and planform on the effectiveness of the aileron dis- 
closed that the thickness of the airfoil has little effect on the rolling 
moment or hinge moment. Tapering the airfoil in planform some- 
what decreases the rolling moment and hinge moment. However, it 
was found that the ratio of rolling moment to hinge moment, called 
the resulting effectiveness^ was greater for the tapered wing. At the 
stalling speed, the rectangular planform showed a considerable de- 
crease in rolling moment, whereas, at the maximum lift coefficient, 
the tapered wing gave greatly improved lateral control. 

The correct proportions for ailerons has caused much speculation. 
A good general rule for aileron area is from 8 to 10 percent of the total 
wing area if lateral control beyond the stall is not required. The 
chord of the aileron should be of the order of 20 percent of the wing 

chord and the span should be about 
one-half the semi-span of the wing. 

If lateral control beyond the stall is 
desired, it will be necessary, perhaps, to 
use shorter and wider ailerons com- 
bined with some sort of spoiler (a de- 
Fig. 5-8. Spoiler. vice to cause a burbling flow over one 

wing tip in order to reduce its lift, see 
Fig. 5-8). A combination of both ailerons and spoilers is more 
effective than either separately. 

Balanced Control Surfaces, In addition to balanced control sur- 
faces such as Frise ailerons, there are balanced control surfaces for 
rudders and elevators. The most popular of these, the overhang type, 
are usually found on the slower light airplanes (see Fig. 5-9). Be- 
cause a considerable force is required to move a control surface against 
the dynamic pressure of the wind, control surfaces have been designed 
so that the axis about which they rotate is back from the front edge. 
Thus, a portion of the control surface is ahead of the hinge and, as the 
surface is moved from its original in-line position, the air strikes the 
front portion and minimizes the effort the pilot must exert. This 
type of device is not used on faster airplanes because the air load on 
such a design would tend to bind the hinges and would probably pull 
off the control surfaces in flight. Tabs on the trailing edge of control 
surfaces are used in place of the overhand type on the faster military 
airplanes. With these servo adjustable tabs, the pilot may move a 
control surface with very little effort. 
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Propeller Slipstream Action, Although, for most practical pur- 
poses, the propeller slipstream is considered to move straight back over 
the tail surfaces, actually, the propeller imparts a twist to it. The 
twisting motion, as viewed from the cockpit, is clockwise around the 
fuselage for propellers that rotate in a clockwise direction. This 
means that there will be a greater air force exerted on the left side of 
the vertical tail surfaces. A reaction of this sort tends to make the 
airplane turn to the left. Owing to the negative yawing moment due 
to this air force on the vertical tail surfaces, the right wing must travel 
faster than the left wing, thereby causing more lift on the right wing. 
This may explain the reason some airplanes have a tendency to fly 
left wing low, sometimes called left-wing heaviness. To counteract 
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Fig, 5-9, Overhang type of control surfaces. 

this, the wings may be twisted in such a way as to increase the angle 
of incidence on the left wing and decrease the angle of incidence on the 
right wing. When the angle of incidence is increased on a wing it is 
called wash-in; when the angle of incidence is decreased it is 
termed wash-out. Another method of counteracting the torque effect 
of the propeller is to set the vertical fin at a slight angle to the plane 
of symmetry. 

By use of trim tabs, or the above-mentioned methods, an airplane 
may be made to fly straight and level while cruising but for gliding 
flight, where the propeller torque action is absent, a slight rudder 
pressure must be applied in the opposite direction to maintain straight 
flight. 
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6 

STABILITY 


Stability is that property of a body which, when its equilibrium is 
disturbed, causes it to develop forces or moments tending to restore 
the original attitude. In the case of an airplane, stability means that, 
if it is flying at a given angle of attack and that angle of attack is sud- 
denly changed by flying into an up-current, forces will be generated 
that tend to restore it to the original angle of attack. In this par- 
ticular case, the airplane would be said to have longitudinal stability. If 
an airplane is flying straight and a force acts on it to switch it off the 
straight path, forces will be set up which tend to restore the airplane 
to its original heading. This type of stability is called directional 
stability. In the airplane where no restoring forces are set U]), the 
aiq^lane is said to be neutrally stable. When there are forces present 



Fig. 6-1. Force system diagram. 


which tend to throw^the airplane still farther from the original posi- 
tion, an unstable condition results. 

Forces on Airplane in Flight. The conditions of equilibrium in 
flight may best be seen by a study of Fig. 6-1. In this diagram the 
system of forces has been simplified by combining the weights and 
considering the total to be acting through the center of gravity (C.G.). 
The C.G. may be computed in the balance diagram of the preliminary 
design by finding the horizontal and vertical positions of the C.G. 
from the datum line at the propeller and wheels, respectively. The 
resultant of drag of the complete airplane is found and at this posi- 
tion the total drag is considered as acting through this center of resist- 
ance, The lift acting on the wing is considered as the sole lifting force 
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of the airplane and it, of course, will be acting through the C.P. The 
lift of the fuselage is very small and actually may be disregarded en- 
tirely and the force on the horizontal tail surfaces is considered en- 
tirely independent of the total lift, because it may be either an up- 
load or a down-load. In reality, since all of the quantities of 
thrust, drag, lift, and their respective moment arms are fixed quanti- 
ties, i.e.y the quantities are fixed by the design of the airplane, the 
changing of the tail load is the only means for the pilot to maintain 
equilibrium. In Fig. 6-1, if the airplane is to maintain steady flight, 
the equations of mechanics (see Introduction) must be satisfied. 
That is 

2: // = 0 
2 F = 0 

and 2 Jlf = 0 

That is to say, the horizontal forces must equal zero: 

Thrust = total drag 
The vertical forces must equal zero: 

Lift = weight + tail load 


Also, the moments must equal zero : 

(Thrust X a) -f (drag X ^) + (tail load X c) — (lift X d) == 0 
It can easily be seen that if the moments of lift, thrust, and drag, 
taken about the C,G. have constant values, in order to have equilib- 
rium in flight, the load on the tail must be maintained according to 
the attitude of flight. That is to say, the moment arm of the tail is 
constant in that a symmetrical airfoil is used on the horizontal stabil- 
izer and there will be no C.P, movement with angle of attack. There- 
fore, the only remaining variable for equilibrium is the load on the 
tail. 


Example: An airplane equipped with a rectangular Gottingen 436 
wing with a 42-ft span and 7-ft chord is operating at 120 mph. The 
E.F.P.A. of the airplane has t)een computed as 9 sq ft and the C.G. 
is IS in. back from the leading edge of the wing. The C.G. is also 
10 in. below the center of resistance and 9 in. above the thrust line. 
The divStance from the C.G. of the airplane to the C.P. position of the 
tail is 22 ft. What must the tail load be for equilibrium if the airplane 
weighs 2500 lb ? 


Solution: 


Cl = 

Pf 


W 


2 SV^ 


2500 


0.001 189 X 294 X 


('2“ X S)' 


= 0.231 
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Then from Fig. when Cl == 0.281, Co = 0.018 
(Profile drag) Dp = Co p!^ 

= 0.013 X 0.001181 

= 141 lb 

(Flat plate drag) D^p = 1 .28 X 

= 0.00:}27 X X 
E.F.P.A. 

= 0.00327 X 9 X (120)'' 

= 424 lb 

(Total drag) Dt = Dp + Dpp 
= 141 + 424 
= 565 lb 

then if 2// = 0, thrust = drag 

Dt = 565 lb = thrust 

From Fig. 8-1, when Cl = 0.231, C.P. = 52 percent 
then 

C.P. = 0.52 X 7 X 12 

= jl3.7 in. back from leading edge 

The moment arm of the lift (c) = 43.7 — 18 = 25.7 in. 

As determined before: 

(Thrust X a) + (drag X ^) + (tail load X c) — (lift X ^) = 0 
Substituting: 

(565 X 9) + (565 X 10) + (tail load X 22 X 12) -(2500 X 25.7) =0 
TaU load = 203.4 lb 
Tail moment is positive (down force). 

Problems 

1. With the aid of Fig. 6-1, find the tail load necessary for balance 
if an airplane is equipped with a rectangular Gottingen 398 wing 60-ft 
span, 10-ft chord if the airspeed is 85 mph. The C.G. is 17 in. back 
from the leading edge of the wing, 12 in. below the center of resist- 
ance, 7 in. above the thrust line. The C.G. is 20 ft from the C.P. 
position of the horizontal stabilizer and the E.F.P.A. of the 3850-lb 
airplane is 3.5 sq ft. 
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2. An airplane is so designed that, at an airspeed of 100 mph, the 
load on the tail is 160 lb. The airplane is equipped with a Clark Y 
(Fig. 8-2) rectangular wing with 48-ft span and 8-ft chord. The C.G. 
is 10 in. below the center of resistance, 2 in. above the thrust line and 
28 in. back from the leading edge of the wing. If the E.F.P.A. has 
been found to be 2.8 sq ft, find the required distance from the C.G. 
position to the C.P. position of the tail for balance in level flight if 
the angle of attack is 8"^. 

Stabilizer Setting. In the first tests in the wind tunnel, the stabilizer 
and elevator are first considered as a unit. The unit is constructed so 
that its angle with reference to the longitudinal axis can be changed 
through a range of about 6^. 

It may be recognized at once, that, with a fixed angle of the stabi- 
lizer and elevator, there is only one angle of attack at which equilib- 
rium can be maintained. It is desirable to have this occur at the 
angle of attack at which the airplane will operate most of the time. 
If this condition were not obtained the pilot would constantly have to 
exert a pressure on the control stick in order to fly straight and level. 

The varying loads an airplane carries in flight will change the C.G. 
position, and, to counteract this, on many of the light airplanes an 
adjustable stabilizer has been installed. The pilot is able to adjust 
the angle of the stabilizer from the pilot’s seat during flight or on the 
ground. This arrangement is absolutely essential on practically all 
types of airplanes, in order to relieve the pilot of unnecessary fatigue 
in keeping constant pressure on the stick. On the larger airplanes, 
the elevators are equii)ped with servo adjustable tabs which allow the 
pilot to trim the airplane in flight. Thus very little effort is required 
to maintain the desired flight position. 

In wind-tunnel tests it has been found that, when the moment 
curves for the complete airplane are plotted at different elevator set- 
tings, the amount the pilot can alter the tail load can be calculated 
accurately. The aiq:)lane will balance, that is, the resulting moments 
will equal zero, with each elevator setting at a different angle of 
attack. 

Power-on and Power-off. When the model of the complete airplane 
has been tested in the wind tunnel, the resulting moment curves will 
be for an airplane without thrust. The difference is not to be neglected 
between this result and one for the same airplane when the engine is 
running and the propeller is producing thrust. One difference will be 
the thrust moment about the C.G., and the other is that the air 
directed back by the propeller has a higher velocity than that of the 
airplane. Actually, the tail surfaces lie behind the slipstream of the 
propeller and therefore the forces on the tail surfaces will be increased 
with power-on. The effect of the slipstream and the thrust moment 
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is to make the airplane less nose-heavy. The thrust moment tends to 
require less of an angle of the elevator at any airspeed with power-on 
than with power-off. 

Thrust Line. The thrust moment and its relation to the balancing 
characteristics with power-on are seen in Fig. (i- 1 . Regardless of the 
position of the thrust line with respect to the C.G., within reasonable 
limits, the slipstream effect on the empennage will remain approxi- 
mately the same. Of course, the greater the vertical distance be- 
tween the thrust line and the C.G. the more drastic will be the differ- 
ence in the tail loads in power-off and power-on. Placing the thrust 
line above the C.G. will tend to counteract the tail-heavy effect that 
the slipstream will impose upon it. This is one of the reasons for using 
the inverted engine. Due to some other disadvantages, however, it 
will be sufficient to have the thrust line as close as possible to the 
C.G., and counterbalance the power-off effect by use of the servo 
adjustable tab or the adjustable stabilizer. 

Position of Drag Moment. In the same manner as the thrust 
moment, the drag moment will increase the tail load as the speed in- 
creases, and it is usually located above the C.G. If the speed in- 
creases, the drag will increase, and this means a change in the drag 
moment and a change in the tail moment will have to result to bring 
about equilibrium. If the center of resistance should be placed below 
the C.G., the condition would be opposite. It follows that the center 
of resistance should come as close to the C.G. as possible. The condi- 
tions of balance for an airplane require that it be balanced for the 
position and speed of Jlight for which it is most used. The more the 
increase of speed beyond that for cruising, the more tail-heavy it 
should become and as the speed is reduced to the minimum the more 
nose-heavy it should be. This condition, of course, should not be 
extreme because the increased load on the control column may ap- 
proach a point where it will require too much strain on the pilot. 

Static Longitudinal Stability. An airplane is designed so that, at 
one desired angle of attack, the resultant of all the forces will be 
equal to zero. The airplane is then said to “trim” at that particular 
angle of attack. The requirements for static longitudinal stability 
can be defined as follows: If, in steady flight at the “trim” angle, the 
nose of the airplane rises for some reason or other, and the angle of 
attack becomes greater than the angle of trim, a restoring or diving 
moment is created (independent of action by the pilot) tending to 
return the airplane to its original angle of attack; or if, on the other 
hand, when the nose of the airplane falls for some reason or other, a 
restoring or stalling moment is created (again without intervention 
by the pilot) tending to raise the nose and bring back the airplane to 
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its original angle of attack. An airplane having the characteristics 
just described is said to have static longitudial stability. 

If, however, the airplane when displaced from its position of trim 
to another angle of attack remains at the displaced angle (unless the 
pilot intervenes) without returning to the original position, it is said 
to have neutral static stability. 

Again, if when the airplane is displaced from its angle of trim, the 
angle of displacement increases indefinitely unless the pilot inter- 
venes, the airplane is said to have static longitudinal instability and is 
potentially dangerous. 

For an airplane that has positive longitudinal stability, the plot of 
the moments about the C.G. against angle of attack should produce a 
curve with a constant negative slope. Also, when the moments 
about the C.G. are plotted against air speed, there should result, for 
longitudinal stability, a straight line with a negative slope. Later, 
the static stability around the vertical axis and the lateral axis will be 
referred to as directional and lateral stability y respectively. 

Effect of Center-of -Gravity Positions. The most powerful influence 
on the inherent stability of an airplane is its location of the C.G. posi- 
tion with respect to the C.P. position. The most rearward position of 
C.G. must never move farther back than the most forward position 
of C.P. It has been proposed that a knowledge of the aerodynamic 
center and of the position of the C.G. is sufficient for obtaining a cri- 
terion for the static stability of the airplane and for computing its 
magnitude. The aerodynamic center of the complete airplane is com- 
puted by taking into consideration the arrangement of the wing or 
wings and tail surfaces only, not upon the angle of attack or their 
wing sections. The aerodynamic center of an airfoil, referred to 
earlier, is modified by the computation of the tail surfaces and 
therefore for the complete airplane will be moved back from the 
original 2J3 percent position to approximately the 35 percent position 
of the chord. When the aerodynamic center coincides with the C.G. 
the airplane is considered statically indifferent. If the airplane were 
displaced to some position, by air currents, there would be no ten- 
dency for it to restore itself nor any tendency to get worse. This 
condition, where the resultant air forces pass through the C.G. and 
produce no moments whatsoever, is termed neutral stability. Design 
and flight tests have proved that it is more desirable for the airplane 
to possess a limited amount of positive stability: The aerodynamic 
center of the airplane should be located behind the C.G. If the 
aerodynamic center were located ahead of the C.G., there would be 
a moment to increase the angle of attack more and more, creating a 
tail-heavy condition which is disastrous. If the aerodynamic center 
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is acting back of the C.G., there will always be produced a negative 
or restoring moment. 

The N.A.C.A. Technical Report No. (572, regarding the effects of 
C.G. location on a low-wing monoplane, explains that, in nearly 
every case, moving the C.G. forward steepens the spin and improves 
recovery. Moving the C.G. back flattens the spin and retards re- 
covery. In a normal spin the airplane wing operates on a high angle 
of attack. Even though the path of the air])lane is vertically down- 
ward, which produces relative wind vertically upward, the angle of 
attack is slightly beyond the burble point. In a flat spin the angle of 
attack is approximately 70° which means that the relative wind is not 
moving over the airfoil in a way to render it effective. Most tail- 



heavy aiq^lanes will produce a flat spin and recovery is practically im- 
possible. The stability of an airplane that posseSvSes these character- 
istics has been termed catastrophic instability. 

Mean Aerodynamic Chord. The chord of the airfoil heretofore 
referred to has been the chord of a rectangular wing. Likewise, the 
C.P. position has been given in terms of the rectangular wing chord. 
However, it may be recognized at once that if any deviation from a 
rectangular planform is used for a wing, there is no evident wing 
chord for reference, i.e.y if a tapered wing is used, the chord lengths 
will vary from the root section to the tip. 

Since, in stability calculations, the position of the C.P. is of ut- 
most importance, it follows that the length and position of the average 
chord is imperative. In other words, the resultant air force will be 
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working through a certain point on the mmn aerodynamic chord 
(M.A.C.) and the position of this C.P. must be given in percent of 
this mean chord. The M.A.C. of a wing cellule has been defined as 
the chord of an imaginary airfoil which, throughout the flight range, 
will have the same force vectors as those of the actual wing cellule. 
The imaginary mean aerodynamic chord need not resemble any known 
airfoil. The wind-tunnel data may be used to calculate the exact 
length and position of the M.A.C. The chord may also be calculated 
from the dimensions of the proposed or actual wing; it lies in the plane 
of symmetry and is parallel to the longitudinal axis of the airplane. 
The M.A.C. may be obtained from wind-tunnel data but when tests 
have not been made the following methods are used. 

An airplane with a rectangular monoplane wing has its M.A.C. 
the same as the chord of the wing section. 

For a tapered monoplane wing, the M.A.C. of each wing j)anel is 
located at the centroid of the plan view of the wing section. Figure 
6-2 shows a graphical method of finding the M.A.C. of a wing. The 
leading edge of the M.A.C. is the line connecting the leading edge of 
the root and tip sections, and the trailing edge of the M.A.C. is the 
line connecting the trailing edge of the root and tip sections. This 
condition denotes a tapered wing. To find the perpendicular dis- 
tance C from the root chord to the M.A.C.: 

r 

S{r + t) 

where C = perpendicular distance to M.A.C. from root chord 
a = perpendicular distance from root chord to tip chord 
r = len^h of root chord 
t = length of tip chord 

To find the length of the M.A.C. : 

Length of M.A.C. + t 

3 L 

To find the distance, ^/, in a swept-back wing, from the leading edge of 
the M.A.C. to the leading edge of the root chord: 

, _ b{r + 2/) 

+ t) 

When a monoplane has a straight center section and swept-back 
wing, the M.A.C. of the center section and the outer section are found 
separately (Fig. 6-3). Then the distance, /, from the center line of 
the airplane to the M.A.C. is: 

I ^Sc + fSt 
Sc + S^ 
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where e = distance from center line of airplane to M.A.C. of half 
the center section 
Sc — total area of center section 

= distance from center line of airplane to M.A.C. of outer 
section 

St = total area of both wing sections 

To find the length of the M.A.C. of wing with straight center section 
and swept-back outer section : 

Length M.A.C. = C, + 

U - e) 

where Q = length of M.A.C. of outer wing section 
Cc — length of M.A.C. of center wing section 

The distance, n, of the leading edge of 
the M.A.C. back of the leading edge 
of the center section is 

m{l — e) 

^ = -Yt 

(/ - e) 

If the student desires more complete 
information, almost any good aviation 
handbook will give him the standard 
procedure for finding the M.A.C. of 
monoplanes with dihedral or for bi- 
planes, etc. 

Problems 

1. A rectangular wing with a 5-ft 
Fig. 6-3. Graphical method to de- chord and 40-ft span has its maxi- 
termine M.A.C. of straight center mum forward position of C.P. at 30 
section and sweepback outer panel, percent of the chord from the leading 

edge. The C.G. was found to be back 
of the C.P. position and to adjust this situation, the center section, 
4 ft wide, was left unaltered. The outer panels of the wing were 
left as parallelograms with area unchanged, but the tip was given a 
sweepback of 2 ft. (a) Find the distance from the center line of the 
airplane to M.A.C. of the altered wing, (b) Find the distance that 
the leading edge of M.A.C. has been moved back. 

2. Find, in Problem 1, the distance from the center line of the air- 
plane to the M.A.C. of the wing if the sweepback of the tip was only 
1 ft. 

3. In Problem I the center section is unchanged and the trailing 
edge of the wing is left perpendicular to the center line. The leading 
edge of the wing, however, is given a 2-ft sweepback at the tip, and 
the span is lengthened so that the wing area will remain the same. 
Find the distance from the longitudinal center line of the airplane to 
the M.A.C. of the altered wing. 
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4. In Problem 3, find the distance that the leading edge of the 
M.A.C. has been moved back. 

5. A monoplane with a rectangular wing with a G-ft chord and 
60-ft span has its 5-ft center section unchanged but the leading edge 
is given a 3-ft sweepback at the tip (starting from the end of the 
center section), but the trailing edge remains perpendicular to the 
center line. The area of the altered wing is unchanged (360 sq ft.) 
(a) Find the new span of the wing, (b) Find the distance from the 
center line of the airplane to the M.A.C. of the altered wing. 

6. Find the length of the M.A.C. in Problem 5. 

Pitching-moment Curves. The actual pitching-moment curves of 
the complete airplane from the wind tunnel are a good indication of 
the conditions of flight without power. The designer may estimate 
the thrust moment and slipstream effects, while the proposed airplane 
is still on the drafting board. With these the longitudinal stability 
is determined. In the wind tunnel the complete model is tested at the 
useful ranges of the horizontal stabilizer. The pitching moments of 
the full-scale airplane about the C.G. may then be plotted (as the 
ordinate) versus angle of attack (as abscissa). It is seen that the 
point where angle of attack cuts the X axis, the moment is zero, 

M — 0; that is, this is the angle of attack for that particular stabi- 
lizer setting where flight equilibrium exists. The criterion for satis- 
factory static longitudinal stability is that, when the moments about 
the C.G. are plotted against angle of attack, the slope of the curve 
should be negative throughout. At any point along the curve the 
slope should be negative throughout; if the slo]:)e is positive, the air- 
plane is statically unstable. Where the curve is parallel to the A’ 
axis, the airplane is found to be neutrally stable. The steeper the 
negative slope of the moment curve, the greater will be the restoring 
moment when the angle of attack is changed. As was mentioned, too 
great a restoring moment is undesirable for good performance. Figure 
G-4a is an example of pitching curves that illustrate excessive positive 
stability. In recent tests it has been found that placing the C.G. as 
far as 20 percent of the M.A.C. from the leading edge tends to make 
the system very stable. The objective of the designer is never to 
place the C.G, behind the most forward position of C.P. For most 
airfoils, the most forward position of C.P. usually occurs at 30 percent 
of the M.A.C. from the leading edge. 

In Fig. 6-4b this type of moment about the C.G. is the criterion for 
static longitudinal stability. I'he pitching moment is stable so that the 
airplane tends to maintain a constant flight condition. However, the 
forces generated in this example are small and within the physical 
capabilities of the pilot. It has been found that the best position for 
the horizontal location of C.G. is in the range of 25 to 30 percent from 
the leading edge of the M.A.C. 
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In Fig. 6 4c is a typical example of an airplane that has the charac- 
teristics of instability in the cruising-speed range. This type of insta- 
bility tends to make the airplane “hunt” and requires the constant 
effort of the pilot to control it. This tendency of an airplane is called 
phugoid oscillations. The airplane is stable at higher speed (negative 
angles of attack) and at slow speed (high angles of attack) . 

In Fig. 6-4d the type of instability has been appropriately called 
“catastrophic instability.” This particular airplane is stable at high 



Fig. 6-4. Stability curves for airplane. 


angles of attack but is dangerouslyunstable at high speed or in a div- 
ing attitude. 

There are other factors that influence static longitudinal stability 
besides the horizontal location of the C.G. It has been found in 
wind-tunnel tests that the vertical position of the C.G. is quite im- 
portant for stability. When the C.G. is located above the M.A.C., 
the airplane tends to become less stable than when the C. G. is below 
the chord. Actually the location of the C.G. below the chord does 
not change the negative slope of the curve at small angles of attack 
but at higher angles it has a powerful stabilizing effect. 

Tail Plane. The empennage of the design is another powerful in- 
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flueiicc* oil the longitudinal stability of the* coinpletc airplane. I'rini 
at any speed requires that the ])itchiiig moment due to the tail sur- 
faces be equal to the pitching moments due to the lift and the thrust. 
If the tail surfaces are located below the chord line, the stability will 
be adversely affected at high speed, and if they are located well above 
the chord line, the adverse effect will be at low speed. Experience 
has proved, however, that in actual flight tests the best control in the 
stall favors the lower location of the tail. The reason for the concern 
for the horizontal tail surfaces is because of the downward velocity 
of the air off the trailing edge of the wing. In reality, all of the drag 
moments may be neglected in the computation of stability. The de- 
signer may, by making the tail moment large enough to balance the 
lift moment, use this as the criterion for static balance. 

It must be remembered, neverthek\ss, that with 'd finite aspect ratio, 
there must be induced drag. This means that regardless of position 
and angle of attack that the horizontal tail ])lane makes with the 
main wing, it will not be the same angle of attack because of the 
downwash angle. Also, as the downwash moves backward toward 
the tail plane the downwash angle becomes less. 

The tail plane is usually located about two-and-a-half to three 
chord lengths back of the wing. It can be seen at once that, for a 
given tail, increasing the distance between the C.G. and the C.P. of 
the tail will make the restoring moment greater and usually increases 
the stability. 

The N.A.C.A. Technical Rej)ort Number 29»S has explained two 
elaborate methods for the calculation of the horizontal tail area neces- 
sary for a statically stable airplane. The methods are based on con- 
siderations affecting the slope of moment curves, and accounts for 
the effects of wing sections, wing aspect ratio, tail aspect ratio, tail 
length, downwash, and fore-and-aft location of the C.G. Space does 
not permit a full explanation of this work . 

Increasing the area of the tail plane, taking into consideration the 
downwa.sh from the wing, increases the moment about the C.G. An 
increase in the tail plane area will mean added structural weight be- 
hind the C.G. and also an increase in drag. An increase of both of 
these quantities is to be avoided whenever possible. 

Increasing the aspect ratio of the horizontal tail ])laiie has the same 
effect as increasing the area, in that the moment of the tail plane 
about the C. G. will be increased. The reason for this is that it will 
increase the slope of the lift curve. Another consideration of increas- 
ing the aspect ratio is that, as the span is increased, a greater portion 
will lie outside the slipstream. This will mean that there will not be 
quite as great a difference between flight with power-off and power-on . 
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The three criteria for the selections of an airfoil for the tail surfaces 
are: 

1. The slope of the lift curve should be as great as possible. 

2. The airfoil chosen must produce as small a profile drag as 
possible, at all angles of attack. 

3. In the effort of selecting an airfoil with small drag, caution 
must be observed in order that the airfoil will not be too thin to retain 
necessary structural strength. 

Calculatiofi of Stabilizer Setting. In order to know the tail moments 
about the C.G., it is necessary to be able to calculate the stabilizer 
setting. Before becoming too involved it is necessary to recognize the 
fact that stability cannot be corrected by a change of the stabililzer 
setting Variations in the angle of attack of the horizontal stabilizer 
can be used for securing equilibrium, that is, for adjusting the C.P. 
correctly at the C.G. for balance at average flying conditions. If, 
during most of the flying, the stabilizer creates lift in one direction, 
curving the stabilizer may be recommended. This cambering of the 
tail surfaces has practically the same effect as changing its angle of 
attack. For most conventional airplane designs, however, the stabil- 
izer is symmetrical in shape. 

The angle of attack of the stabilizer is further limited because an 
excessive angle of attack may lead to burbling and loss of equilibrium 
and stability. 

Formulas have been derived for the calculation of the downwash 
angle at the tail surfaces and although some give good results for one 
type of design they fall short on others. These formulas are useful 
when no comparative tests are available. A fair value of the down- 
wash angle at the tail, as assumed by the Army, has been taken as 
“one-half the angle of attack of the wing measured from the angle of 
zero lift.” 

Before going further it is best to point out that the angle of attack 
of the complete airplane is considered as the angle the relative wind 
makes with the longitudinal axis. The downwash angle is the angle 
between the direction of the relative wind in front of the wing and 
the direction of the air after it has passed the wing. The angle of 
attack of the tail surface is called the tail angle. It must be remem- 
bered also that the tail angle will depend on the stabilizer setting as 
well as the angle of downwash, and the downwash depends on angle 
of attack of the wing, and the aspect ratio. 

Example: An airplane has a Gottingen 436 airfoil and stabilizer 
is set at — 3^^ to the chord of the wing. The wing is set at an incidence 
angle of +2® and the airplane is at an angle of attack of +4°. What 
is the tail angle? 
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Solution: Angle of attack of the wing = 2° + 4° = 6° 

Angle of attack of tail with undisturbed relative wind = 6^ — 3° 
= 3 ° 

The angle of attack for zero lift of Gottingen 436 is —4.5° 

The angle of attack of the wing measured from zero lift is 6° + 
4.5° = 10.5° 

Therefore, by the Army assumption, the downwash angle = 10.5 
X V2 = -574" 

Then the angle of tail with the downwash = 3° — 574° = —274° 
From Fig. 6-5 it can be seen that the slope of the lift curve 


ACl ^ 0>15 
Ao: 2 


0.075 


which is approximately the same for most airfoils with an aspect 
ratio of 6. Then the angle of attack measured from zero lift can be 
expressed 


Likewise, the angle of downwash at 
the tail can be assumed as one-half the 
angle of attack measured from zero lift. 

e° = 5 X Q (aspect ratio 6) 

Example: An airplane has a 300-sq 
ft wing area with aspect ratio of 6. The 
angle of attack of the wing is +4° and 
the stabilizer is set at —8° to the wing 
chord. If the airplane is flying at 120 
ft/sec and weighs 3000 lb, what is the 
tail angle? 



Fig. 6-5, Diagram of slope of 
lift curve. 


Solution: 


Cl 


L = IF 

0.001189 X 5 X F2 


= 3000 

0.001189 X 300 X (120)2 

= 0.584 


e° = 1 X Cl_^ 
2 0.075 


= 0.584 

2 X 0.075 

= —3.89° = downwash at tail. 


Angle of tail with undisturbed relative wind = +4° — 8° = —4° 
Angle of tail with downwash = —4° — 3.89° = —7.89° 
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Problkms 

1 . An airplane with CUittingeii .‘19N has its stabilizer set at —o^ to 
the chord of the main wing. The airplane is flying at an angle of 
attack of +3° and the wing is set at +2^ angle of incidence. Find 
the tail angle. 

2. A 2000-lb airplane flying 95 mph has a wing area of 250 sq ft 
(aspect ratio 6). If the angle of attack of the wing is +6° and the 
stabilizer is set at —5° to the wing chord, find the tail angle. 

3. An airplane has a Clark Y airfoil, aspect ratio 6, set at +2V2° 
incidence. Angle of attack of airplane is +7°. What is the tail 
angle: (a) when stabilizer is set at —4^ to wing chord? (b) when 
stabilizer is set at +5° to wing chord? 

4. A Gottingen 430 wing, aspect ratio (>, is set at +2° angle of in- 
cidence to the longitudinal axis. The airplane is flying at +5° angle 
of attack. Find the tail angle when stabilizer is set at +5° to the 
wing chord. 

5. An airplane, equipped with a (>()ttingen .49S airfoil is flying at 
+ 4° angle of attack. If the angle of incidence is zero degrees, find 
the tail angle when the stabilizer is set at +2° to the wing. 

0. An airplane weighing 5000 lb has a wing area of 370 sq ft, as- 
]:>ect ratio 0, and is flying at 140 mph. Angle of attack of the airplane 
is 4-4°. The angle of incidence is 1° and stabilizer is set at 4-0°. 
What is the tail angle? 

7. An airplane flying at 200 mph at 0° angle of attack has a gross 
weight of 2200 lb and wing area of 240 sq ft. 'I'he angle of incidence 
is — 1°. Find the tail angle if the stabilizer is set at 4-4° with the 
wing chord. 

<S. Find the tail angle if the stabilizer is set at —5° to wing chord, 
the angle of attack of the wing is -t-4° and wing area is 400 sq ft. 
The airplane is flying at 220 mph and the gross weight is 9000 lb, 
aspect ratio 0. 

. 9. An airplane has a 240-sq ft wing area with aspect ratio of 0. 
The angle of attack of the wing is 4-5° and the .stabilizer is set at 
— 10° to the wing chord. If the airplane is flying at 140 ft per sec 
and weighs 2700 lb, what is the tail angle? 

10. An airplane weighs 5200 lb, has 400 sq ft of wing area, aspect 
ratio 6, and is flying at 100 mph. If the angle of attack of the wings 
is 4“0° and stabilizer is set at -t-4° to wing chord, what is the tail 
angle ? 

If it is desired to find the down wash angle at the tail and the main 
wing does not have an aspect ratio of 0, it will be necessary to correct 
the angle of attack. Earlier, it was stated that the difference in 
angle of attack for a difference in aspect ratio was due to the difference 
in induced angle of attack, that is 

_ _ 57.3C/. _ 57.3C/. 

“ wAR VAR\ 

then 

18.24Ct , 18.24Ct 
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where a = given angle of attack (degrees) 
ai = new angle of attack for A Ri 
AR = given aspect ratio 
AR] = new aspect ratio 

Finding the angle of attack of zero lift for the airfoil by reference to 
the lift curve and adding it to the new angle of attack will give the 
angle of attack measured from zero lift. Then the downwash angle at 
the tail is determined by using the Army downwash value (one-half 
the angle of attack measured from zero lift). 

Example: In a preceding problem the angle of attack of the Gott- 
ingen 4H6 was ()° for an aspect ratio of b and the angle of attack for 
zero lift is --4.5'^. If the aspect ratio is changed to <S, find the tail 
angle. I 

Solution: Angle of attack of tail with undisturbed relative wind 
= 8° (as previously found). 

Angle of attack of wing meavSured from zero lift was previously 
found to be = 10.5"^ 

and 

Q 

oiL - 0 = 0 0^5 (aspect ratio (>) 

then 

Cr, = 10.5 X 0.075 
= O.TcSG 


The new angle of attack for A.R. 8 is 


18.24Cz, , 18.24Ci, 


a(AR 8) = a{AR (>) - + 


8 


_ 18.24 X 0.78() 18.24 X 0.786 

- b - g - -h - 

= 6^ - 2.89° + 1.79° 

= 5.4° angle for .4 A! 8 

Then for A.R. 8, the angle of attack measured from zero lift is 
5.4° + 4.5° = 9.9° 

Therefore by Army value the downwash angle at the tail is 9.9° X 
1/2 = -4.95° 

The angle of the tail with downwash is 8° — 4.9° = — 1.9° 

For all aspect ratio corrections, the lift coefficient remains constant 
and thus from the expression 

n __ 

Cl — ^ ocl 0 

it is readily seen that with a change in aspect ratio, the angle of at- 
tack measured from zero lift («£,== 0) will be changed and the slope of 
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the lift curve ( ACl/ A a) will also change. For instance, in the above 
example the slope of the lift curve for A.R. 8 will be 


ACi, ^ 0.786 

Aa 9.9 


0.0794 


That is, as the aspect ratio increases the slope of the lift curve (ratio 
of Cl,/ d) will be steeper. Likewise, as the aspect ratio decreases the 
induced angle of attack will be greater and therefore the slope of the 
lift curve will be less. 


Problems 

1. An airplane equipped with Gottingen 436, aspect ratio 6, has 
the wing at 5° angle of attack. The stabilizer is set at —7° to the 
wing chord. Find the tail angle if the aspect ratio is changed to 9. 

2. In Problem 1 find the slme of the lift curve for aspect ratio 9. 

3. An airplane has its stabuizer set at — 10° to the wing chord. 
With an aspect ratio of 6, the Clark Y airfoil has an angle of attack of 
4°. Find the tail angle if the aspect ratio is changed to 12. What is 
the slope of the lift curve for aspect ratio 12? 

4. An airplane equipped with Gottingen 398, aspect ratio 6, has 
the wing at 7° angle of attack. If the stabilizer is set at —2° to the 
wing chord, find the tail angle if the aspect ratio is changed to 8.5. 
What is the slope of the lift curve? 

5. An airplane flying at 3° angle of attack has its Clark Y wing, 
aspect ratio 6, at 2° angle of incidence. If the stabilizer is set at —9° 
to the wing chord find the tail angle if the aspect ratio is changed to 
4.5. What is the slope of the lift curve for aspect ratio 4.5? 

Calculation of Tail Moment, Once the angle between the down- 
wash and the chord of the tail has been calculated, the tail moment 
can be determined. ^ The tail moment is the lift force on the tail 
(down or up) multiplied by the distance of the moment arm which is 
the distance between the C.G. of the airplane and the C.P. on the 
tail. The horizontal tail plane is a symmetrical airfoil which means 
there will be no C.P. movement and since the C.G. is fixed, the 
moment arm will remain a fixed value. The only variable, then, will 
be the lift force on the tail which is dependent on the angle of attack 
of the main wing, the angle of downwash, the aspect ratio of the wing 
and tail, and the angle of attack of the tail. As a rule, the tail plane 
will be of a smaller aspect ratio than 6 and this means the angle of 
attack of the tail must be corrected. A peculiarity of a symmetri- 
cal airfoil will be noted in that the zero lift line of a symmetrical 
airfoil coincides with the chord of the airfoil. That is, the angle for 
zero lift will be the same as the zero angle of attack for symmetri- 
cal airfoils. However, it must be kept in mind that if the aspect 
ratio is less than 6, the induced angle of attack will be increased 
when the angle of attack of the tail is changed (positive or negative). 
Therefore, for any angle of attack other than zero angle of attack, 
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the induced angle will increase with a decrease of aspect ratio and 
the slope of the lift curve will decrease. 

The lift force oh the tail angle is found by use of the familiar ex- 
pression 


where 

Clt 

St 

V 


Lt — Clt p/2 StV^ 

lift on tail 
tail lift coefficient 
area of tail 
velocity, ft/sec 


The lift coefficient of the tail, Clt = 0.075 X where 0.075 = AC^,/ 
Aa = slope of lift curve for A.R. 6 and ar = tail angle measured from 
zero lift (which, as explained, is, for symmetrical airfoil, the same as 
the tail angle of attack). It is evident, then, for an aspect ratio less 
than 6, the above formula for lift force on the tail must be corrected. 
Since the only variable is lift coefficient (Clt = 0.075 X ar) and the 
angle of attack of the tail will not be affected by change in aspect ratio, 
the slope of the lift curve is the only value to be corrected. 

Example: Find the tail moment when s)nnmetrical horizontal tail 
surface is 20 sq ft in area, span is 8 ft, stabilizer is set at —8° to main 
wing. Main wing is Clark Y, aspect ratio 6 at an angle of attack of 
6°, airspeed is 120 mph. Distance from C.G. to C.P. of horizontal 
tail surface is 1(3 ft. 


Solution: Angle of zero lift for Clark Y = 

Army value for downwash angle at tail, € 

tail angle ar = —7.5® 

Aspect ratio of tail = ^ 

^ area 20 

= 3.2 



Lift coefficient of tail = = 0.075 X -7.5 = -0.563 


where 0.075 and —7.5® are slope and angle of attack for A.R. 6. 
Correcting ar for aspect ratio of 3.2, 

ar{AR 3.2) = ctriAR 6) - 

18.24 X -0.563 , 18.24 X -0.563 
= -7.5 g + 3^2 

= -7.5° + 1.714° - 3.210° 

= —8.996° = angle of attack for AR 3.2 
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'riien the slope of lift curve for A.R. 3.2 is 

ACz. 


Clt — \ ~ 

Aa 

-0.563 = X -8.996° 
Aa 


Ao: 


0.0027 


Then, lift force on tail for A.R. 3.2 is 

Ly = X OtT X p/ 2 .Syl 
aa 

= 0.0027 X -7.0 X 0.001189 X 20 X 
= -340 1b 

tail moment = 10 X —340 

= —5540 ft/lb (down force) 


(-» X ^ 


Problems 

1 . Find the tail moment when symmetrical horizontal tail surface 
is 30 sq ft in area, span 9 ft, stabilizer is set at —10° to main wing. 
Main wing Clark Y, aspect ratio 0, at an angle of attack of 4°, air- 
speed is 100 ft per sec. Distance from C.G. to C.P. of horizontal tail 
surface is IS ft. What is the slope of the lift curve for new aspect 
ratio ? 

2. An airplane with Gottingen 43() main wing, aspect ratio 0, is 
flying 100 ft/sec at 9° angle of attack. The angle of incidence is zero 
degrees and the symmetrical horizontal tail is 25 sq ft in area, span 
8.3 ft and is set at —8° to chord of main wing. The distance from the 
C.G. to C.P. of horizontal tail is 22 ft. Find: (a) slope of the lift 
curve of the horizontal tail; (b) lift force on the tail; (c) the tail 
moment. 

3. An airplane is equipped with a Gottingen 398 main wing, as- 
pect ratio 6, and is flying 130 mph at 8° angle of attack. The angle 
of incidence of main wing is —2°. The symmetrical horizontal tail 
is set at —5° to chord of main wing and has a span of 9.5 ft, area 37 
sq ft. The distance from the C.P. of the horizontal tail to the C.G. 
of the airplane is 14 ft. Find: (a) the slope of the lift curve of the 
horizontal tail; (b) lift force on the tail; (c) the tail moment. 

4. An airplane is flying 90 mph at 7° angle of attack. The main 
wing, whose angle of attack for zero lift is —3°, is set at —3° angle of 
incidence. The distance from the C.G. of the airplane to the C.P. 
position of the horizontal tail is 14 ft. The horizontal tail surface is 
19 sq ft in area, span 0.5 ft, and is set at — 12° to the wing chord. 
Find: (a) slope of the lift curve for horizontal tail; (b) lift force on 
the tail; (c) tail moment. 

5. An airplane with Gottingen 436 airfoil, aspect ratio 6, is flying 
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at 164 mph. The wing incidence is —3® and the airplane is flying at 
9® angle of attack. The distance from the C.P. position of the hori- 
zontal tail surface to C.G. is 35 ft. The horizontal tail surface has a 
span of 12 ft and area of 50 sq ft is set at -•11‘^ to the main wing 
chord. Find: (a) the slope of the lift curve; (b) lift force on the 
tail; (c) tail moment. 

Lateral and Directional Stability. Some authors attem])t to con- 
sider lateral stability and directional stability separately. However, 
the motions of yaw, roll, and sideslip are so interrelated that the two 
can hardly be considered separately. Actually, the identical forces 
that produce motion in roll also produce motion in yaw, although 
these forces are frequently more effective on the one motion or the 
other. When an airplane is tipped to one side by up-currents and the 
inherent characteristics of the airplane restore it to its original 
position, the airplane has lateral stability. In some cases an airplane, 
when displaced sideways, returns to its original position and then is 
displaced to the other side. In other words, this oscillatory motion 



acts in the same manner as oscillations in pitch. For lateral dynamic 
stability, these oscillatory motions will damp out. To secure 
restoring moments in lateral motion, dihedral is employed in the de- 
sign. Thus, when sideslip occurs in the rolling motion the lower wing 
actually has a greater lift produced by a larger angle of attack. The 
higher wing will have, relatively, a smaller angle of attack and htaice 
there will be a restoring moment (see Fig. 6-6). In the sidesli]^ the 
relative wind will have a side component which, when dihedral is used, 
will increase the angle of attack on the low wing and decrease the 
angle of attack on the high wing. Also, if the designer distributes a 
larger vertical fin above the C.G. than below, the center- of -resistance 
of the fin area will be located above the C.G. and a restoring moment 
will be generated when sideslip occurs. 

When a large vertical fin area is used far to the rear of the C.G., a 
yawing moment in the sideslip is produced, i.e., the airplane acts like 
a weather vane. As the weather-vane effect produced by the vertical 
tail surfaces heads the airplane into the wind, one wing moves for- 
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Ward faster than the other and therefore, with increased velocity of 
the wing, a lifting force results. This lifting force tends to increase 
the bank and the increased bank produces more sideslip, the cycle re- 
peating itself results in a motion known as spiral instability. 

Directional stability has been developed by distributing the ver- 
tical fin area so that the resultant air forces in a sideslip act to the 
rear of the C.G. and force the nose of the airplane into the wind. Any 
excessive directional stability incorporated in the design combines 



Fig. 6-7. Effect of sweepback in forward 
slip. 


with rolling motion and will produce spiral instability. The designer 
is constantly faced with the problem of getting the proper amount 
and position of the vertical fin area to obtain the desired directional 
stability and still avoid spiral instability. 

Sweepback is used in modern aircraft design to obtain the proper 
horizontal location of the M.A.C. with respect to the C.G. At the 
same time sweepback has an effect on directional stability (see Fig. 
6-7). In a sideslip the drag forces on the two wings are unequal and 
the result is a stable restoring moment in yaw. 
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7 

LOAD FACTORS 

Obviously, to design the structure of an airplane requires knowl- 
edge of the loads which will be imposed upon the structure so that 
the stresses in the members may be determined. With this informa- 
tion the required strength and sizes of the load-bearing members may 
be calculated. This is a problem for the stress analysts. The pur- 
pose of this chapter is to point out the various flight conditions that 
necessitate great structural strength and to help the student engineer 
appreciate more fully the responsibility of the designer. 

The loads that the airplane are subjected to may be classified as 
follows: 

a. Air loads on the main part of the structure, such as the wings 
and fuselage, and the control surfaces. 

b. Static loads other than air loads, such as those loads imposed 
by handling, taxiing, and landing. 

c. Dynamic loads or any loads which involve the acceleration of 
the parts or of the complete airplane. 

Of these three, the most critical are the dynamic loads encountered 
in different flight conditions. 

After estimating probable loading conditions on an airplane wing, the 
actual design procedure is not unlike that of a bridge designer. There 
is, however, a difference in determining the actual basic load that must 
be considered in airplane design. That is, the gross weight of the air- 
plane is considered the basic load and, for unaccelerated level flight, 
the load that the wing must support is the static weight of the airplane 
(this is not exactly correct for all flight conditions). Depending 
upon the maneuver, of course, the load imposed on the wing may be 
many times the basic load. For accelerated flight this increased load 
on the wing is called the imposed dynamic load. 

In any condition of static equilibrium, the basic load is the weight 
on the structure or part, i.e., it is the load due to the weight of the 
airplane in unaccelerated level flight. For all types of airplanes in 
accelerated flight, the structure will be subjected to a load not in 
excess of the so-called maximum probable loady also called maximum 
applied load. Actually, the maximum applied load may be limited by 
the inherent flight characteristics of the aSrplane or by a placard or 
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notice prohibiting various maneuvers that might possibly impose too 
great a load on the structure. The applied load factor is the ratio of 
the maximum applied load to the basic design load (gross weight). 

Even though the problem of the stress analyst is practically the same 
as that of a bridge designer, the aeronautical engineer has a much 
more tedious job than the bridge builder. The airplane designer is 
continually designing and redesigning parts in an effort to reduce to 
a minimum the structural weight; this, of course, necessitates ex- 
tremely close design of all parts. The design of a section is made so 
that the part will sustain an ultimate load (yield load) which is 
usually fixed at 1.5 times the applied load. The ultimate load divided 
by the maximum applied load is factor of safety. The ratio of the 
ultimate load to the basic load is the design load factor. 

Curvilinear Flight. Constant velocity means constant speed in a 
straight line. The velocity can actually be changed in two ways: 
speed or direction. The rate of change of either is called acceleration. 
In level, unaccelerated flight, the force of gravity, called weight, is 
acting downward toward the center of the earth. This force of 
gravity is the only downward force acting on the airplane. When 
the airplane is turned, in other words when the direction of velocity 
is changed, there is brought about an acceleration. This acceleration 
is always radially inward toward the center about which the airplane 
is circling at that instant. This force inward is measured by the mass 
times the acceleration. In order that the turn be perfect it is neces- 
sary that force be equal and opposite to the inward or centripetal 
force. This opposite force is called centrifugal force. 


W 

CF = ~~ — 
g r 


where W 

g 

V 

r 


= weight in lb 

= acceleration of gravity (32.2 ft/sec^) 

= velocity of the airplane in ft/ sec 
= radius of curvature of the flight path in ft 


In a properly executed turn, the lift perpendicular to the wings 
must equal the resultant of the weight and the centrifugal force. If 
the bank is not correct, slipping or skidding will result: If the bank 
is too great there will be a slipping inward and downward; if the 
angle of bank is not great enough the airplane will skid or move 
outward. 

If the lift is greater than that required for a perfectly coordinated 
turn the airplane will execute a climbing turn. If the lift is not great 
enough to coimteract the downward resultant force the airplane will 
settle down in the direction of the resultant force. Figure 7-1 shows 
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the vector diagram of a plane in correct bank. If angle <t> is the angu- 
lar displacement of the wing in the bank, then 


tan </> = 


C.F\ 

~W 


C.F. = 


W.Y! 

g r 


WV^ 
g r 

tan = -pp- 


where g — acceleration of gravity 
r — radius in ft 
V — velocity in ft/sec 


tan <j) = 


Rr 


It is apparent, then, that the angle of bank is independent of size of 
the airplane, wing area, etc., provided they have the same airspeed 
and the same radius of turn. 



Fig. 7-1. Vector diagram of airplane in 
bank. 

To hold the airplane in any degree of bank the lift on the wing 
must be equal and opposite to the resultant down force. 

Lift = resultant = — — ^ 
cos (f) 

Power required for an airplane in flight varies as the drag and the 
velocity. Examining the above expression for lift required in a bank, 
it can be seen that if the angle of bank is greater than zero, the lift on 
the wing will be greater than the weight because the cosine will be 
less than one and must be divided into the weight. Lift can be in- 
creased for a given airplane in two ways only: either by increasing 
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the speed or increasing the angle of attack. Increasing the speed or 
increasing the angle of attack, which necessitates an increase in drag, 
will require more horsepower in a turn than in level flight. 


Example: An airplane with a rectangular Gottingen 436 airfoil 
has a 36-ft span and a 6-ft chord. It has an E.F.P.A. of 4 sq ft and 
weighs 4800 lb. It is flying straight and level at 120 mph and is 
placed in a 40° bank with the same airspeed. 

(1) What is the required angle of attack in level flight? 

(2) What is the horsepower required in level flight ? 

(3) What is the centrifugal force in the turn ? 

(4) What lift is required in the turn ? 

(5) What is the angle of attack in the turn? 

(6) What is the required radius of turn ? 

(7) How much more HP is required in the turn than for level 
flight? 


Solution: 

( 1 ) c. 


L = W 

0.001189 X S X 


4800 

0.001189 X 216 X A20 X 



= 0.605 



From Fig. 

3-1 when 

Cl 

= 0.605 



a 

II 

0 

(2) From Fig. 

3-1 when 

Cl 

= 0.605 



Cd 

= 0.03 


HP (wing) = 


Cd p/2 

550 


0.03 X 0.001189 X 216 X 
550 



2 


then HP (parasite) = 


= 76.4 HP 

1.28 X p/2 XA,XV^ 


550 

1.28 X 0.001189 X 4 X f 120 X 




550 


= 60.2 HP 


Total HP required = HP (wing) + HP (parasite) 
HP (total) = 136.6 HP 

1124 ) 



(3) C.F. = W tan 40° 

= 4800 X 0.84 
= 4030 lb 
W 


(4) Lift = 


( 5 ) = 


cos 40° 

4800 
0.766 
6270 lb 

p/2 X S X F 

6270 


X a)’ 


0.001189 X 216 X 
= 0.79 

From Fig. 3-1 when C/, = 0.79 
angle = 6.1° 

and Cd = 0.046 
1/2 

(6) Radius of turn r — .7^0 

, g tan 40 


(7) HP (wing) = 


32(2 X 0.84 
= 1144 ft 

Co_p/2 SV^ 

5.50 

0.046 X 0.001189 X 216 X 120 X 


IIP (parasite) = 


550 

= m HP 

1.28 X p/2 X X Fs 


550 

1.28 X 0.001189 X 4 X (^120 ) 


5,50 


= m.2HP 
Total HP = 177.2 


Difference of HP required in bank and level flight 
136.6 = 40.6 HP 


30 J 


44y 


= 177.2 
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Problems 

1. An airplane weighing 3000 lb with an E.F.P.A. of 3.1 sq ft 
has a rectangular Clark Y wing of 8-ft chord and 48-ft span. The 
airplane flying level at 100 mph is placed in a 50° bank at the same 
airspeed. Find: (a) the angle of attack for level flight; (b) the 
HP required in level flight; (c) the centrifugal force in the turn; (d) 
lift required in the bank; (e) angle of attack in the bank; (f) HP 
required in the bank; (g) required radius of turn. 

2. An airplane flying level at 85 mph is placed in ()0° bank at the 
same airspeed. The gross weight is 1400 lb, E.F.P.A. is 2.3 sq ft, 
and rectangular Gottingen 398 wing has ()-ft chord and 3()-ft span. 
Find: (a) the angle of attack for level flight; (b) the HP required 
in level flight; (c) centrifugal force in the bank; (d) lift required in 
the bank; (e) angle of attack in the bank; (f) HP required in the 
bank; (g) required radius of turn. 

3. An airplane is executing a 30° banked turn of 2()00-ft radius. 
What is the required airspeed? 

4. An airplane weighing 2200 lb is banking at 275 mph. The 
radius of turn is 300 ft. Find the required angle of bank and the 
centrifugal force. 

5. An airplane is executing a (>0° banked turn of lOOO-ft radius. 
What is the required airspeed ? 

Load Factors. Any flight maneuver that brings about an accelera- 
tion on the aircraft structure subjects the wings to forces greater than 
the weight of the airplane. Newton’s second law of motion defines 
force as mass times acceleration. Mass has been defined as weight of 
the body in pounds divided by the acceleration of gravity in feet per 
second per second. When the force on the wings has been found for 
a certain maneuver, the load factor is found by dividing the static 
weight of the airplane into this force. To calculate this force it is 
necessary to know the weight of the airplane, the acceleration of 
gravity at the point where the weight is measured, and the change of 
angular velocity in unit time. 

F = Ma 

where M = W/g 

W 

therefore F = — X a 

The above expression is for a force acting on an airplane that results 
in an acceleration, a, in feet per second per second, when W is in 
pounds, g is the acceleration of gravity (32.2 ft/sec‘-^), and F is in 
pounds. In actual practice, the accelerations on an aircraft in flight 
are not expressed in so many feet per second squared, but are usually 
referred to in units of g. For example, if the acceleration on an air- 
craft in a pull-out from a dive were found to be 193.2 ft per sec, the 
acceleration would be expressed as an acceleration of 6g. That is, 
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the acceleration of 6g would mean that the force in pounds exerted on 
the airplane would be 6 times the gross weight. 

The load factor of an airplane is the ratio of the force on the wings 
to the weight of the airplane. Figure 7-2 will show that in a perfect 
turn, i.e., no slipping or skidding, the lift perpendicular to the wings 
as stated above is equal to the resultant downward force. 

L == R 

The resultant downward force is e(|ual to the weight divided by the 
cosine of the angle of bank. 


cos (l> 



Fig. 7-2. Vector iorces of airplane in 
bank. 


The load factor is the ratio of the imposed load to the basic load or 
gross weight of the airplane. 


W 


Load factor = 
Load factor = 


1 

cos <f) 


It is seen, then, that the load factor in terms of g is dependent only 
on the angle of bank. In other words, the weight of the airplane, the 
size, the airfoil, the angle of attack, etc., have no relation to the load 
factor imposed on the airplane. 

Example: What is the load factor of an airplane placed in a 50® 
banked turn ? If the airplane has a gross weight of 3000 lb what is the 
load imposed on the wings in the bank? 
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Solution: 


Load factor = ^ 

cos 50 


1 

0.643 
= 1.5Gg 


Load imposed on the wings = 3000 X 1.56 

= 4670 lb 

Example: An airplane weighing 2000 lb makes a turn of 300-ft 
radius at 180 mph. 

(a) What is the angle of bank? 

(b) What is the load factor? 

(c) What will be the load imposed on the wing? 

Solution: 


(a) r 


g tan 4) 


72 

tan 0 = — - 

(■'* X S)' 

32.2 X 300 
= 7.20 


angle of bank cf) = 82° 10' 

(b) Load factor = 

1 

” 0.1363 
= 7.33g 

(c) Load imposed on wings = 2000 X 7.33 

= 14,680 1b 


In the above example it can be seen that the slower the velocity of 
the airplane the smaller will be the radius of turn. In designing faster 
military ships it is evident that for this higher speed it is necessary 
to sacrifice some maneuverability. 


PrOBLEMvS 

1. An airplane is placed in a 35° bank. What is the load factor 
and load imposed on the wing if the gross weight is 4000 lb ? 

2. An airplane weighing 3800 lb makes a turn of 700-ft radius 

[ 128 ] 



at 165 mph. (a) What is the angle of bank? (b) What is the load 
factor? (c) What will be the load imposed on the wing? 

3. Find the load factor of a 7000-lb airplane if the angle of bank 
was 64®. What is the load imposed on the wing? 

4. A racing plane rounding the home pylon makes a banked turn 
of 450-ft radius at 300 mph. If the gross weight is 4000 lb, (a) what 
is the angle of bank? (b) what is the load factor? (c) what is the 
load imposed on the wing? 

5. An airplane is making a turn of V 2 -inile radius at 200 mph. 
What is the load factor and load imposed on the wing if the gross 
weight is 2700 lb? 

Stalling Speed in Turns. In the military airplane a small turning 
radius is desirable. This is accomplished by a reduced velocity or a 
large angle of bank. Since the load factor = 1/cos </> it is evident 


I 

I 



Fig, 7-3. Force diagram of airplane in level flight. 


that the larger the bank, the greater will be the stresses on the wing. 
Also, in the expression for radius of turn 

y2 

r = 

g tan (f> 

the smallest velocity is related to the angle of bank and it will be 
shown that the stalling speed of the wing and the power available 
will be the deciding factor in the performance of the complete air- 
plane. 

In unaccelerated rectilinear flight, lift is considered to equal the 
weight; actually, lift is equal to the weight times the cosine of the 
angle of attack of the airplane (see Fig. 7-3). 

L — W cos 6 

A simplification which is almost universal, in this equation, is that 
cos d is considered equal to one. The maximum angle of climb for 
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most airplanes is so small that this simplification will lead to no 
appreciable error in most attitudes of flight. In a bank, however, the 
lift is equal to the weight times the secant of the angle of bank. The 
stalling speed in straight flight is 


Fv 



W 


but the stalling speed in a bank is 


Vs 


V W sec 

p/2 


W 


p/2 Ct. max S COS <j> 

J3::j 

If cos <l> Hi 


W 


-i 


1 

COS <l> 


p/2 CltuaxS 

X Visi 


The above expression means that the stalling speed in a certain de- 
gree of bank, Fb, is equal to the normal stalling speed, Fsr, times the 
square root of the load factor for that degree of bank (\/ i/cos <!>)' 


Example: An airplane with a Clark Y airfoil and wing area of 200 
sq ft and a gross weight of 2500 lb is flying straight and level. What 
is the normal stalling speed? If at the same airspeed the airplane is 
placed in a 55*^ bank what will be the new stalling speed? 

Solution: Normal stalling speed in straight and level flight will be 


From Fig. 1-18 


F;. = 

= 1.57 




W 


p/2 Cb 


then 




2500 


001189 X 1.57 X 200 


= 82 ft /sec = 56 mph 

Stalling speed in 55° bank = F^ = 4 / - — X Fjv 

icos </) 

- 

= 1.34 X 82 

= 108.2 ft/sec = 73.8 mph 
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In the above example it can be seen that the greater the angle of 
bank the higher the stalling speed. In other words, the increased 
load on the wing in a bank will tend to make the airplane fall out 
of a bank at a speed well above the normal stalling speed. It is very 
important that the pilot realize this fact and it is customary to build 
up the airspeed before going into a turn either by dropping the nose 
or increasing the throttle setting. 

Problems 

1. An airplane has a normal stalling speed of 45 mph. What is 
the minimum speed in a 65^ bank? 

2. An airplane equipped with a 300-sq ft wing with a maximum 
lift coefficient of 1.74 has a gross weight of 2400 lb. Find the normal 
stalling speed and the stalling speed in a 35° bank. 

3. Find the normal stalling speed of an airplane with a wing 
loading of 18 lb per sq ft and a maximum lift coefficient of 1.42. 
What is the minimum speed in a 70° bank? 

4. An airplane has a wing loading of 20 lb per sq ft and a maxi- 
mum lift coefficient of 1.67. What is the normal stalling speed at 
5000 ft? What is the stalling speed in a 48° bank at that altitude? 

5. An airplane stalls out, at sea level, at 35 mph. At what air- 
speed will the airplane stall out in a 75° bank? 

In performance estimation it is interesting to note the difference 
between horsepower required in level flight and the horsepower re- 
quired in different angles of bank. In a bank the forces on the air- 
plane increase as the bank increases. With this increase in bank 
either the velocity must increase or the angle of attack must be in- 
creased or both, in order to maintain a perfectly coordinated turn. 
The horsepower required varies as the cube of the velocity and also 
increases with increase of drag. In a typical example. Fig. 7-4, the 
greater the angle of bank the greater velocity and drag and hence the 
greater the horsepower required. A study of the plot also indicates 
that a certain limit is placed on the angle of bank. That is, curves 
may be constructed to show the intersection of horsepower-required 
curve for a certain degree of bank and the power-available curve. 
At small angles of bank, where the horsepower-required curves fall 
below the horsepower-available curve, the minimum speed of the 
airplane will be the stalling speed for that degree of bank. The range 
of speeds for these smaller degree of banks will be from the stalling 
speed up to the intersection of the power-available curves. At this 
point of intersection will be the maximum speed ; beyond that point 
there is not enough power available to allow higher velocity. For the 
larger angles of bank, depending, of course, on the design horsepower 
available, the lower intersection of the power-available and power- 
required curves determines the minimum speeds. This minimum 
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speed may or may not be the stalling speed for that angle of bank. As 
the bank is increased still further, the minimum speed will be at the 
lower intersection and well above the stalling speed. To determine 
the stalling speed, the formula 

Vb = V 1/cos <f> X Vjv 

may be used. For the larger angles of bank, the top speed will be 
less on account of the greater power required for the execution of the 
turn. An inspection of the two intersections of the power-required 
and power-available curves will reveal that the range of speed will be 



VcUOCITV 


Fig. 7-4. Power required for various degrees of bank. 

limited as the bank is increased. For the degree of banks whose 
horsepower-required curves fall above the power-available curves this 
indicates that those banks are not possible because there is not suffi- 
cient power available. 

The above facts are important from the viewpoint of performance. 
The expression for radius of turn is 

= 

g tan 0 

For good performance as small a radius of turn as possible is desirable. 
It can be seen that the smaller the velocity the smaller the radius of 
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turn, hence the airplane will be more maneuverable. Then, by set- 
ting up the curves, horsepower-available and horsepower-required, 
the lower intersection of these two curves will give the minimum 
speed for that particular bank. Substituting in the above formula 
the known values of speed, angle of bank, and acceleration of gravity, 
the minimum radius of turn may be calculated. 

Example: For a particular airplane the HP-required curve for a 
30° bank intersects the HP-available curve to give a minimum speed 
of 54 mph. For the same airplane the HP-required curve for a 60° 
bank intersects the HP-available curve to give a minimum speed of 
75 mph. 

(1) Find the minimum radius of turn for the 30° bank. 

(2) Find the minimum radius of turn for the 60° bank. 

Solution: 


(1) Radius of turn r 


g tan <t> 

(« X S)’ 

32.2 X tan 30° 

(79.1)2 

32.2 X 0.577 

= 337 ft radius of turn for 30° bank. 


(2) Radius of turn r 


32.2 X tan 60° 

(110)2 

32.2 X 1.732 

= 217.5 ft radius of turn for 60° bank. 


The radius of turn for the 30° bank is greater even though the velocity 
was less than that for the ()0° bank. The reason for this is because of 
the greater angle of bank which permits the turn to be made more 
rapidly. However, the load on the wings for the 60° bank will neces- 
sarily be greater than that for the 30° bank because of the greater 
centrifugal force. 


Problems 

1. For a particular airplane, the lower intersection of the HP- 
required and HP-available curves intersect, for a 45° bank, to give a 
minimum speed of 68 mph. For the same airplane, the available 
and required curves intersect for a 70° bank to give a minimum speed 
of 79 mph. Find: (a) minimum radius of turn for 45° bank; (b) 
minimum radius of turn for 70° bank. 
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In Problem 1, above, if the weight of the airplane is 1500 lb, 
find (a) the load factor and load imposed on the wing for the 45° bank ; 
(b) load factor and load imposed on the wing for the 70° bank. 

Vertical Banks, Pilots have been duly warned to refrain from ex- 
ecuting banks in excess of 70° and also from abrupt pull-outs from 
high-speed dives. No airplane can be made on which the pilot cannot 
impose extreme loads that will pull off the wings. Many airplanes 
must be placarded with “Never Exceed” speeds and some must be 
prohibited from certain maneuvers. It is the wise pilot who knows 
his own airplane. 

An angle of bank in excess of 70° is called a vertical bank. Actually 
a true vertical bank occurs when the angle of bank is 90°. The actual 
dynamic loads in a vertical bank are difficult to calculate because the 
airplane settles outward. Regardless of the initial high speed of the 
airplane, as it enters the vertical bank, there will be such a terrific 
centrifugal force that the airplane will tend to “squash” or settle out- 
ward. This abrupt change in the direction and attitude of flight will 
increase the drag and therefore decrease the speed. The airplane can 
be held only momentarily in the position because of the extreme load- 
ing and the tendency for the airplane to stall and spin out of the turn 
if held for any appreciable time. 

In the execution of the vertical bank, the only external forces acting 
on the airplane are the centrifugal force acting outward and the lift 
on the wings acting inward. This, of course, is assuming no slipping 
outward and, actually, this condition may exist only for an instant. 
It is this instantr nevertheless, that interests the designer, because it 
will represent the most critical loads for the vertical bank. Theoreti" 
cally then, the lift in a vertical bank should equal the centrifugal force. 



L = 

g r 


and 

" Cl, IIIHX 

p/2 5F“ 

then 

Cl, p/2 = 

Wyt 

Z r 


In the above expression for lift in a vertical bank, the maximum lift 
coefficient (Q ma,) was used because of the fact that the radius of 
turn will be minimum when the angle of attack is that of maximum 
lift. It should be noted, however, that even though the were 

used, the corresponding velocity is not the usual stalling speed of the 
airplane in the bank. The velocity is the initial speed at which the 
airplane enters the vertical bank and, as discussed earlier, this condi- 
tion may exist only for a moment before settling outward. 
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Then if 


Cl „.x p/2 SV^ 


C.F. = 


KYI 

g r 


and in straight and level flight, 


F* = 


W 

Ci, p/2 5 


Then substituting this value in the above expression 

IV W 

Cl „..x p/2 = — X Ve 

g Cl p/2 Sr 


Multiplying through by p/2 Sr gives 
Q Cl max(p/2 SyV'^r 


W'^ 


In straight and level flight the lift equals the weight (for practical 
purposes) ; 


therefore 

substituting 


= (Cl p /2 SV^y 


Cl Cl .nax(p/2 S)W^r 


Cl 


max 


r 


r 


(Cl p/2 sv^y 

g 

CiF 

g 

g max 


In the above expression, it is seen that for the absolute minimum 
radius of turn the lift coefficient will actually be maximum and the 
velocity will be the normal stalling speed. Therefore, the minimum 
radius of turn is 


rmin — 


LJYl 

g 


where Vn = normal stalling speed 


The load factor is the ratio of load imposed on the wings to the 
weight of the airplane. 


W 


= load factor 


In a vertical bank the load on the wings is 

L (load) = Cl max p/2 SV^ 


In the above expression, as explained earlier, the velocity, F, is the 
initial speed and the value of the lift coefficient will be maximum. 
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(Momentarily the lift coefficient will be greater than the ordinary 

max*) 

The weight of the airplane in level flight at the normal stalling 
speed is equal to the lift when the lift coefficient is maximum, 

W ^ Cl ma. p/2 

Then, theoretically, the load factor in a vertical bank is 

T j . l^ad imposed 

Load factor = — — r ^ 

weight 

^ p/2 5F 

Cl iimx p/2 SVjs;'^ 

V? 


where V = initial speed entering bank 
Vn = normal stalling speed 

The expressions for minimum radius of turn and load factor for a 
vertical bank contain the normal stalling Actually, for a true 

vertical bank the radius of turn is at its minimum because the angle 
of bank is maximum and the velocity is the minimum. 


Example: An airplane has a normal stalling speed of 55 mph. 
What will be the load factor imposed on the wings in a vertical bank if 
the initial speed is 250 mph? What will be the minimum radius of 
turn? 


Solution: 


T2 

Load factor = 2 

Vn 

= 20.()7g = load factor 

{bby 


Minimum radius of turn, rmin = 


(“ X 35) 


^\2 

30; 


32.2 


, = 202 ft 

Problems ^ 

1. A racing plane, flying at 300 mph, banks vertically around its 
home pylon. If the normal stalling speed is 75 mph, what is the load 
factor on the wings. What will be the minimum radius of turn? 

2. The normal stalling of an airplane is 40 mph. What is the ap- 
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plied load factor in a vertical bank if the initial speed is 150 mph? 
What is the minimum radius of turn? 

3. An airplane with wing loading of 9 lb per sq ft has a wing with a 
maximum lift coefficient of 1.73. Find the load factor on the wings 
in a vertical bank if the initial speed is 185 mph. What will be the 
minimum radius of turn? 

4. An airplane has a normal stalling speed of 48 mph. What is 
the load factor imposed on the wings in a vertical bank if the initial 
speed is 200 mph? What is the minimum radius of turn? 

5. An airplane with wing loading of 20 lb per sq ft has a wing with 
a maximum lift coefficient of 1.57. Find the load factor on the wings 
at 10,000 ft in a vertical bank if the initial speed is 140 mph. What 
is the minimum radius of turn at that altitude ? 

Acceleration in Pull-outs. It was shown earlier that abrupt changes 
in the angle of attack brought about a situation where the airplane was 
operating at the maximum value of the lift coefficient and the original 
speed instead of the stalling speed. This instantaneous change, while 
flying at high speed and being brought to the angle of attack for 
maximum lift, causes the inertia of the airplane to prevent it from 
changing speed immediately. The result is to bring about an accel- 
eration, that is, TV 

An airplane in a vertical dive and pull-up experiences the above 
acceleration which is the same as for that of a vertical bank. Al- 
though the expression is the same, an airplane usually goes into a 
bank from level flight whereas in a dive the velocity may be much 
greater than the maximum velocity in level flight. Thus, it is evident 
that the accelerations occurring in a dive could be much greater than 
those for the vertical bank. The maximum speed obtainable in an 
airplane is when the airplane is power diving vertically and the drag 
is equal to the thrust plus the weight. It follows that the maximum 
acceleration theoretically obtainable would occur when the airplane 
is instantly pulled out of a power dive at the limiting speed. Men- 
tion is made of the theoretical value because, actually, as soon as the 
pilot begins to pull out of the dive, there is a down-load on the ele- 
vator against which he must pull. This change of elevator setting 
cannot be made instantaneously, and therefore the actual accelera- 
tions obtained are smaller than those calculated by the above equa- 
tion. It is possible to equip the airplane with well balanced elevators 
tliat move quickly and easily, making the actual accelerations 
very nearly the same as the theoretical ones. 

When the pilot suddenly pulls back on the stick the tail is thrown 
downward. Just before this sudden change in angle of attack, the air 
is flowing smoothly over the airfoil; as the sharp change is made the 
air instantly breaks away from the upper surface of the wing and 
causes a separation of the airflow. At this instant the wing is really 
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acting at an angle of attack that generates a lift coefficient greatly in 
excess of the ordinary maximum lift coefficient. The load factor here 
is extremely critical and very dangerous. 

In the N.A.C.A. Technical Report No. 203, Lieutenant (now Lt. 
Gen.) Doolittle made a complete report on the accelerations in var- 
ious flight maneuvers of the Fokker PW-7, high-speed, pursuit air- 
plane. In this report is included accelerometer records of practically 
every type of acrobatic maneuver. 

The minimum speed of the Fokker PW-7 was approximately 57 
mph. Using this value in the equation, 


Acceleration = 


72 


the theoretical accelerations were calculated and plotted for sudden 
pull-outs in dives of various speeds. In the PW-7 the control sur- 
faces were balanced almost perfectly and when the actual dives and 
pull-outs were made the record of the accelerometer was plotted in 
the same manner as the theoretical calculations. The two calcula- 
tions, theoretical and actual, were practically identical and it was 
found that an actual acceleration of 7.8 was found to occur in a sud- 
den pull-out at 162.5 mph. 

Example: The PW-7 airplane when actually tested by loading 
with sand bags was found to be able to hold an ultimate load of 9 
times the weight of the airplane. If the stalling speed is 57 mph, 
what is the “Never Exceed” speed that the airplane should be pla- 
carded for? 

Solution: 

V'^ 

Acceleration = 

Vn^ 

9 = y^_ 

F = 3 X 57 

“Never Exceed” speed = 171 mph 

If the PW-7 airplane had been dived at an airspeed in excess of 171 
mph and pulled out as quickly as possible, the wings would probably 
have been pulled off. 


Problems 

1. If an airplane has been found, by static load test, to withstand 
a load of 16 times its gross weight, and if the stalling speed is 45 mph, 
what should be the “Never Exceed” speed? 

2. An airplane has been loaded with sand bags and found to 
withstand a total load of 22 times its gross weight of 1800 lb. The 
wing loading is 10 lb per sq ft and the maximum lift coefficient is 1 .6. 
Find the “Never Exceed” speed. 
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Accelerations in Loops. A loop is a maneuver so executed that the 
airplane follows a closed curve approximately in a vertical plane (see 
Fig. 7'5a). Except for high-speed airplanes, it is usually necessary 
to dive with power on to gain sufficient speed to carry over the top 
of the loop. The N.A.C.A. Technical Report No. 203 gives a com- 
plete account of five loops made by the PW-7 and the accelerations 
occurring in these loops. Each loop was made differently either by a 
change in the initial speed or varied tension on the control column, 
i.e., the loops were made by pulling the stick rapidly and slowly 
backward. 

In one loop the initial speed was U)0 mph and the stick was pulled 
back quickly, the airplane being allowed to fly itself over. The speed 
on the top of the loop decreased to 50 mph and in recovery increased 
to 110 mph. The accelerations experienced in the loops reached O.lg 



Fig. 7-5. Acrobatic maneuvers, N.A.C.A. 


at the initial pull-up and at the top of the loop the acceleration fell to 
1 g. There was a loss of altitude in this loop. 

The slowest loop the pilot was able to make was with an initial 
speed of 100 mph. The speed at the top of the loop dropped to 30 
mph and in pulling out rose to 70 mph. The maneuver was carried 
out with the stick being pulled back gently but steadily in order to 
impose as small a load as possible. The maximum acceleration 
reached in the initial pull-up was 1.5g and decreased to — 0.2g at the 
top. On the recovery a maximum load of 2g was recorded. 

This flight test revealed that the dynamic loads which occur in the 
loop depend upon the abruptness of the pilot when starting the loop. 
The time required for the different loops made by the PW-7 was from 
12 to 18 seconds, depending entirely upon the initial speed of the air- 
plane and the diameter of the loop. Just as in the definition of 
acceleration (change in velocity per unit of time), the less the time 
between two given changes in velocity the greater will be the accelera- 
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tions. In other words, if the pilot dives an airplane at its top speed 
and pulls otft gently and gradually, the accelerations will not be 
nearly so great as when he pulls up abruptly. 

Accelerations in a Spiral. The spiral is a maneuver in which the 
airplane descends in a helix of small pitch and large radius, the angle 
of attack being within the normal range of flight angles. In the spiral 
the airplane makes a succession of “loops’" in a horizontal plane, in 
which the airplane gradually loses altitude. The PW-7 airplane made 
accelerometer records for three spirals with the power on. In the 
first spiral the pilot attempted to hold the speed and altitude con- 
stant. The airplane at first had such a large radius that the accelera- 
tion was very small. Then the plane was banked to approximately 
70® and pulled into the turn tighter by greater back pressure on the 
stick. At this moment the acceleration reached and during the 
time the airplane was held in the turn with a constant radius, both 
the speed and acceleration decreased. The airspeed actually dropped 
from 120 mph to 70 mph and the accelerations varied from 3.3j^ to 
1.9g. 

In another spiral the angle of bank was slightly greater than 70® 
and the radius of turn was made smaller by pulling back more on the 
stick. This increased angle of attack reduced the airspeed because 
of the drag increase and this condition required some time for the 
pilot to establish steady conditions. The speed was held at 140 mph 
by allowing loss in altitude and, with the power on, an acceleration 
of 5.5g was obtained. 

Accelerations iH' Spins. An airplane in a spm is observed to be 
nose-down, dropping and rotating in a spiral path (see Nomencla- 
ture). It has been said that the speed of vertical descent in a normal 
spin is the stalling speed of the particular airplane. A spin is usually 
started from horizontal flight attitude by gradually pulling back the 
stick until the airplane is stalled ; at the instant of stall the rudder is 
kicked, causing the airplane to fall in a sideslip nose down. The air- 
plane will begin to rotate about the longitudinal axis and without 
further application of the controls the airplane will continue to rotate 
in the direction in which it was started. This action is called autoro- 
tation. With the elevator deflected upward it is apparent that the 
airplane will be working at a high angle of attack. The flight path 
of the airplane is vertically downward and the relative wind vertically 
upward (see Fig. 7-5b). 

To recover from the spin, it is necessary to reduce the angle of 
attack; this is done by decreasing the elevator angle, i.e., snapping 
the stick forward. It is natural for the pilot to try to come out of a 
spin by pulling back on the stick because the nose is down. If this is 
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done, however, the airplane will continue autorotation. When the 
stick is pushed forward the autorotation is stopped but the angle of 
attack will be decreased and the airplane will continue downward 
increasing in speed. The airplane will then be operating at a normal 
angle of attack and it is only necessary for the pilot to pull back on 
the stick and recover in the same manner as in an ordinary dive. For 
an airworthiness certificate the Department of Commerce requires an 
airplane, after a six-turn spin, to recover in no more than one and a 
half additional turns without use of the engine and with controls in 
neutral position. 

The Fokker PW-7 with the engine throttled was stalled and after 
turning through about 180^ fell into a spin. The accelerations re- 
corded remained practically constant at a value of 2.1g for 10 turns. 
In another spin with power applied the vertical velocity was reported 
to have been greater than the spin without power. The average 
accelerations recorded were 2.3g. 

Tail spins have brought about many serious accidents and the 
causes have varied from poor aerodynamic design to pilot incom- 
petency. Many so-called nonconventional type unspinnable airplanes 
have been developed by use of combined rudder and aileron controls, 
i.e., all banks and turns made are perfectly coordinated by the move- 
ment of only one control. 

, The N.A.C.A. has determined some interesting characteristics for 
normal spins: The radius of the helix was found to be from 1 ft to 10 
ft. The velocity in this path was from GO mph to 70 mph. The 
number of turns per minute was calculated to be 20 to 40. The 
amount of altitude lost in each of these turns ranged from 150 ft to 
400 ft, depending upon the type of airplane. The angle of attack of 
the center section of the wing was between 45° and 70°, this of course 
depending upon the type of spin (see Nomenclature). The attitude 
of the airplane in the spin was determined for the longitudinal axis 
and was found to be depressed at the nose 20° to 45° below the hori- 
zontal. The inside wing tip dropped 5° to 20° below the horizontal. 

Acceleration in Snap Rolls. A snap roll or a slow roll is a spin when 
the longitudinal axis is parallel to the horizontal (see Fig. 7-5c). In 
a snap roll the stick is snapped back quickly and, at the same instant, 
the rudder is kicked. Some airplanes are easier to snap roll because 
of the balanced control surfaces.. 

At the moment a snap roll is begun the acceleration increases to a 
high value depending upon the initial speed and the abruptness of the 
pull-back on the stick. 

In the PW-7 a quadruple roll started at 160 mph quickly generated 
a load factor of 7.2g. A slower and more gradual roll was commenced 
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at 150 mph. The ship did not whip over as it should and the stick 
had to be moved forward and then jerked back. When the airplane 
came out of the spin with a forward speed of 100 mph it was found 
that the greatest acceleration recorded by the accelerometer was 5.4g. 

There are many other interesting maneuvers and acceleration 
records for the Fokker PW-7 and the Boeing PW-9 in the N.A.C.A. 
Technical Report Nos. 203 and 364. 

Inverted Flight. As was pointed out in the chapter on airfoil selec- 
tion, the type of airplane design will decide the particular airfoil that 
is best suited for the particular job. Any conventional-type airplane 
can be flown upside-down but most airfoils are not very effective in 
this attitude because of the greater upper camber. However, air- 
planes can be so designed that they will perform exceptionally well 
in the inverted position. In this particular type of airplane an out- 
side loop can be performed but for the ordinary airplane it should not 
be attempted. The ordinary airplane is not designed to take the 
reversed loads imposed upon the wings in this maneuver. 



Landing Loads. It is not generally believed that the airplane ex- 
periences any great dynamic loads in landing. The maximum dy- 
namic loads vary a great deal with the type of landing, that is, for a 
smooth “three-point’’ landing the maximum load factor is about 2g 
and the tail-high landing has been found to give a dynamic load in 
excess of 5g. 

Gust Loads. Few realize that in rough air, caused by thermal con- 
vection, an airplane flying in level flight may be subjected to dynamic 
loads that exceed those in many violent acrobatic maneuvers. A 
newly designed airplane, to be deemed airworthy, must pass many 
exacting inspections and tests for strength and durability. One of the 
requirements for airworthiness is the .ability of the aircraft structure 
to withstand a sharp-edged vertical gust of 30 ft per sec. By apply- 
ing hydraulic jacks with special load-indicating devices it is possible 
to impose upon the underside of the fuselage and wings the ultimate 
or breaking load that would be generated by the 30-ft-per-sec gust. 
In this manner the designer may find the ultimate load factor that 

[ 142 ] 



the airplane can withstand and then, with a few simple calculations, 
can determine the “Never Exceed*' speed in rough air. 

When an airplane, flying level, encounters a vertical up-current of 
air, the inertia of the airplane tends to keep it moving horizontally 
forward. From Fig. 7-6 it can be seen that the resultant of the 30-ft- 
per-sec gust and the horizontal velocity of the airplane produces a 
relative wind which is directed backward and upward at the airplane. 
It is not difficult to see that this will result in a high angle of attack 
and the increase in angle of attack will increase the lift on the wings 
much more rapidly than the decrease in velocity, due to increased 
drag. Not only is there a sudden increase in angle of attack but 
actually the resultant velocity is greater. 

Example: An airplane with 200-sq ft Clark Y wing is flying level 
at 150 mph, at —2° angle of attack. It flies into a sudden up-gust of 
80 ft per sec. What will be the new angle of attack, and what is the 
load factor? 

Solution: 

From Fig. 7-6 the resultant velocity K, = 

The angle a. Fig. 7-6, is « = tan~^ 80/220 

= 7.77° 

New angle of attack = — 2° + 7.77° = +5.77° 

From Fig. 7-6 when angle of attack is +5.77°, Cl = 0.77 
Then new lift = 0.77 X 0.001189 X 200 X (228)2 
= 9100 lb 


\/3b2 + 220- 
228 ft/sec 


Weight of the airplane before striking up-gust 

Lift = weight = Cl p/2 SV^ 

When angle of attack is —2°, Cl — 0.21 
then 

W = 0.21 X 0.001189 X 200 X (220)2 
= 2415 lb 

The load factor = ^ = 

W 2415 


= 3.77g 


A close approximation of the load factor could be quickly calcu- 
lated by assuming the airspeed unchanged: 



0^7 

0.21 ' 
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8.67g 



It is not difficult to see that an airplane flying at higher speed, i,e, 
lower angles of attack, when striking a sudden up>gust will produce a 
higher load factor than an airplane flying slower and at higher angles 
of attack. 


Example: The same airplane in the above problem is flying at 80 
mph and strikes a 30-ft-per-sec up-gust. What will be the load fac- 
tor? 


Solution: 


^ _ 2415 

/ 44\2 

0.001189 X 200 X (8 X 


30/ 

= 0.738 

then « = 5° 

The resultant airspeed = \/( 117.4)“^ -f (30)^ 
= 121.3 ft/sec 
Angle a = tan”' 30/117.4 
= 14.3° 

New angle of attack = +5° + 14.3° = 19.3° 
then Cl = 1.55 


New lift = 1.55 X 0.001189 X 200 X (121.3)2 


= 5430 lb 

T , f . L 5430 
Load factor = -^ = 


= 2 . 25 ^ 

The reason pilots are urged to slow down in rough air is easily seen 
by the above examples. When the engineer has found the ultimate 
design load factor and has allowed one- third of the ultimate load 
factor as the safety margin, he may then state what the placarded top 
speed of the airplane should be. 


Problems 

1. An airplane with Clark Y wing of 180 sq ft is flying at 100 
mph, at 0° angle of attack. If the airplane flies into a sudden up- 
gust of 30 ft per sec, what will be the new angle of attack and the load 
factor? 

2. With the same airplane in Problem 1 (above) find the new 
angle of attack and load factor if the airspeed is reduced to 90 ft per 
sec. 

3. An airplane with a Clark Y wing of 240 sq ft of area is flying at 
200 mph at —3°. Find the new angle of attack and the load factor 
if a 30-ft-per-sec up-gust is encountered. 

4. With the same airplane in Problem 3 (above), find the new 
angle of attack and the load factor if the engine is throttled to 140 
mph. 
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8 

PROPELLERS 

General Discussion. The main consideration in the design and use 
of the aircraft propeller is to obtain the maximum performance of the 
airplane from the horsepower delivered by the engine under such con- 
ditions of operation as take-off, climb, cruising, and high speed. 

The propeller is a device for transforming energy developed by the 
engine into thrust energy for propelling the aircraft through the air. 
This propelling force by the propeller is called thrust. 

The earlier-type propellers were designed primarily in the same 
manner as a windmill : The thrust force produced was due entirely to 
the dynamic lift produced by deflecting air rearward from the flat 
face of the blades. Later, it was discovered that if the blades were 
considered as wings, or, more specifically, a number of wings of in- 
finitely short span placed end to end, the results would be better. 
Actually, the treatment of the propeller as a device that produces an 
aerodynamic reaction is universal and is of primary importance in 
design. 

Since the propeller is connected to the engine it must be able to 
absorb the power delivered to it by the engine regardless of the speed. 
Maximum efficiency of the propeller at certain speeds is the main 
design objective. The propeller should be able to transform the 
rotary power of the engine into forward tractive power. The fixed 
propeller cannot be efficient at all airspeeds and engine speeds; 
therefore it is usually so designed as to give its best performance at its 
design cruising speed. In some cases one outstanding feature such as 
high top speed, i.e.y for a racing plane, may be the object of the 
design. If a fixed-pitch propeller is used, certain desirable character- 
istics must be sacrificed. For example, if the fixed-pitch propeller is 
designed to give exceptionally high top speed, the take-off and climb 
characteristics will be poor. 

Experiment has proved that the larger the diameter of the pro- 
peller, the lower the rpm required for the same thrust; and, in general, 
the larger-diameter propeller is more efficient than smaller propellers 
because the blade interference is reduced and a higher aspect ratio is 
obtained. However, there are limitations as to the diameter of the 
propeller : 
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a. The greater the diameter, the greater the tip speed. 

b. The diameter is limited by the necessity for proper ground 
clearance. 

The maximum tip speed of propeller blades is limited to less than 
the velocity of sound in air (approximately 1100 ft/^ec). At tip 
speeds above this value, the air cavitates behind the blade, rapidly 
decreasing the efficiency. Geared engines are used that permit high 
engine speed and at the same time op>erate propellers at lower speeds, 
usually about 900 ft/sec. The formula for velocity of sound is 

Velocity of sound in air = OS.Oa/T ft/sec 
where T = temperature in centigrade absolute 

So at an altitude of approximately 40,000 ft (temperature 118° 
centigrade absolute) the velocity of sound is only 973 ft/sec. It can 
be seen, then, that an increase of altitude means a great decrease in 
the velocity of sound and, if the tip speed is the same as the velocity 
of sound, there will probably be a great loss in power due to violent 
compression waves that are generated. 

Problems 

1. At 14,000 ft the standard temperature is 9.2° F. Find the 
velocity of sound at that altitude. 

2. At 30,000 ft the temperature is —48.1° F. Find the velocity 
of soimd. 

3. At 50,000 ft the temperature in the isothermal region is —67° 
F. Find the velocity of sound. 

Momentum Theory, The propeller momentum theory, developed 
by R. E. Froude, and sometimes referred to as Froude's slipstream 
theory j deals with the changes of energy of the mass of air affected by 
the propeller. Professor Bradley Jones has given the following ex- 
planation of the propeller momentum theory.* 

‘‘The propeller is assumed to be a disk which exerts a uniform pres- 
sure or thrust over the cross section of the air column passing through 
the disk. It is further assumed that the disk imparts no twisting or 
rotation to the air column, and that flow remains streamline while 
coming to the disk, passing through it and beyond it. Referring to 
Fig. 8-1, A is a point in the air stream far enough in front of the pro- 
peller so that the pressure is atmospheric; F is a point in the air 
stream far enough to the rear of the propeller so that the pressure is 
atmospheric. 

“Let A = propeller disk area 

Ax — cross-sectional area of air column at X 

* Reprinted by permission from Elements of Practical Aerodynamics, Third Edi- 
tion, by B. Jones, published by John Wiley and Sons, Inc. 
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Ay = cross-sectional area of air column at V 
V = velocity at X 

V(1 + a) = velocity at propeller disk 
V(l + b) = velocity at Y 

p = atmospheric pressure = static pressure at X 
and Y 

pi = static pressure just ahead of propeller disk 
p 2 = static pressure just behind disk 

“Since the volume of air flowing through each area in unit time is 
the same, 

AxV = ^F(l + «) = AyV{i -f. h) 

“No energy is added to or subtracted from the air from X to a 
point immediately in front of the propeller disk, so Bernoulli’s equa- 



tion may be applied, and the sum of static and velocity heads at 
these two points placed equal 

p + p/ 2 F- = pi + p/2 F^(l 4- 

Pi - P + p/2 F[1 - (1 + a)'^] 

“No energy is added to or subtracted from the air from a point 
immediately in the rear of the disk to point F, so that the total 
heads at these points may likewise be placed equal. 

p 2 + p/2 F(1 + a)- = p + p/2 r-{l + ^)“ 

p2 = p + p/2 F[(l + by - (1 + ay] 

It will be noted that the velocity immediately in front is assumed 
to be the same as the velocity immediately in the rear of the disk; 
otherwise there would be an instantaneous increase in velocity and an 
infinite acceleration, which cannot be. The propeller disk does exert 
thrust on the air column, and the thrust (T) is equal to the difference 
in pressure created by the propeller times the area of the propeller 
disk. 


T ^ {P2- Pi) A 
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“Substituting values of pi and p 2 already found: 

T = ^[/> + p/2F^([l+6]^- [l+a]^)-/>-p/2Fni-(l+o)*]] 

= p/2^FM(l + *)* - 1] 

= p/2 A V\b^ + 2b) 

“Thrust is also equal to the rate of change of momentum which is 
the mass of air affected per second times the change in velocity. The 
mass of air handled per second i ; the density multiplied by the vol- 
ume, and the volume is the cross-sectional area at any point times the 
velocity at the same point. At the propeller disk the area is A and 
the velocity V{1 + a) so the mass of air passing through the propeller 
disk per sec is 

pAV(l +a) 

At point Xy the velocity is V ; 

At point Y, the velocity is F(1 + b) or V + bV] 
therefore the change in velocity imparted to the air column by the 
propeller is b V. 
then 

T = pAV(l + a)bV 
= pA F2(i + a)b 

“Equating this value for T to the one previously found: 
pA V\\ + a)b = p/2AV\b’^ + 2b) 
b + ab ^ ^Uib^ + 2b) 

2b 4“ 2Gb = 6^ -f" 2b 
2a = b 
a = b/2 

“This means that of the total increase in velocity imparted to the 
air column, one-half is added before the air passes through the pro- 
peller disk.” 

Another conception of Froude’s slipstream theory, although not en- 
tirely different from the above example, deals with the work done per 
unit time. In the N.A.C.A. Technical Report No. 213, the aircraft is 
considered moving with a velocity, F, which is considered the free- 
stream velocity. The propeller sets in motion backward a slipstream, 
whose final velocity may be called ( V+v), the velocity, Vy being the total 
increase in the velocity imparted to the air column. The air actually 
passing through the propeller has already had imparted to it a por- 
tion of this velocity, v, and by a simple application of mechanics, this 
additional velocity may be proved to be approximately one-half of v. 
That is, consider the aircraft at rest, as in a wind-tunnel experiment, 
and placed in a stream of air having the velocity, V, The propeller 
will be revolving as usual and the velocity of the air passing through 

[148] 



the propeller may be called {V + w). The final velocity of the slip- 
stream, as mentioned above, is called {V v). Letting m represent 
the total mass of air per unit time, the thrust, T, of the propeller is, 

Thrust = force = mass X acceleration 

If the free-stream velocity of the air is V and the total velocity of 
the slipstream becomes V + then the acceleration on the air mass 
in unit time is v. 

Then Thrust force = mv, where m is mass 

This thrust force, W7^ at the propeller disk acts on air moving with 
a velocity V + w. Therefore the work done per unit time is 

Work = force X distance 

Distance is the product of velocity and time, therefore, considering 
everything in unit time, 

Work = mv{V + w) 

This work, niv{V + "w), is equal to the increase of the kinetic energy 
of the air, i.e., the work done is the difference between the kinetic 
energy of the air behind the propeller and the kinetic energy of the 
air before being worked on by the propeller: 

V 2 w(F + v)'^ — = mv{V + w) 

2 " 

F + l = F+ w 

w = v/2 


2m Vv , mv^ 

~2 ~ 'Y' 


= mv{V + w) 


mv^ 


mVv ^ = mv{V + w) 

A 


Thus, of the total increase of velocity, half of this increase occurred 
before passing through the propeller. This increase in velocity has 
been appropriately called the indraft velocity. 

The efficiency of the propeller which may be called an ideal effi- 
ciency may be designated by the symbol and is generally given by 
the equation 

— _ TF 

“ input ■ 

since TV is the propulsive power the propeller furnishes, and the pro- 
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peller contributes r(F + 1^/2) to the airstream. Simplifying the ex- 
pression still further by dividing through by TV^ 


yj. = — = ideal efficiency 

1 4. iJL 
2V 

The ideal efficiency, as expressed above, is never realized since the 
only loss considered is in the slipstream. The following real losses 
which are not considered in this theory are : 

1. The loss due to interference of the finite number of propeller 
blades. 

2. The loss due to hub interference and tip vortices. 

3. The energy loss in the twist of the slipstream by the propeller 
torque. 

4. Lastly, the loss due to the profile drag of the blades. 

An examination of the above expression for the ideal efficiency shows: 

1. that the ideal efficiency decreases with an increase of thrust, 

2. that the ideal efficiency increases with increase of forward 
velocity, 

3. that if the diameter of the propeller is increased the forward 
velocity will be greater, and hence the efficiency will be increased. 

The conclusions are that the diameter of the propeller should be as 
large as possible and that a propulsive force by’ means of a small- 
diameter high-velocity propeller is necessarily inefficient. 

Problems 

1. By use of the momentum theory, find the ideal efficiency of 
the propeller if the airspeed of the airplane is 110 mph and the slip- 
stream is 150 mph. 

2. Using the momentum theory, find the ideal efficiency of the 
propeller in Problem 1 if the slipstream remains the same and the for- 
ward velocity is increased to 120 mph. 

3. By use of the momentum theory, find the ideal efficiency of the 
propeller if the slipstream is V 4 greater than the forward velocity. 
The forward velocity is 200 mph. 

Blade-element Theory, Knowledge of the indraft velocity has en- 
abled the propeller designer to combine with Froude’s slipstream 
theory a theory of the action of the elements of the propeller blades as 
airfoils. 

The blade-element theory, often called the Drzewiecki theory, treats 
the propeller action as the composite result of small elements of the 
propeller blade traveling along a helix. In Fig. 8-2a, the element of 
the propeller blade situated at P travels the helical path B and in one 
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turn has moved from p top'. Still further, the helix may be unrolled 
and the angle between the face of the propeller element and the 
plane of rotation may be denoted, Fig. 8-2b. It can be seen that, if 
the propeller is considered operating on an airplane dying at given 
speed, the angle of attack of the airfoils will be measured with respect 
to the new relative wind, which is a combination of the speed of 
rotation 2irRn and the speed of advance V v/2. 

After consideration of the above conditions, it is evident that there 
will be only a small portion of the airfoils meeting the relative wind 
at the angle of attack of maximum L/D, In order to make the other 
elements operate under this condition, it is necessary to investigate 
the conditions of airflow for each section of the airfoil and twist the 
airfoils so thatjeach element is set at the proper angle to the relative 
wind. 



T 

£ 

0 



Fig. 8-2. (a) Helical path of propeller. (6) Unrolled helix path 

of propeller. 


This problem is solved rather simply by the application of the 
Drzewiecki blade-element theory. These differential lengths of the 
propeller are investigated separately, and the results are summed up 
by a process of graphical integration. 

Consider a certain blade element of the propeller at a radius R 
from the center line of the shaft. In one rotation of the propeller, 
this blade element travels a distance of 2i£R feet around a circular 
path of the propeller disc. If the speed of rotation is n revolutions 
per second, the linear velocity of that element will be 2iri2n ft per 
sec. By application of the momentum theory concerning the indraft 
velocity, v/2y the sum of the forward velocity of the airplane and the 
indraft velocity will give a resultant forward speed of V v/2 ft per 
sec. The resultant of the forward velocity V + v/2 and the peri^ 
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pheral velocity 2TrRn will make an angle </> with the propeller element 
so that 

F + - 

As brought out before, the angle of attack a of the blade element is 
set at the best L/D of the airfoil section used. Every blade element 
has the same forward velocity, V 4- v/2y but at every station along 
the span the peripheral velocity is different, i.e., toward the tip the 
rotation speed is greater due to the increase in radius. It follows that 
toward the tip the angle <#> will be less due to the increase of the re- 
sultant velocity (Fig. 8-3). If the angle of attack a is to be main- 
tained along the propeller, then 

a = — <l> 



Fig. 8-3. Blade element theory. 


This, of course, is the reason that the propeller is twisted. 

In Fig. 8-3 the usual reaction of the airfoil is realized by the lift, 
dL, and the drag, dDy forces. The resultant force, dRy of the lift and 
drag components are resolved into two other components, namely, 
the thrust y dT, parallel to the forward velocity and the torque forcey 
dQy parallel to the plane of rotation. Let 0 be the angle between the 
lift component and the resultant force, 


then 


tan 6 


d^ 

dL 


The angle B can be found easily since the best L/D of the particular 
airfoil is known. 
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It is seen that cos B = dL/dR^ then the magnitude of the resultant 
force may be expressed 

^ Cl p/ 2 c dsVR^ 
cos 6 

since dL = Cl p/2 cdsVn^ 

where c = the chord of the blade element 
ds = the differential span, then 
cds = the area of the blade element 



Qadiu3 irp Feet 

Fig. 8-4. Propeller thrust and torque curves from hub to 
tip. 


The lift and drag forces having been resolved into forces parallel and 
perpendicular to the axis of the propeller shaft, the thrust given by 
the blade element may be expressed as 

dT = dR cos (<#> + 6) 

or p/2 CLcdsVR^ cos (0 + B) 

= 

cos B 

The force perpendicular to the axis, called the torque force, is re- 
quired to turn this blade element 

dQ = dR sin ((^ + 0) 

This process is repeated for elements every 6 in. along the span, 
and these quantities of thrust and torque are plotted as ordinates 
against the corresponding values of R as abscissas. Fig. 8-4. To 
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find the total thrust and the total torque forces, it is only necessary 
to multiply by the number of blades, since the areas under the ciur^es 
are the total torque and thrust for one blade. The total torque 
required to turn the propeller will be the product of the resultant 
torque force by the moment arm. The moment arm will be the dis- 
tance from the propeller axis to the centroid of the area imder the 
torque curve. 

The efficiency of the propeller may be calculated from the thrust 
and torque. The efficiency of the propeller is the ratio of the power 
delivered to the airplane, ( F + v/2)dT (force dT times distance in 
unit times V + v/ 2 )^ to the power required to rotate propeller 2v 
RndQ. 

(v + |)jr 

2 TtRndQ 

since dT = dR cos { 4 > + e) 

dQ = dR sin (<t> 4- o) 


V + l 

* 


then _ tan </>dR cos (<f> + e) 

' dR sin ( 4 , + 0 ) ~ ' 

_ tan 0 
“ tan ( 4 > + 0 ) 

The two airfoils most commonly used for the propeller are Clark 
Y and RAF-6. The RAF-6 sections are usually used for high-pitch 
propellers and the Clark Y sections for the low-pitch propellers. It 
follows, then, that the range of values for 6 are between 2° and 6® 
depending on the value of the L/D for the airfoil section used. 


Example: An airplane is equipped with a propeller whose optimtun 
blade angle P is 26° and a Clark Y airfoil section is used at its maxi- 
mum L/D of 21. Find the efficiency of the optimiun blade element. 

Solution: Angle of attack for max L/D = 1°. Then 0 = 26° — 
1° = 25° 


From Fig. 8-3, tan d 


dD 

dL 


= ^ = 0.0477 
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tan <!> 

fan (</> + 6) 
tan 25° 
tan 27.6° 

0.4663 
0.5243 

= R9% 

In the above example, reference was made to the optimum blade 
anglCt usually considered to be at 75% tip radius. The above effi* 
ciency of 89% represents the efficiency of the blade element at that 
point. Out, toward the tip, or inward, toward the axis, the blade 
elements will not be as efficient; so the total efficiency of the propeller 
will be slightly less than that for the optimum blade element. 

Problems 

1. An airplane has a propeller whose optimum blade angle is 21° 
and the airfoil section used has a maximum L/D of 23. Find, by use 
of the blade element theory, the efficiency of the optimum blade ele- 
ment if a is 2° for max L/D. 

2. Find, by blade-element theory, the efficiency of the optimum 
blade element if the L/D of the aiifoil is 18, the blade angle is 34° 
and a is 4° for max L/D. 

3. Find the efficiency of the optimum blade element if the L/D 
is 22.5 and the blade angle is 43° . (a is 3° for max L/ D.) 

Propeller Coefficients. In the N.A.C.A. Technical Reports Nos. 14 
and 30, the thrust and torque coefficients are found experimentally. 
The other method, as described above, is by the graphical integration 
of the effects of the blade elements. 

The angle of attack, a, has a direct relation to the lift and drag 
forces of the blade element, and in turn the lift and drag are resolved 
into the thrust and torque. The useful power derived from the pro- 
peller is thrust times the velocity and the power input is 2TcRndQ. It 
follows that since thrust and torque depend on a, they will also de- 
pend on the ratio V /2TrRn or 

randQ./(^) 


then 6 is ap])roximately 2.6 

Efficiency (rf) — 


The torque and thrust coefficients are defined by the N.A.C.A. as fol- 
lows? 


Tc 

c. 


T 

pnW* 

Q 

pn^D^ 


where n = r.p.s. 


[165 1 



It has been found more practical to use power instead of torque, 
and since power is /> = 2TrRnQ the power coefficient has been defined 
as 

Many practical propeller problems involve the diameter, which is 
either unknown or to be determined. A useful way to write the above 
expression and eliminate diameter is to substitute for Cp the quantity 
Ks{ V/nDy where Ksy like Cp, is also a function of ( V/nD ) ; 

therefore ^ _ P 

"" pnW^ 

Pn^D^ 

^ Pn^ 

Wp 

In the various N.A.C.A. tests on metal propellers, a speed-power 
coefficient, C^, has been determined which is equal to 

therefore 

This expression for the speed-power coefficient is usually written for 
sea-level conditions 

r - MW 

where V = velocity of the airplane in mph 
P = power in HP 

N = rotation speed of propeller in rpm 

Geometrical Similar Propellers. For a given propelller, the thrust 
and power coefficients and the efficiency may be potted against 
V/nD, An examination of Fig. 8-5 shows that for one particular 
value of V/nD the efficiency is maximum; this value of V/nD which 
gives the maximum efiSiciency is called the design, V/nD, 

The plot of the propeller curves such as Fig. 8-5 will apply to all 
such propellers which are geometrically similar. 

Pitch Ratio, A propeller advances as it rotates. This actual ad- 
vance, in one revolution, is the effective pitch of the propeller. ‘The 
path of any section of a propeller blade is a helix. The geometrical 
pitch of an element is the distance which the element would advance 
along its axis of rotation if it were moving along a helix whose slope 
was that of the blade angle. The geometrical pitch of the propeller 
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is usually stamped on the propeller blade. The nominal or standard 
geometrical pitch was, at one time, the pitch of the section at 75% R. 
Recently most metal adjustable-pitch propellers are designed with 
the standard or nominal pitch at the 42-in. radius. This fixed radius 
has been chosen in place of the 75% R because it is the practice to 
change the diameter of standard-made propellers by cutting off the 
tips, this would greatly affect the efficiency of the 75% R but would 
hot affect the 42-in. radius. 

The diameter of the propeller is the distance from tip to tip; the 
radius R is one-half this diameter. The ratio of pitch to diameter 
has been called the pitch ratio of the propeller. 

The difference between the effective pitch and the geometrical pitch 
is called the slip. This slip is the measure of the efficiency of the pro- 
peller, i.e.y the less the slip the greater the efficiency. 



Fig. 8-5. Efficiency curves for propeller 5868-R6. R.A.F. 6 sections, 3 blades, 

N.A.C.A. 

Propeller Selection. Knowing the rated horsepower of the engine, 
the revolutions per minute of the propeller, the maximum horizontal 
speed and the number of blades desired, it is an easy matter to calcu- 
late the diameter, pitch, and efficiency of the propeller. The N.A.C.A. 
Reports 350 and 640 give working charts and directions which facili- 
tate the selection of propellers. 

To select the correct diameter and pitch of a propeller it is first 
necessary to calculate the value of the power-speed coefficient from 
the horsepower, revolutions, forward speed, and altitude at which the 
propeller is to operate. Next, the pitch setting for the propeller operat- 
ing at the desired portion of the efficiency curve is chosen, de- 
pending upon the calculated Cs and the airplane performance 
desired. Then, from the lower curves, the value of V/nD for the cal- 
culated Cs and the corresponding blade angle is found. The diameter 
may be calculated after finding the values of V/nD, n, and V. If for 
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any reason the diameter of the propeller has already been decided 
upon, this gives the V/nD a fixed value also. The pitch setting can 
easily be found directly from the curves of V/nD versus 
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8-6. Scale for finding HPV^ and 
RPMV6, N.A.C.A. 


Example: It is desired to find the diameter and pitch for a particu- 
lar 2-bladed propeller. The rated HP of the engine is 220 HP at 
1700 rpm, the propeller is to be designed for maximum eflficiency at 
an airspeed of 130 mph at sea level. 

Solution: 

Cs = 

For standard conditions Cs = 

jffpv* X 
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From Fig. 8-6 find the fifth root of 220 HP and the 1700 rpm to the 
two-fifths power. 

r = 0 638 X 13 0 
2.94 X 19.6 

= 1.44 

Unless otherwise specified, it is always assumed that the propeller 
is to operate at its maximum efficiency at the high speed of the air- 
plane. Then from the upper or efficiency curves, Fig. 8-7, it will be 



Fig. 8-7. Design chart for propeller 5808-9, Clark Y section, 2 blades, N.A.C.A. 


seen that a blade setting of 20° at 0.75 R satisfies this condition, i,e., 
the efficiency for a setting of 20 degrees is maximum for Cs of 1.44. 

From the lower set of curves in Fig. 8-7, for Cs of 1.44 and a blade 
angle of 20 degrees, V/nD = 0.76. Then the required diameter is 

n = FX 88 
rpm X {VInD) 


130 X ^ 
1700 X 0.76 


where 88 is a conversion factor 


== 8.86 ft 
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The propulsive efficiency, from the upper curves is 0.84. This is for 
a 2-blade propeller with a Clark Y airfoil section. The propeller thus 
selected will give the greatest possible high speed, and is sometimes 
referred to as a speed propeller, though, also, it is nearly the best 
propeller for climb, and has been referred to as a best-performance 
propeller. For best ceiling use the lower dashed line in Fig. 8-7. This 
dashed line in the lower curves has been drawn in and is called the 
line of maximum possible efficiency for the design Cs- This means 
that for the above Cs of 1.44 the line for maximum ceiling determines 
the blade angle to be about 21^. (This angle of 21° is the angle in 
operation at 0.75 R and includes deflection. This deflection will be 
approximately V 4 degree at 220 Hp, so that the setting under static 
conditions will be 20.75°.) 

Then from the lower curves, at a Cs of 1.44 and a blade angle of 21 
degrees, the V/nD is 0.78. For the best ceiling, that is, for a “peak- 
efficiency” propeller the corresponding diameter would be 

^ 130 X 88 

1700 X 0.78 

= 8.63 ft 

The propulsive efficiency would be approximately 0.85. These values 
for angle of attack, between 20° and 25° and the corresponding effi- 
ciency, make it necessary to interpolate because they have not been 
included in the above plot. However, in a case like that above, de- 
creasing the diameter of the propeller will necessitate a greater blade 
angle and also will j)roduce a greater efficiency. A higher value of 
efficiency can always be obtained at the same value of Cs by use of 
the line of maximum efficiency for Cs- 

It is sometimes necessary, because of the design of the airplane, to 
assign a value for the diameter of the propeller and, from the horse- 
power and rpm of the engine, to calculate the best blade angle and 
the efficiency at maximum speed. 

Example: Suppose in the above example, where HP is 220 and 
rpm is 1700, a 9-ft propeller is to be used. Find the blade angle and 
efficiency at the maximum horizontal speed. 

Solution: Calculate 

V _ 88 X mph 
nD rpm X D 
^ 88 X 130 
1700 X 9 
= 0.748 

The Cs = 1.44 as before, then, from the lower curves in Fig. 8-7 for 
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V/nD of 0.748 and Cg of 1.44 the blade angle at 0.75 R = From 
the upper curves of Fig. 8-7 at Cg = 1.44, and blade angle 19°, the 
efficiency = 0.84. 

It is reasonable to consider that an increase in diameter of the pro- 
peller makes for greater efficiency, since 

Thrust = Mass of air handled per second X difference between 
free stream velocity and slipstream velocity. Also, 
the greater the mass of air, the lower the slip. 

This seems to be misleading, since the efficiency of the 9-ft propeller 
in the above problem was calculated to be less than the propeller of 
8.6.3 ft. The reason the smaller diameter propeller is more efficient 
is the fact that the dashed line of maximum possible efficiency was 
used, whereas it was not used for the 9-ft propeller. The length of 
the propeller diameter is limited, due to dimensions of the airplane, 
tip speed of the propeller, and stresses in the propeller. 

The N.A.C.A. Technical Report No. 3.51 reveals how a standard, 
adjustable-blade, alun inun -alloy propeller was tested for efficiency 
drops at different diameters. The diameter of the propeller blade was 
originally 10 ft and was cut off successively by taking off 3 in. from 
each tip and then rounding the edges by a circular arc tangent to the 
leading and trailing edges (see Fig. <8-8). The propeller, in each suc- 
cessive test from 10 ft to 8 ft in diameter, showed corresponding suc- 
cessive losses in efficiency. The total loss from the maxin un. effi- 
ciency was only 6%, that is, from 10 ft to 8 ft. Changes in pitch will 
not appreciably affect this result. The important conclusion reached 
is that a propeller, adapted to a particular engine and airplane, which 
has its tip cut off and rounded will be only slightly less efficient than 
a specially designed propeller. However, it is evident that this 
cutting-off ])rocess can be carried too far. 

Problems 

1. The rated HP of an engine is 450 HP at 1800 rpm. If the de- 
sign airspeed is 180 mph at sea level, find, for a 2-blade propeller: 
(a) the power-speed coefficient; (b) blade angle at 0.75 radius; (c) 
the required diameter. 

2. An airplane has a 300-HP engine at 2000 rpm. If the design 
airspeed is 165 mph, at sea level, find, for a 3-blade propeller ; (a) 
the power-speed coefficient; (b) blade angle at 0.75 radius; (c) the 
required diameter: (d) the propulsive efficiency, 

3. An airplane has a 1000-HP engine at 1900 rpm. If the design 
airspeed is 240 mph at sea level, find for a 4-blade propeller : (a) the 
power-speed coefficient; (b) blade angle at 0.75 radius; (c) the re- 
quired diameter; (d) the propulsive efficiency. 

4. Find, for maximum possible efficiency (maximum ceiling) the 
blade-angle setting at 0.75 radius for an airplane with an engine rated 
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at 180 HP at 2100 rpm at sea level. The design speed is 145 mph. 
What is the diameter for this peak-efficiency propeller of 2 blades? 

5. An airplane with design speed of 175 mph has an engine rated 
at 250 HP at 1900 rpm. If the diameter of the propeller is fixed at 
8.8 ft, find the blade angle and efficiency at the design speed for a 2- 
blade propeller. 



Fig. 8-8. Propeller series of five diameters. 


6. In Problem 5 (above), the diameter due to necessary ground 
clearances was reduced to 8 ft. If the HP, design speed, and rpm 
remain the same, find the blade angle and efficiency for a 2-blade 
propeller. 

7. An airplane with a design speed of 130 mph has an engine 
rated at 125 HP at 2100 rpm. If the diameter of the propeller is 
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fixed at 7.5 ft, find the blade angle and efficiency at the design speed 
for a 2-blade propeller. 

8. An airplane has a 145-HP engine at 1850 rpm. If the design 
airspeed is 120 mph at sea level, find for a 2-blade propeller: (a) the 
power-speed coefficient; (b) blade angle at 0.75 radius. 

9. In Problem 8, find the required diameter and the propulsive 
efficiency. 

10. An airplane with a design speed of 100 mph has an engine 
rated at 90 HP, at 2100 rpm. If the diameter of the propeller is fixed 
at 7.3 ft, find the blade angle and efficiency for a 2-blade propeller. 



iMg. 8-9. Powcr-coeaicieiit curves for propeller 5868-9, Clark Y section, 2 blades. 

Calculation of Propeller Thrust. I'he N.A.C.A. Technical Report 
No. 640 on characteristics of full-scale propellers of 2, 3, and 4 blades, 
presents a method for calculating thrust for a fixed pitch propeller 
and an illustrated example. The following has been quoted from the 
appendix of the report. 

“It is assumed in the use of the method of calculating the thrust 
for fixed-pitch propellers that the following sea-level design charac- 
teristics of the airplane, the engine, and the propeller are known : 
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Fo, design airspeed, mph 

Nq, design engine speed, rpm 

{b.hp.)Qf design engine power (rated power) 

rfo, design efficiency (high speed or cruising) 

D, propeller diameter, ft 

(Sot design blade angle at 0.75 R 

“The method may conveniently be put into step form as follows: 

(1) Using Jo and /So, obtain Cr^ and Cp^ from charts of Cr and 
Cp against V/nD, Fig. 8-9. 

(2) At even values of J pick off values of Ct and Cp along line of 
constant /So (interpolate when necessary). 

(3) Compute 

(4) Compute 

(5) Compute To = [»? X {b.hp.)t, X 375]/ Fo 

(6) Compute V = Vo X y X 

Jo iVo 

(7) Compute thrust T = To X X = K X ^ 

Cto bp Cp 

where K = CpJCt^ 

This method assumes that the full-throttle engine torque is con- 
stant.” 

As an example, assume that it is desired to obtain the propeller 
thrust through the take-off and climbing ranges for an airplane hav- 
ing the following characteristics : 

Fo = 190; A^o = 1500; (6.A/?.)o = 600; Jo = 1.00; A(2-blade) = 
11' IV 2 "; rio = 0.862; /So = 25^ 

Blade section = Clark Y 

The computed data may be conveniently tabulated as follows: 

Cr, = 0.0448; Cv, = 0.0520; 

To = 10201b; Jo = 1.00 
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TABLE III 


V T 


J 

///o 

Ct 

Cp 

Ct! Cp 

Cpo / Cp 

N/N, 

(mph) 

(lb) 

0.1 

0.1 

0.110 

0.1056 

1.042 

0.493 

0.702 

13.3 

1232 

0.2 

0.2 

0.1075 

0.1017 

1.059 

0.512 

0.720 

27.4 

1252 

0.3 

0.3 

0.1058 

0.0972 

1.088 

0.535 

0.731 

41.7 

1287 

0.4 

0.4 

0. 1055 

0.0911 

1.158 

0.571 

0.755 

57.4 

1370 

0.5 

0.5 

0.1037 

0.0858 

1.207 

0.607 

0.778 

74.0 

1427 

0.6 

0.6 

0.0970 

0.0823 

1.178 

0.632 

0.795 

90.6 

1392 

0.7 

0.7 

0.0870 

0.0790 

1.100 

0.658 

0.811 

108.0 

1300 

0.8 

0.8 

0.0748 

0.0732 

1.022 

0.710 

0.842 

128.0 

1210 


0.0520 

0~0448 


X 1020 = 1182 


In the above explanation it can be seen that the selection of even 
values of V/nD from 0.1 through 0.8 represents certain airspeeds in 



Fig. 8-10. Thrust-coefTicient curves for propeller 5868-9, Clark Y section, 2 blades. 

the take>off range; namely, 13.3 mph through 128 mph. The same 
method may be used for the climbing and flight range. When the 
airplane is not moving, V is zero, which makes V/nD zero. At this 
condition, the thrust and power coeflicients have large positive 
values. The magnitude of the thrust coeflicient when V/nD = 0 is 
a measure of the ability of the airplane to accelerate from a standstill 
position. It can be seen from the above data that as the V/nD in- 
creases the thrust and power coefficients decrease. It can also be 
seen from the plot of thrust coefficient versus V/nD, Fig. 8-10, blade 
setting of 25°, that when the forward velocity of the airplane increases 
to give a V/nD value that exceeds 1.3, the thrust coefficient is zero. 
This means that the relative wind is striking the blade element at the 
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angle for zero lift. That is, the propeller is advancing the greatest 
possible distance per revolution. Any further increase in forward 
speed will produce a thrust force acting backward, i.e., a negative 
thrust. » 

Nmnher of Blades. Until recently one could rarely find an airplane 
equipped with more than two blades. The reason was that the 
2-blade propellers are lighter, cheaper, and generally thought of as 
being more efficient. With the ever-increasing number of high- 
powered engines the propeller blades were increased in number. 
Three or four blades are used if the diameter is limited to a particular 
size, or where the operation is not smooth with a 2-blade propeller 
due to body interference or the slipstream of another propeller. In 
the very large and slowly turning propellers the vibrations may be- 
come so great on 2-blade propellers that, to remedy this condition, it 
is necessary to use A or more blades. The 2-blade propeller in larger 
installations also has been found to be overloaded in yawing and this 
will cause pulsations that can be corrected by additional blades. 

In Figs. S-1 1 and S-12 are found design charts for 3- and 4-blade 
propellers taken from N.A.C.A. Technical Report No. 640. This 
particular test was to find the difference in efficiency of the 2-, 6-, and 
4-blade propellers. The group of propellers tested was composed of 
propellers having RAF-6 and Clark Y sections. 

It was found that : 

(1) increasing the solidity by adding blades had a lesser adverse 
effect than increasing it by increasing the blade width ; 

(2) the loss iif efficiency commonly conceived to be the result of 
increasing the number of blades was not fully realized, only about 
two percent difference in peak efficiency between a 2-blade and a 4- 
blade propeller being measured ; and 

(3) an increase in solidity tended to delay the stall and to increase 
the efficiency in the take-off range. 

Blade Width. The propeller blade width ratio (WR) is the ratio of 
the width of the propeller blade, at the nominal or standard blade 
element, to the diameter. The nominal blade element has been re- 
ferred to as the element at 0.75 R; in metal propellers the nominal 
blade element is at 42 in. from the axis. The total width ratio {TWR) 
is the width ratio times the number of blades. The total width ratio, 
independent of the number of blades or the width of each, is the 
factor affecting efficiency. Modern design for metal propellers has a 
blade width ratio of approximately 0.053, and for very narrow blades 
the width ratio is about 0.02. For the narrow blades the efficiency is 
slightly higher. The above methods for selecting propellers assumed 
that the propeller under consideration had the same blade width as 
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Fig. 8-11. 
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Fig. 8-12. Design chart for propeller 5868-9, Clark Y section, 4 blades, N.A.C.A. 





the ones for which the data are given in the N.A.C.A. reports. It may 
be desired to find the diameter, the design blade-angle setting, 
and the thrust of a propeller having a different blade width from 
those tested. As was shown earlier the expressions for power and 
thrust were resolved from the lift and drag forces which are dependent 
on blade areas (or blade widths). Therefore in the calculation of Cs, 
the power should be multiplied by the ratio of the blade widths, 
& 1 / 62 , where hi is the blade width at the nominal blade element of the 
propeller for which the design charts were made and 62 is the blade 
width at the same radius for the propeller under consideration. 

This same ratio should be used to calculate the value of Cp to be 
used in obtaining the take-off thrust, and the take-off thrust obtained 



Fig. 8-13. Comparison of efficiencies of wood’ and metal 
propellers, N.A.C.A. 


from the charts should be divided by this ratio to obtain the actual 
thrust of the propeller. 

Thickness Ratio of the propeller is another factor affecting the effi- 
ciency. This is the ratio of the blade thickness at the nominal ele- 
ment (0.75 R or 42 in.) to the blade width at that element. The usual 
thickness ratios for the metal propellers are about 0.07 and for wooden 
propellers the thickness ratios are on the order of 0.13. 

The reason for the differences in the thickness ratios of wooden 
and metal propellers can best be understood by the stresses in a pro- 
peller in flight : 

( 1 ) The bending moment due to the air forces. 

(2) The centrifugal forces due to the rotation of the blades. 

(3) Torsional and bending stresses imposed by the gyroscopic 
action when in turning or yawing motions. 
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This is not a complete list of the static loads but it will give some 
idea as to the magnitude of the required strength for all propellers. 
For the same strength, the metal propeller can be made with a 
thickness ratio less than that for a wooden propeller and the actual 
efficiency of the metal propeller is greater due to the thinner blades. 
It has been found that for the thinner metal propellers with either 
RAF-6 or Clark Y sections the efficiency is from 4 to 7 percent better 
than wooden propellers (see Fig. 8-13). 

The fabrication process for the metal propeller is more expensive 
than that for the wooden propeller but the metal propeller can be 
repaired for cracks or bends whereas the wooden propeller must be 
replaced. 

Aspect Ratio for Propellers. The blade form for propellers is 
usually determined for a given material or service. For metal pro- 
pellers on high-speed airplanes, and with high rated rpm the aspect 
ratio can be greater because of the strength of the material. For 
metal propellers, the aspect ratio can be as high as 8 or better and with 
these higher aspect ratios the efficiency is greater. On slower air- 
planes, with lower rated rpm, better efficiency can be obtained with 
propellers of Idwer aspect ratio and a wooden propeller may be the 
most appropriate, with aspect ratio ranges from 4 to 6. The aspect 
ratio of 4 is about the lowest ever found in propeller design and for 
wooden propellers an aspect ratio of 6 is rarely ever exceeded because 
the sections near the tip are not strong enough to withstand the im- 
posed loads. 

Planform. As 'Shown in the chapter on induced drag, the tapered 
wings with rounded tips reduce the wing tip vortices and in turn in- 
crease the efficiency. This same theory exists in propeller design (see 
Fig. 8-14). The propeller blade is more efficient if the ends are tapered 
and the tips are rounded. However, the particular shape or amount 
of taper has little or no effect on the efficiency and, although no par- 
ticular increase in efficiency was noted for sweep-back and rake, the 
bending moments due to centrifugal force were eliminated. 

Interference, The N.A.C.A. Technical Report No. 642 gives a 
complete account of tests of five full-scale propellers in the presence of 
a radial and a liquid-cooled engine nacelle. Almost all the propeller 
work charts published by the N.A.C.A. have already taken into 
account the body interference. The charts included in this chapter 
are from tests using a smooth liquid-cooled engine nacelle in the pres- 
ence of the various propellers. The interference for most engine-nacelle 
combinations tends to reduce the propeller efficiency on the order of 
3 percent. 

If a designer wished to use the charts for a propeller that has to be 
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used in the presence of a nacelle which is greatly different from the 
liquid-cooled engine which the original tests were made, corrections 
would be necessary. Information regarding effects of the body on 
the propulsive efficiency may be found in the N.A.C.A. Technical 
Report No. 642, 1938. In performance consideration, which will be 
covered to some extent in a later chapter, the added drag of the por- 
tions of the airplane (other than the nacelle) should also be taken into 
account. The drag of parts of the airplane that lie in the slipstream, 
such as tail surfaces, landing gear, etc.*, may be approximated from 
the following relation:* 


D 


2,hCTlP 


where AD = added drag 

D = drag without slipstream 
J = V/nD 

Propeller reduction gears have been used where the propeller is 
mounted considerably ahead of the engine. In the N.A.C.A. Report 
No. 338 propulsive efficiencies from 35 to 75 percent have been re- 
ported, due entirely to reduction in propeller-body interference. 

Reduction gearing is considered necessary only to avoid high tip- 
speed losses. Because of the added weight which usually offsets the 
improved performance, this practice is not generally followed in any 
of the commercially designed airplanes. It is conceded, however, 
that the propeller reduction gear does give greater speed and im- 
proved take-off and climb characteristics. 

Materials of Construction, Propellers have been made successfully 
from three basic materials. These materials are wood, bakelite, and 
metal. For wooden propellers the following woods are preferred : (1) 
walnut, (2) birch, (3) oak. A wooden propeller is made up of several 
laminations glued together, each layer of wood extending from one 
blade to the other. The propeller is finished with a moisture-repellent 
varnish and then the blade tips are covered with thin sheet brass. 
Wooden propellers are thicker and hence are not so efficient as metal 
or bakelite propellers. Because cost of construction is lowest for 
wooden propellers, the majority of the light airplanes are equipped 
with fixed-pitch wooden propellers. 

The bakelite, sometimes called Micarta, propeller is made of layers 
of stiff canvas and bakelite, constructed in one continuous piece and 
formed by heavy pressure in a mold. This type of propeller is less 
affected by moisture than the wooden propeller and, whereas the 
wooden propeller may be damaged in rain, sand, etc., the bakelite 

♦ N.A.C.A. Technical Report No. 640, 1938. 
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material will withstand adverse conditions much better. The bake- 
lite propeller is the heavier material and is more expensive to make. 

Aluminum has found its way into the construction of metal pro- 
pellers because of its efficiency, durability, strength, and ease of fabri- 
cation. Hollow, steel, seamless propellers also have been found to be 
very satisfactory. In the case of an accident resulting in damage to 
the propeller, the metal propeller can be reconditioned and put back 
into service, while wood and bakelite propellers must be discarded. 

Propeller Classification, There are, in general, four classifications 
of propellers with respect to their adjustment of pitch : 

(a) The Fixed-pitch Propeller is usually considered as one in which 
the whole propeller is in one solid piece, i.e., the blade setting is not 
adjustable. The fixed-pitch propeller is made to give its maximum 
efficiency at one engine speed and one cruising speed, in other words, 
the fixed-pitch propeller incorporates one particular design VjnD. 
Except for racing planes, where maximum top speed is desired, the 
fixed-pitch propeller is usually designed to give maximum efficiency 
at the design cruising speed. Where a high-pitch propeller is used, 
the engine speed on the take-off is held down and hence the take-off 
performance is very poor. 

(b) Adjustable-pitch Propellers were developed because of the un- 
satisfactory performance of the fixed-pitch propeller. The first ad- 
justable propeller had to have the pitch changed on the ground while 
the engine was inoperative. This type was not completely satisfac- 
tory because of the time and effort required to change the blade 
angles, but it did give the pilot at least two propellers in one. In low 
pitch (small helix angle) the propeller would give good performance in 
take-off and climb, but the engine would tend to race in level cruising 
attitude, and therefore could not m.ake full use of the horsepower 
available. In high pitch (large helix angle), just as in a club propeller 
used for engine testing, the revolutions of the engine are held down 
and this prevents the development of the horsepower required for 
proper take-off. The take-off run is prolonged with the higher pitch 
but a greater top speed can be realized in level flight. 

(c) The Controllable-pitch Propeller has been so designed that the 
pilot may manually change the propeller pitch for the desired per- 
formance of climb or cruising, while the engine is in operation. The 
^rst of the controllable propellers was made for only two operations, 
either low or high pitch, t.e., for take-off and climb or cruising. The 
later and more controllable propellers gave a wide range of pitch from 
very flat pitch to full feathering. Full feathering of a propeller means 
that the blades are turned to the position of minimum drag. If the 
engine fails in flight, the blades can be turned to full feathering and 
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thus keep the engine from “windmilling.** This is of major impor- 
tance in minimizing the possibility of damage to the engine or air- 
plane when engine trouble occurs. 

(d) The Constant-speed Propeller is one of the more recent inven- 
tions making possible propeller operation at maximum efficiency for 
all flight conditions. 



ZJt Bn aiTB n 

Design OperoVion - Blade Condition for dive with fixed 

Element ot Best L/o pitch propeller, blode element 

ot negative cin^le of attach 



air Bn 

Operotion of fiscal pitch propeller 
for take -off or climb Olode element 
ot on^le of ottock beyond Mox Wo 

Fig. 8-15. Blade element theory for constant speed propeller. 

A propeller whose angle jS is fixed, as in the fixed-pitch propeller, 
will give its maximum efficiency in only one condition of flight, 
the nominal blade element gives its maximum efficiency at only one 
value of VInD. Figure 8-15 shows the reason for this: If the value 
of V (forward velocity) is changed, either by take-off or climb, etc., 
the value of the angle <l> will be changed. In the case of the fixed-pitch 
propeller the angle 0 is always the same. The angle a is the difference 
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between the angles ^ and and is the angle for the best L/D of the 
blade element. If the forward velocity, F, is changed, the angle <t> 
will change and therefore the angle a will necessarily be changed. 
That is to say: if the airplane is in a climb, the forward velocity will 
be small and the angle 0 will be reduced. If the angle 4> is reduced, 
the angle a will be increased, and the airfoil will not be operating at 
its best L/Df i.t?., the drag on the blades will be greater. Likewise, if 
the airplane is in a dive, the velocity, F, will be greater; will be in- 
creased and OL will be decreased. If the dive is fast enough, it may 
decrease the angle of attack beyond that for zero lift and actually 
cause a resultant force acting backward. 

The above-mentioned problems have been solved by the use of the 
constant-speed propellers. With these propellers the pilot is able to 
change the angle jS in the air and so keep the efficiency of the propeller 
constant over practically all ranges of speeds. There are, generally 
speaking, two types of constant-speed propellers: the electrically 
controlled and the hydraulically controlled. With these two types 
it is only necessary for the pilot to set the throttle to the desired 
crankshaft speed and the controlling mechanism automatically sets 
the propeller blade angle at the proper angle for best performance. 
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9 

SLOTS AND FLAPS 


General. In an effort to increase the ratio of maximum speed to 
minimum speedy modern conventional design has had to resort to 
various devices. Referring to the expression for minimum speed 


F„.i, 


V: 


w/s 


Cx max P/ 




it is readily seen that for a given airplane design, based on a fixed 
wing, the landing speed is fixed by the specific dimension of the air- 
foil section. Closer inspection reveals that a reduced wing loading 
and higher maximvnn lift coefficient are the only possible variables 
and an increase of either usually means an increase of drag which, in 
turn, would reduce the top speed. That is to say, if the weight is 
fixed, an increase of wing area would evidently give a reduced wing 
loading and also a slower landing speed but the increased area would 
also add to the drag and reduce the maximum speed. 

It would seem, then, that the criterion for airplane performance 
would be : as high a top speed as possible and as slow a landing speed 
as possible. The only remaining means to this end is to increase the 
maximum lift coefficient. 

Slots. With the necessity for increased pay loads and desired high 
top speed, the high-powered supercharged engine came into general 
use. The development of greater horsepower had solved one-half the 
problem but there still remained the problem of slow, safe landing 
speeds. 

One of the first devices to come into use was the slotted wing. The 
slot is a narrow opening just back of the leading edge and is made 
parallel to the span. Heretofore, the plain wing had been used and 
the maximum angle of attack was limited to 18° to 20° because the 
airflow was unable to follow the upper camber due to the great 
change in direction. However, the use of the slotted wing, where the 
leading edge of the main wing consisted of a small auxiliary airfoil, 
made it possible for the small airfoil in front to give a downward de- 
flection to the air at high angles of attack, thus enabling the air to 
continue to flow smoothly over the upper camber. 

Now with the aid of the slotted wing, not only was the maximum 
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Separation occurring on an airfoil at a high angle of attack. 



Separation occurring on an airfoil at a low angle of attack. 



Separation occurring on an airfoil at a low angle of attack but at an 
increased Reynolds Number. 

Fig. 9-1 
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angle of attack increased to 28® to 30® but the maximiun lift coeffi- 
cient was increased about 50 percent. 

Another great advantage in the slotted wings is that at high angles 
of attack whfere an ordinary wing would burble and become practi- 
cally ineffective laterally, the slotted wing enables the air to flow , 
smoothly over the ailerons. In this manner, the lateral control at 
high angles of attack and slow speeds is greatly improved. 

At first, the fixed slot was used extensively but it was found that an 
improvement could be made if an automatic slot was installed. That 
is, at small angles of attack the drop in pressure on the upper camber 
tends to suck the air up through the fixed slot and to cause burbling 
which in turn increases the drag. The automatic slot is so constructed 
that at small angles of attack, where the dynamic pressure of the air 
is greatest at the nose or leading edge, the air pressure will push the 
auxiliary airfoil flush against the leading edge of the main wing. 
The mechanism of the automatic slot is made to move freely from a 
closed position at low angles of attack to an open position of one to 
two inches at high angles of attack. When the angle of attack is in- 
creased, the reduction in pressure on the upper camber tends to suck 
the auxiliary airfoil to its open position. Tests in the wind tunnel 
prove that the drag on the automatic slotted wing at small angles of 
attack is only slightly greater than the plain wing. 

Flaps have also come into general use and have proved more popu- 
lar with designers than the slotted wing. Flaps are, in appearance, 
like ailerons in that they are a hinged part of the trailing edge of the 
main wing. Flaps, however, extend across the span farther than 
ailerons and their deflection is always downward simultaneously. 
Like ailerons, the downward deflection of the flaps increases the upper 
camber of the wing and also forms a concave lower camber. The in- 
crease of upper camber and the dynamic pressure on the lower de- 
flected surface causes an increase in lift coefficient. This increase in 
lift coefficient is generally about 50 percent greater than that for a 
plain wing of the same dimensions. The flap control, from the cock- 
pit, is made so that, at small angles of attack (high speed), the flap 
can be pulled back into normal position and the drag will be the same 
as the plain wing. A combination of both slots and flaps has been 
used successfully on the slower type of commercial and military air- 
planes and in many cases ^e maximum lift coefficient was increased 
from 80 to 100 percent. 

Zap Flap. Another form of flap is the split or Za/>'flap where only 
the lower portion of the trailing edge of the wing is deflected down- 
ward, leaving the upper camber fixed. 

Fowler Flap. One of the more successful special devices is the 
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Fowler flap. It is made so that the flap, located on the lower camber 
trailing edge, may be deflected not only downward but also backward 
behind the trailing edge of the wing. In this way the wing area is 
actually increased and, of course, the maximum lift coefficient is in- 
creased. Thus the Fowler flap is a device which has solved both 
problem of decreased wing loading and increased lift coefficient. 



10 

PERFORMANCE 

Definition, Performance of an aiq^lane includes all the character* 
istics of an airplane in flight. The term perfonpance is, nevertheless, 
used in a restricted sense in that only those flight qualities that are 
measurable quantitatively are included. The characteristics such 
as stability, maneuverability, etc., do not lend themselves readily to 
direct computation and are not included in performance as defined. 
Those performance characteristics that will be studied in this chapter 
are as follows : 

(a) Maximum speed in level flight at sea level 

(b) Minimum horizontal speeds at sea level 

(c) Rate of climb at any altitude 

(d) Speed and angle for maximum climb 

(e) Maximum and minimum speed at altitude 

(f) Rate of climb at altitude 

(g) Absolute and service ceilings 

(h) Endurance and range 

Performance Calculations are necessary in the preliminary stages 
of the design to determine whether or not the original specifications 
are being met. 

To cut down on the time and labor involved in making exact cal- 
culations, the following assumptions are usually made : 

(a) That the motion in flight is unaccelerated, 

(b) The thrust is equal to the total drag and acts in a horizontal 
direction. 

(c) The lift on the wing is equal to the gross weight of the air- 
plane. 

These assumptions are justified because very little error is introduced 
in neglecting them. 

Performance estimated for determining minimum speeds, maxi- 
mum speeds, rate of climb, etc., may be obtained by a series of cal- 
culations involving horsepower required at various speeds and tiie 
horsepower available at these corresponding speeds. The data for 
determining power required to fly in horizontal flight may be found 
in the following ways: 

(a) From wind-tunnel tests of the N.A.C.A. 
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(b) Wind-tiumel tests on the several components of the design 
(landing gear, cowling, etc.) 

(c) Wind-tunnel test on the complete model 

(d) Wind-tunnel test and flight tests of a similar design 

It should be understood that these are only preliminary calcula- 
tions, and the resulting accuracy is dependent upon the judgment 
of the engineer using, the data. The exact performance data should 
and must be obtained from the actual flight tests. 

Horsepower Required at Sea Level, In order to calculate the horse- 
power required at various speeds in level flight the following familiar 
formulas are used : 


HP = 


( D^ + Dp) V 
375 


where HP == total power required 
Dw = drag of wing in lb 
Dp = drag of parasite and interference in lb 
V == velocity in mph 


The velocity in the above formula is expressed in miles per hour 
since it is customary to plot the values of horsepower required against 
corresponding airspeeds in miles per hour. 

The formula for velocity in level unaccelerated flight is 


W 

1.00256 X SX Cl 


where V = mph 

5 = wing area in sq ft 
W = weight of airplane in lb 
Cl = lift coefiicient 


The usual method is to select various angles of attack ranging 
from angle of attack of zero lift to angle of attack for the maximum 
lift coefficient, i.e., to select a series of angles of attack that will give 
corresponding lift coefficients in the flight range of the particular air- 
foil. 

To find the wing drag at the corresponding velocity and angle of 
attack, found in the above expression, the following formula is used : 

D„ ^ Cd X 0.00256 X S X where V = mph 

The wing drag coefficients are usually available for an aspect ratio 
of 6, or for an infinite aspect ratio. If an aspect ratio other than 
that available is desired, corrections must be made as explained in 
the chapter on induced drag. 

As has been discussed earlier the parasite-drag coefficients in the 
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cases of struts, wires, landing gears, fuselages, etc., can be obtained 
from various formulas and graphs from wind-tunnel tests. 

The added drag due to interference of parts is even more difficult 
to calculate or appraise. If wind-tunnel data are not available, ap- 
proximate calculations may be made by reference to known designs. 

The formula for parasite drag, Dp, is 

Dp = 0.00327 X X T2 
where = E.F.P.A. 

V = velocity in mph 

For more exact work, the above velocity should be the slipstream 
velocity of the airplane. For a cantilever type monoplane, all the 
parts which make up the parasite drag lie in the slipstream. The 
slipstream of the slower airplane is greater than the speed of flight 
and therefore the drag will be calculated more accurately if this 
value for slipstream velocity is used in the above expression. In the 
faster airplanes the forward velocity of the airplane is very nearly 
the same as the slipstream velocity and therefore, in all calculations 
for performance, the velocity of the airplane is considered the correct 
value to use for practical purposes. 

These calculations can best be shown by the following example : 

Problem I. Plot HP required versus airspeed for a monoplane 
weighing 3000 lb and having a N.A.C.A. 23009 rectangular wing of 
42-ft span and 7-ft chord. The parasite drag has an E.F.P.A. of 4.3 
sq ft. 


TABLE IV 


1 

a 

2 

Cl 

3 

Cd 

4 

V (mph) 

5 

6 

Dp 

7 

HP 

0 

0.08 

0.009 

222 

334 

692 

607 

1 

0.15 

0.01 

162.3 

198.2 

370 

246 

2 

0.23 

0.012 

131 

154.9 

246 

139 

3 

0.30 

0.014 

114.7 

138.4 

184.8 

98.6 

4 

0.38 

0.017 

102 

132.9 

146.2 

75.8 

8 

0.69 

0.035 

75.7 

150.7 

80.4 

46.7 

12 

0.97 

0.065 

63.8 

199.3 

57.3 

43.6 

16 

1.28 

0.11 

55.7 

256.3 

43.6 

44.4 

18 

1.40 

0.135 

53.2 

287.5 

39.8 

46.4 

20 

1.20 

0.16 

57.4 

396.2 

40.3 

67.6 

22 

1.10 

0.29 

60.0 

786.0 

50.6 

134 


Column 1. — In this column the angles of attack of the wing are tab- 
ulated for reference. The angular range should be 
started just above the^angle of zero lift and continue, in 
intervals as shown, to a few angles beyond that for maxi- 
mum lift. 
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Fig. 10-1. N.A.C.A. 23009 airfoil. 


Columns 2,3. — The values of Ct and Cd may be obtained from Fig. 

10-1 corresponding to the angle of attack listed in Col- 
umn 1. 

Column 4. — ^As previously explained, the velocity in miles per hour 
may be calculated by the expression 

F = J 

1(0.00256 X 5 X Ci 

For any particular design, the quantity ^B^^^will 

remain constant for the series of calculations. There- 
fore, for this particular problem the expression for veloc- 
ity may be simplified thus: 

V^L 

That is, values for Column 4 were obtained by dividing 
the square root of Column 2 into 63.1. 

Column 5. — ^Here the drag of the wing is calculated by the formula: 

= Cj,X 0.00256 X S X 

This expression likewise may be simplified to : 

Du> = 0.75264 X CdX 



Once simplified, Column 5 may be obtained by multi- 
plying 0.75264 by Column 3 and then multiplying by 
the square of the velocity in Column 4. 

Column 6. — The parasite drag is found by the formula: 

Dp = 0.00327 X X F2 

Here again, the expression is simplified for the particular 
problem and since the E.F.P.A. is given as 4.3 sq ft the 
expression for parasite drag may be simplified thus : 

Dp = 0.014061 X 

Column 7. — The total HP required is found by the formula: 

rjp _ (Pv,j^Dp)V 
375 

That is, total HP required is found by adding Columns 5 
and 6 and multiplying the sum by Column 4 and dividing 
the product by 375. 



Fig. 10-3. 


The results of the computations tabulated in Table IV and Column 
7 (total HP required) are plotted against corresponding values in 
Colmnn 4 (airspeed in mph) in Fig. 10-2. 

General Performance Curves. It has been pointed out in the 
N.A.C.A. Report No. 168 that, if the percent of maximum efficiency 
in/ntt) is plotted against the corresponding percent of 



for wooden propellers of various pitch ratios, the resulting curves for 
all pitches would very nearly coincide. In this plot, Fig. 10-3, 
is the peak efficiency for each pitch ratio and {V/nD)rn, is the' 
V/nD at that peak. For a metal propeller the curve is somewhat 
different, but a similar relationship exists. ' 
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To find the full- throttle power at speeds less than maximum speed, 
say for climbing, consider that, for a fixed-pitch propeller, the blade 
elements are working at a higher angle of attack. At the higher 
angle of attack the drag on the blades is greater and the ^engine will 
necessarily be held down to less rpm. At this slower engine speed 
the horsepower delivered will be less. Also when the blade element 
works at an angle of attack beyond that for best L/D, the efficiency 
will drop off. The drop in engine speed with reduced airspeed is 
shown for typical peak-efficiency propellers in Fig. 10-4. For typical 



Fig. 10-4. 



Fig. 10-5. 


peak-efficiency propellers the drop in brake horsepower (B. HP) with 
airspeed is plotted in Fig. 1 0-5. 

Horsepower Available is always the horsepower developed at the 
engine crankshaft multiplied by the propeller efficiency. In the 
graphs above, it is seen that neither the horsepower developed nor the 
propeller efficiency is constant with change of airspeed, i.e., when the 
airplane is climbing, the horsepower developed is reduced. To cal- 
culate the horsepower available for a fixed-pitch propeller at different 
airspeeds, it is necessary to calculate the power-speed coefficient and 
the correspAnding efficiency. The method of determining the power 
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available can best be shown by the calculations in the following 
example. 

Problem //. The same airplane in Problem I has an engine rated 
at 220 HP at 1800 rpm. It is desired to find and plot the data of HP 
available against velocity at sea level. 

Solution: , The propeller efficiency (r/) is assumed to be 82 percent. 
Then the HP available, for the first approximation, is 220 X 0.82 = 
180 HP. Then from the plot of HP required (Fig. 10-2), 180 HP is 
required at 144 mph. Knowing the above design speed (144 mph), 
the rated HP and engine rpm, the Cs may be found. 

_ 0.638 X mph 

0.638 X 144 
226‘/‘ X 1800’/^ 

- 1.55 


Then from Fig. 8-7 a propeller is selected with blade angle of 19° (by 
interpolation) with V/nD of 0.77 (t? = 83 percent) 

Then the diameter is 


D = 


N X 


V 

nD 


144 X 88 
1800 X 0'77 
= 9.14 ft 


TABLE V. SEA-LEVEL POWER AVAILABLE FOR FIXED-PITCH PROPELLER 


1 

2 

3 

4 

5 

6 

7 

8 

9 

10 

V 

(Mph) 

% 

Design 

V 

% 

Normal 

Rpm 

Rpm 

% 

Rated 

HP 

B.HP 

Cs 


V 

HP 

Avail- 

able 

50 

34.7 

87.0 

1568 

87 

191.5 

0.587 

19° 

0.55 

105.3 

60 

41.7 

87.2 

1570 

87.2 

191.9 

0.703 

19° 

0.62 

119.3 

70 

48.7 

87.5 

1575 

87.9 

193.5 

0.820 

19° 

0.675 

129.4 

80 

56.6 

88.0 

1585 

88.3 

194.0 

0.934 

19° 

0.72 

140.0 

90 

62.5 

88.5 

1594 

89.1 

196 

1.048 

19° 

0.755 

148.1 

100 

69.4 

90.0 

1620 

90.7 

199.5 

1.154 

19° 

0.77 

153.8 

no 

76.4 

91.5 

1649 

92.0 

202.2 

1.250 

19° 

0.80 ' 

161.9 

120 

83.3 

94.0 

1693 

94.0 

207 

1.350 

19° 

0.81 

167.7 

130 

90.3 

97.0 

1748 

96.1 

211.8 

1.450 

19° 

0.82 

173.5 

140 

97.2 

99.0 

1783 

98.8 

217.5 

1.520 

19° 

0.83 

180.0 

144 

100.0 

100.0 

1800 

100.0 

220 

1.55 

19° 

0.830 

182.5 


Column 1. — The airspeeds are chosen from the approximate stalling 
speed to the maximum speed in ten-mile intervals. 

Column 2. — In this column are the items in Column 1 divided by the 
design speed (144 mph). 

Column 3. — The percent of normal rpm is found for the correspond- 
ing item in Column 2 by use of Fig. 10-4. 

[189 1 



Column 4. — The rpm of the engine are calculated by multiplying 
the percent of normal rpm in Column 3 by the normal 
rated rpm of the engine (1800 rpm). * 

Column 5.— The percent of rated HP in this column is found for the 
corresponding percent of design speed in 2 by the aid of 
Fig. 10-5. 



Fig. 10-6. 

Column 6. — In this column the B.HP at each airspeed is calculated 
by multiplying the percent of rated HP in Column 5 by 
the rated HP of the engine (220 HP). 

Column 1 : — The power-speed coefficient is found by substituting 
the velocity in Column 1, the rpm in Column 4, and 
the B.HP in Column 6, in the expression 

■ power-speed coefficient = Cs = 

The expression for Cs is for sea-level conditions. 

Column 8. — Since the propeller in this particular example has a 
fixed pitch, the blade angle will be constant at all 
speeds. The value of = 19° was found by computa- 
tions as suggested in the chapter on propellers. 

Column 9. — ^The values for efficiency, . 17, are found for the corre- 
sponding values of the Cs in Column 7 with the aid of 
Fig. 8-7. 

Column 10. — The values for HP available are found by the product 
of the corresponding items in Columns 6 and 9. 
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The next step is to plot the horsepower available in Column 10 
against the corresponding airspeed in Column 1. This plot of 
power-available curve should be made on the same graph as the 
power-required cturve (see Fig. 10-6). With these data before him, 
the designer is ready to determine the performance characteristics of 
the airplane. 

In the case of an airplane equipped with a constant-speed pro- 
peller, the rpm will 'remain the same regardless of the forward speed 
of flight. The constant-speed propeller has advantages over the 
fixed-pitch propeller but because of the added weight, it may or may 
not be suitable for the particular design. In either case, the horse- 
power-required curve for one particular airplane will remain the sarre 
but the horsepower-available curve will be different, more horse- 
power being available with the use of the constant-speed propeller. 
The horsepower available may be found easily by calculating the 
value of V/nD and the C,, then, by use of propeller-selection charts, 
the blade angle and efficiency may be determined. Most constant- 
speed propellers have an angular range limited to 10 degrees and if 
the blade angles determined, as explained above, fall outside this 
range, the calculations will necessarily be the same as for the fixed- 
pitch propeller. 

To show the advantages of the constant-speed propeller over the 
fixed-pitch propeller more clearly, the same airplane, as in the first 
example, will be used. The following table gives results of the com- 
putations. 

Problem III. Given: The same airplane in Problem I with an en- 
gine rated at 220 HP at 1800 rpm. The design speed is 144 mph and 
propeller diameter is 9.14 ft as determined before by assuming an ef- 
ficitocy of 82 percent. If this airplane is equipped with a constant- 
speed metal propeller, calculate and plot HP available. 


TABLB VI. POWER AVAILABLE FOR CONSTANT- SPEED PROPELLER 


1 

2 

3 

4 

6 

6 

7 

8 

V 

B.HP 

Rpm 

Cs 

V/nD 


V 

HP 

Avail- 

able 

60 

220 

1800 

0.538 

0.2676 

14** 

57.5 

126.5 

60 

220 

1800 

0.646 

0.321 

14° 

63.2 

139.0 

70 

220 

1800 

0.754 

0.3743 

14.5° 

68.0 

149.8 

80 

220 

1800 

0.862 

0.428 

15° 

72.0 

158.5 

90 

220 

1800 

0.969 

0.482 

15° 

75.5 

166.2 

100 

220 

1800 

1.077 

0.535 

16.5° 

77.0 

169.5 

no 

220 

1800 

1.184 

0.5885 

17° 

79.0 

174.0 

120 

220 

1800 

1.292 

0.642 

17.2° 

80.5 

177.2 

130 

220 

1800 

1.399 

.0.695 

17.5° 

81.5 

179.4 

140 

220 

1800 

1.608 

0.749 

18° 

82,5 

83.0 

181.7 

144 

220 

1800 

1.65 

0.77 

19° 

182.5 
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Column 1. — Velocities are selected from approximate stalling speed 
to maximun;! speed at intervals of 10 mph. 

Columns 2, 3. — Since a constant-speed metal propeller is used on a 
direct-drive crankshaft, the rated HP and rpm in Col- 
umns 2 and 3 respectively will be constant throughout 
the flight range. 

Column 4. — The power-speed coefficient, for sea-level conditions, is 
calculated by substituting the corresponding values of 
velocity, HP and rpm in the formula, 

0.638 X mph 

This series of calculations may be greatly simplified be- 
cause, for each particular problem, there will be certain 
values that will remain constant throughout the calcu- 
lations. For this example, the expression will be 

^ / 0.638 \ ^ 

(^220‘/‘ X 1800 ’/‘ ) ^ 

The quantity in parenthesis is the constant and may be 
simplified still further 

“ (2:945'f^20:T) X 
= 0.01077 X mph 

With the above expression it is only necessary to multi- 
ply 0.01077 by the corresponding velocities listed in 
Column 1. 

Column 5. — In this column the values of the V jnD^ for the corre- 
sponding velocities in Column 1, may easily be calcu- 
lated since the rpm and the diameter are fixed. 

_F ^ 

® ■ (# 

Simplified still further 

V _ mph X 88 
nD rfm X D 

For this particular problem 

V _ mph X 88 
nD 1806“xl).i4 

= mph X 0.00535 

Column 6. — Using the calculated values of Cs and V/nD, the t?lade 
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angle may be determined by the use of the lower curves 
in Fig. 8-7. 

Column 7. — ^The efficiency for the corresponding Cs and the blade 
angle is determined by the use of the upper curves in 
Fig. 8-7. 

Column 8. — The HP available for the airspeeds in Column 1 may be 
determined by multiplying the rated HP (220) by the 
corresponding efficiencies in Column 7. 

Plotting the horsepower-available curve for the constant-speed 
propeller on the same graph as the one for the fixed-pitch propeller, it 



Fig. 10-7. 


is at once evident that the excess horsepower is greater for the con- 
stant-speed propeller. See Fig. 10-7. This excess horsepower, as 
will be explained later, has a direct relation to the performance, 
i,e,y the constant-speed propeller curves producing greater excess 
power means improved performance characteristics. 

Determination of Maximum Speed. The conditions for maximum 
speed are that the power required for level flight be equal to the 
power available at the propeller. The maximum speed for level 
flight may be read from the graph at the intersection of the horse- 
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power-required and horsepower-available curves. From Fig. 10-6 it 
is seen that the maximum speed is 145 mph for the fixed-pitch pro- 
peller and for velocities less than the maximum, there is more than 
necessary horsepower available. This means, at that speed, the en- 
gine should be throttled down. For speeds greater than the maxi- 
mum, the ordinate of the horsepower-required curve is greater than 
that of the horsepower-available curve and this means, of course, 
that the airplane cannot fly at that speed because there is not sufficient 
power available. 

Minimum Speed or stalling speed of the airplane may easily be 
determined by the formula 

V = 

J ()/ 2 S Cl mnx 

For the airplane referred to above, the minimum or stalling speed 
was calculated to be 53.2 mph. The landing speed of an airplane is 
sometimes estimated to be a few miles per hour less than the actual 
calculated stalling speed. The reason for this is that, as the airplane 
approaches the ground, there is a cushioning effect due to air being 
compressed between the wing and the ground, the phenomenon 
being the equivalent of an increase in maximum lift coefficient. 
Many elaborate tests and calculations have been made to determine 
the magnitude of this effect and, in the N.A.C.A. Technical Note 
No. 349, the variations between actual and theoretical landing speeds 
were found to be of the order of 1 percent or 2 percent. 

Rate of Climb, The maximum rate of climb may be found easily 
by an examination of the curves of horsepower-required and horse- 
power-available. The expression for rate of climb (R.C.) is: 

R C — 33,000 X excess H P 
weight of plane (lb) 


Since one horsepower is 33,000 ft-lb per minute, if this is multiplied 
by the amount of excess horsepower and divided by the weight of the 
airplane in lb, the rate of climb will be in fpm. 


R.C. 


ft-lb per minute 
lb 


fpm 


For the airplane in Fig. 10-6 equipped with the fixed-pitch pro- 
peller, the maximum difference at the same airspeed between the 
ordinates for horsepower required and horsepower available is found 
to be 91 HP. Then the maximum rate of climb for the airplane in 
Fig. 10-6, when the gross weight is 3000 lb, is 

p _ 33,000 X 91 
3000 

R.C. « 1000.3 fpm 
[1«4 1 



For the same airplane, equipped with the constant-speed propeller, 
it is seen from Fig. 10-7 that the ordinate for the horsepower-available 
curve is greater than that for the fixed-pitch propeller. This means 
that the excess horsepower is greater for the constant-speed propeller 
and therefore the rate of climb will be increased. From Fig. 10-7, it 
is seen that, at the same airspeed, the maximum difference in the 
ordinate for horsepower available and horsepower required is 110 HP 
producing a maximum rate of climb of 

D 33,000 X no 

= 1210 fpm 

Speed of Best Climb, When the maximum rate of climb is deter- 
mined as explained above, the airspeed for that best rate of climb is 
found by denoting the velocity at which point the maximum excess 
horsepower is located. Examining the curves of horsepower-avail- 
able and -required versus velocity. Fig. 10-7, it can be seen at once 
that the speed of best climb corresponding to the position for maxi- 
mum excess horsepower is 80 mph : For this particular airplane, the 
pilot will get the maximum rate of climb if he climbs the airplane at 
the indicated airspeed of 80 mph. 

For some particular flight problems the speed for steepest climb 
rather than the speed for best climb may be desired. In order to 
clear objects on a take-off, if the angle of attack is increased even 
farther than that for best climb, the airspeed will decrease but the 
ratio of climb to forward speed may increase. To find the angle of 
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Fig. 10-8. 

climb for airspeed for steepest climb for various speeds it is only 
necessary to plot them as shown in Fig. 10-8. The peak of this 
curve is called the maximum rate of climb at sea level. However, if a 
^ line, OP, is drawn through the origin tangent to this curve, the 
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point of tangency will be the speed for steepest climb and the angle of 
climb will be 

- _ 875 ft/min _ 9.95 mph 

' 65 mph “ 65 mph 

= 0.153 

= 8° 42' (approx) 

The airspeed for steepest climb determined by the point of tan- 
gency is 65 mph. In other words, this particular airplane should be 
flown at an airspeed of 65 mph to attain the greatest possible height 
in the shortest distance. 

Power Required at Altitude. Up to this time, the only perfor- 
mance considered has been that at sea level. Although performance 
calculations at sea level are important, the designer must also deter- 
mine the characteristics of his airplane at the altitude where it will 
actually perform. 

It was shown earlier that, at any altitude above sea level when the 
plane was flying level at constant angle of attack, the true airspeed 
increased due to the decrease in air density. The true airspeed at 
altitude is equal to the airspeed at sea level multiplied by the recipro- 
cal of the square root of the density ratio. 



where po = density at sea level 
p = density at altitude 

p/po = (T (sigma) = density ratio (see Table I) 

Likewise, it has been proved that because airspeed at altitude in- 
creases in the same ratio that the density decreases, the drag at alti- 
tude is the same as at sea level for a constant angle of attack. There- 
fore, the power required at altitude is 


HP 


Dq X Vq 
375 



Then in order to calculate speed and power required at altitude it is 
only necessary to know the values of speed and power required at 
sea level and multiply them by the square root of the density ratio 
for that altitude. 

Problem III. Using the data for HP required at sea level for the 
airplane in Problem I, calculate the speed of flight and power re- 
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quired for level flight for the same angles of attack at standard alti- 
tudes of 5000 ft and 10,000 ft. 

Solution: Sample Calculations, For 5000 ft standard altitude, 
read \/l/o- = 1 .077 (Table I) . For the angle of attack corresponding 
to the velocity at sea level of 57.4 mph, calculate the velocity at 5000 
ft. 

V = 57.4 X 1.077 = 

Since at this speed the HP required is ^67. 6, the HP required at 5000 
ft is 

HP = 67.0 X 1.077 = 72.8 


TABLE VII. SPEED AND HORSEPOWER REQUIRED AT 5000 FT 


Velocity (Mph), 
Sea Level 

HP Required, | 
Sea Level , 

Velocity (Mphj, 
.5000 Ft 

[ HP Requir 
1 .50(M) Ft 

220 

607 j 

241 

1 654 

162.3 

24(i ! 

174.8 

1 264 . ;3 

. 131 

1:39 

141 

i 149.7 

114.7 

98.6 

123.4 

1 106.2 

102 

75.8 ; 

109.9 

1 81.6 

75.7 : 

46.7 

81.5 

,50.25 

63.8 1 

1 43.6 

68.6 

46.9 

55 . 7 

44.4 

,59.9 

47.8 

, 5 : 3.2 

1 16.4 

57 . :3 

49.9 

,57.4 

67.6 

61.8 

72.7 

60 

1:34 

64.6 

143 


Sample Calculations. P'or 1 0,000 ft, read \/l/(r = 1.164. For the 
angle of attack corresponding to the velocity at sea level of 57. -I mph, 
calculate the velocity at 10,000 ft. 

r = 57.4 X 1.164 = 66.9 mph. 

Since at sea level, at this speed, power required is 67.6, then the power 
required at 10,000 ft is 

[jp = X 1.164 = 78.7 


TABLE Vlll. SPEED AND HORSEPOWER REQUIRED AT 10, (KK) M 


Velocity (Mph), 
Sea Level 


222 

162.3 

131 

114.7 

102 

75.7 

63.8 
56.7 
53.2 
57.4 
60 


HP Required, 
Sea Level 


607 

246 

139 

98.6 
75.8 

46.7 

43.6 

44.4 

46.4 

67.6 
134 


VelcH'ity (Mph), 
10,000 Ft 


258.2 

189 

152.4 

133.5 
118.8 

88.1 

73.4 

64.8 

61.8 
66.8 
69.8 


HP Required, 
10 ,(K)0 Ft 


706 

28eL5 

161.9 

114.8 

88.2 

54.3 

50.7 
. 51.7 

.54 

78. 7 
1543 
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The above calculated airspeeds and power required at altitudes of 
5000 ft and 10,000 ft are plotted on the same graph with the sea- 
level power in Fig. 10-9. It may be noted that the effect of airplane 
operation at altitudes is to move the curve of horsepower required to 
the right and upward from the original position of the sea-level power- 
required curve. It is interesting to note that at a given airspeed 
an increase in altitude makes the power required greater at low 



.speeds (large angle of attack) and less at high .speed (small angle of 
attack). It follows then, if the power available from the engine did 
not drop off at altitude, the maximum speed of the airplane would be 
greater at higher altitudes. This particular advantage is realized 
if the engine is equipped with a supercharger. For most engine- 
propeller .units on lighter airplanes, however, there is no altitude 
engine and the power falls off to such an extent that the top speed 
at altitude is usually less than that at sea level. 
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Horsepower Available at AUitttde, For an airplane engine at a 
given rpm the indicated horsepower drops off in practically the 
same ratio as the density of the air. This is because the percentage 
of oxygen content is practically independent of altitude. It is a fact 
that the propeller offers less resistance to rotation because of the 
decrease in density and it would seem that the propeller would turn 
over faster and develop more horsepower. This, however, is not the 
case since the engine power drops off faster than the density and the 
net result of an increase in altitude at a given airspeed is a drop in 
propeller rpm. That is, a reduction in rpm means a decrease in power 
output and also with the decrease in air density, even at the same 
rpm, the engine will develop less power. This would necessarily 
result in a change in V/nD for the propeller and, for a fixed-pitch 



VO'^iotion of foil Ttirot t le Hor'sepoyyer 
With Altitude ot Constant Atr Speed 

Fig. 10-10. 


propeller, this change would also mean a decrease in i)ropeller effi- 
ciency. In the N.A.C.A. Report No. 40S, the net result of the 
changes in B.HP, rpm, and propeller efficiency with altitude, for 
engines with ty]ncal mechanical efficiencies, were plotted as a graph 
of IIP/IIP() against altitude for constant airspeed (Fig. 10-10). 

Then, with the aid of Fig. 10-10 the plot of horsepower available 
at altitude against speed can be made when the corresponding values 
of sea-level power-available are known. This procedure can be illus- 
trated best by the following example. 

Problem V. Given : The same airplane in Problem II and the cor- 
responding values of speed and HP available at sea level. Using the 
above values, calculate the HP availaMe at each airspeed at standard 
altitudes of 5000 ft and 10,000 ft. 
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Solution: From Fig. 10-10 read for 5000-ft altitude, HP ! HP ^ == 
0.83. Next, tabulate the known values of speed and power available 
at sea level (Problem II) and multiply each value of power available 
at sea level by 0.83 to get the power available at 5000 ft. 

Sample Calculation. For velocity of 50 niph the HP available at 
sea level, is 105.3, then the HP available at 5000 ft is 105.3 X 0.83 
= 87.4 HP. 


TAULK I 

X. HORSEROWKR AVAILABLE 

AT 50(H) FT 

r„ 


Hr 

50 

105.3 

87.4 

rtO 

119.3 

99.1 

70 

129.4 

107.4 

80 

140.0 

116.2 

90 

148.1 

123.0 

UK) 

15:3.8 

127.6 

no 

159.9 

i;32.8 

120 

1 65 . 9 

1:37.8 

130 

172.5 

143.2 

140 

179.5 

149.0 

144 

182.5 

151.5 


For calculation of HP available at 10,000 ft, read from Fig. 10-10 for 
10,000 ft altitude IIP/ IIP, s = 0.(>N. Tabulate the known values of 
speed and power-available at sea level and niultifdy sea-level power- 
available by 0.08 to get [)ower available at 10,000 ft. 

Sample Calculation . HP available at 10,000-ft altitude at 50 mph 
= 105.3 HP X 0.08 = 71.0 HP. 


TABLI?*X. HURSKPOWKR AVAII.AHLK AT 10,0(10 FI 


Fu 

///^, 

iir 

.50 

105.3 

71.6 

60 

119.3 

81 .2 

70 

129.4 

88.0 

80 

140.0 

95.2 

90 

148. 1 

100.8 

UMJ 

153.8 

104.6 

no 

159.9 

108.8 

120 

165.9 

112.9 

1:30 

172.5 

n7;4 

140 

179.5 

122.1 

144 

182.5 

124.2 


The above calculated values for horsepower available at 5000 ft and 
10,000 ft are then plotted on the same graph as the horsepower re- 
quired in Fig. 10-11 and with these data before him the designer may 
easily determine the performance characteristics at altitude. 

Maximum and Minimum Speeds at Altitude are easily determined 
by noting the point of intersection of the available and required 
curves for the respective altitude. For example, in Fig. 10-11 the 
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power-required and })Owcr-available curves for oOOO ft intersect to 
j(ive a maximum speed of J41 mph. In the same figure the curves 
for 10,000 ft intersect to give a maximum speed of 136.5 mph. If 
the altitude were increased even more, then the intersection of the 
curves would occur at a still lower maximum speed. As the alti- 
tude increases, the horsepower-required curve will move upward and 
to the right and at the same time the available curves will move 



Fig. 10-11. 


downward. At some greater altitude, then, the power-required 
curve will occur above the ]>ower-available curve and will not inter- 
sect at any point. This means that, at this j^articular altitude, the 
airplane is unable to operate because the power available is insuffi- 
cient. 

The minimum speed at altitude is usually the lower limit of the 
horsepower-required curve. In other words, from Fig. 10-11 the 
minimum speed at 5000 ft is seen to be 57.3 mph, and the minimum 

I 201 ] 



si)ecd at 10,(K)0 ft is (>1.8 mph. Usually, at some higher altitudes, 
the stalling speed of the airplane will be higher than the calculated 
stalling speed because the power available will intersect the power- 
required curve. That means, in some cases, the intersection of the 
two curves occurs not only to detennine maximum speed but also to 
determine stalling speed. In a case of this kind, range of flight opera- 
tion is limited to the speeds between the lower intersection (mini- 
mum speed) and the upper intersection (maximum speed). 

Rate of Climb at Altitude is determined in the same manner as for 
sea level. For altitudes above sea level, the power-required curves 
move up and toward the right and the power-available curves move 
downward. That is, at altitude, the ])ower required is greater and 



Fig. 10-12. 


the power available less. The maximum difference between these 
curves at the same speed will determine the maximum rate of climb 
at the particular altitude for which the calculations are made. From 
Fig. 10-11 the maximum excess power for 5000 ft is 07 HP at <85 mph. 
The maximum rate of climb at 5000 ft is 


07 X 33,000 
3000 


737.5 ft/min 


In the same manner, the maximum excess power for 10,000 ft is 44.5 
HP at 90 mph, giving a maximum rate of climb of 


44.5 X 33,000 
3000 


== 489 ft/miti 


The airspeed for maximum climb, as shown, is greater with an increase 
in altitude and is closely approaching the airspjeed for least power 
required. In other words, the angle of attack for this best climb is 
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practically the same as the angle of maximum ! Cd the 

coihplete airplane. The rate of climb curve, when plotted against 
altitude, is approximately a straight line for unsupercharged engines 
(Fig. 10-12), It is also a straight line for supercharged engines if 
the climb is made with a constant throttle setting. However, if the 
climb is made at constant 'manifold pressure to the critical altitude 
of the supercharger, the rate of climb will be a curve below the critical 
altitude and a straight line above the critical altitude. 

Ceiling. Absolute ceiling is the limiting altitude of the airplane, 
that is, there remains no excess power available for climb and the 
rate of climb becomes zero. Service ceiling is another term used to 
express the performance of an airplane and is defined as the altitude 
at which the rate of climb is 100 ft/min. In order to obtain the 
absolute and service ceilings of an airplane it is only necessary to 
plot the rates of climb for two different altitudes as shown in Fig. 
10-12. The calculated rates of climb for the airplane in Problem I 
have been plotted against altitude in Fig. 10-12 and the resulting 
curve is practically a straight line. This straight line drawn through 
these points intersects the zero ordinate to determine the absolute 
ceiling of this airplane to be 10,200 ft. The service ceiling is noted 
to be 17,400 ft. 

Endurance. To attain the maximum possible endurance for a 
particular airplane, it is necessary that the pilot fly at the airspeed for 
minimum power required. This means that at the velocity for mini- 
mum power required will be the speed at which the least fuel con- 
sumption in gallons per hour will be obtained. If the airplane is to 
make an endurance record for time in the air, the gasoline supply 
should be consumed as economically as possible. Referring to an 
earlier explanation, the airplane should be flown at an angle of attack 
corresponding to the minimum value of for the least horse- 

power required. However, the angle of attack must be for the 
corresponding minimum which means the drag of the 

wing plus the parasite drag must be considered. If the total horse- 
power-required curve has been plotted the minimum power required 
is easily found. 

Example: Using Fig. 10-2 for the airplane in Problem I, it is de- 
sired to find the angle of attack and velocity for minimum Cd total/ 
Cl*/*. 

Solution: Draw a line, BC, horizontal and tangent to the HP-re- 
quired curve Fig. 10-2; the point of tangency being the point of 
velocity for minimum power required. The point of tangency, for 
this particular airplane, determines the minimum velocity to be 63.8 
mph and the minimum HP required is 43.6. The corresponding angle 
of attack for minimum Cd tot*i/CL*/* from Table IV is 12°. 
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It follows, then, for the airplane in the above problem, the pilot 
must fly level at an airspeed of t)3.8mph to obtain the greatest possible 
endurance flight. This will be true only when the airplane weighs 
3000 lb. As time elapses, the airplane will become lighter due to the 
fuel consumption and, although he must fly at the angle of attack of 
minimum Cz> total/ the decrease in weight will decrease the 
necessary velocity. Decreasing the weight, the power required is 
less hence the throttle setting can be reduced. This decrease in 
throttle setting means less fuel consumption in gallons per hour. For 
an airplane to attain its absolute maximum endurance, the pilot 
should have a table of best airspeeds to fly at various stages of the 
flight. 

In the N.A.C.A. Technical Report No. 234, the following ex- 
pression, the Brequet Endurance Formula ^ is given : 

Endurance (hours) = 7o0 “■ — 

I- [n/cix/fVi VfVoJ 

L/D - L/D ratio ) / \ 

C — lb fuel/B. HP/hr > at speed T f j 

rj = propeller efficiency \ ^ ' 

H o = initial gross weight, Ib 
IVi = final gross weight, lb 

Example: For the same airplane in Problem 1, find the maximum 
endurance (hours) of flight, if the airplane carries oO gal of fuel. 

Solution: Referring to the point of tangeiicy of the horizontal line, 
BCy Fig. 10-2, it is noted that the point of minimum power required 
determines the vdocity for maximum endurance to be 03.8 mph. 
Then, in order to determine the L/D of the complete airplane at this 
velocity, it is only necessary to refer to Table IV and find the total 
drag at that speed. The wing drag of 199.3 lb plus the parasite drag 
of o7.3 lb gives a total drag of 250. 0 lb. The weight of the airplane is 
3000 lb, therefore, for level flight, the L/D of the complete airplane 
is 3000/256.0 = 11.07. It may also be noted from the data of power 
available. Table V, that for a velocity of 63.8 mph (by approximate 
interpolation) the efficiency, rj, of the fixed pitch propeller is 0.64. 

The specific fuel consumpti()n is 0.55 Ib/B. HP/hr and the total 
initial gross weight. Wo, minus 50 gal of fuel at 6 Ib/gal is 


3000 — 300 = 2700 lb = HI (final gross weight) 
vSubstituting the above values in the Brequet formula. 

Endurance (hr) = 7o0 X . 7 -.;^ 7 =:^ 

63.8 \2o6.6y O.oo [ V2700 \/3000. 

= 750 X 0.861 X 11.67 X 1.164 X 0.00096 

Endurance (max) ~ 8.42 hr 
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In the above example, the S[)ecific fuel consumption was given 
as 0.55 lb l}.HP/br. Although this is usually the value assumed in a 
problem of this sort, the range of fuel consumption may be from 
0.45 to 0.55 Ib/B. HP/hr, depending on the particular engine used 
and its condition. Unless the manufacturer’s specifications are 
available, 0.55 is considered to fee accurate enough for practical pur- 
poses. 

If an airplane is operated at any speed beyond that for minimum 
power required, the endurance will be considerably reduced. This 
may seem strange, but it must be kept in mind that endurance does 
not depend on airspeed but only on the speed for best economy. As 
a rule, an airplane will have poorest endurance at its maximum speed. 
Even though the specific fuel consumption should remain unchanged 
(which is untrue), the endurance, which is a function of velocity and 
drag, would be reduced with an increase in velocity and a corre- 
sponding drag increase. 

Example: Find the endurance of the same airplane (in the pre- 
ceding problem) if operated at maximum speed (144 mph). 

Solution: From Table IV, at 144 mph, the wing drag of 175 lb 

plus parasite drag of ^108 lb (by approximate interpolation) gives a 
total drag of 4S8 lb. Then the total L/D ratio is 8000/488 = (>.22. 

The propeller efficiency at the maximum sy)eed of 1 44 mph was 
calculcated to be 0.83. (See Table V.) If the specific fuel consump- 
tion is assumed to be 0.55 Ib/B. HP/hr then the endurance is 


Endurance (at top speed) = 


750 X 


V^i000/'^Wi)Y0.S8\r 1 __^ 

144 V 


2 

V»)00. 


= ToO X ().:1N1 X (i.22 X 1.51 X O.OOOWi 


= 2.5<S hr 


Under normal flight conditions, an airplane will be operated neither 
at the speed for least power required nor at its maximum speed. The 
usual cruising speed of an airplane is determined by considering the 
engine operating at 00-75^; f) B.HP (rated). If the engine in the 
above example were to be operated at 00 percent of its rated power, 
the cruising speed would be 129 mph at sea level. Therefore, the 
endurance for this speed must be calculated, as above, to find the 
normal endurance of the airplane. 

Range. The range of an airplane is a function of the total L/D 
ratio, the efficiency of the propeller at the operating speed, and the 
specific fuel consumption. As a rule, the speed for maximum range 
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is greater than that for maximum endurance, since the object of the 
flight is to cover the greatest distance for a given supply of gasoline. 
It follows that the airplane should fly at the angle of attack of maxi- 
mum efficiency, or, more specifically, the angle of attack of best 
^/Aotai- This differs from the angle of attack of minimum CdICl^^ 
in that, at this angle, the least power is required to sustain flight, 
whereas the angle of attack for maximum will require a 

higher velocity and at the same time will be the point for minimum 
fuel consumption for a given distance. In Fig. 10-2, a line, F£, 
is drawn from the origin of the graph (0 horsepower and 0 velocity) 
tangent to the horsepower-required curve, the point of tangency 
representing the minimum ratio of horsepower to velocity. For this 
particular airplane, the point of tangency determines the maximum 
-^'/Aotai the airplane to be at the airspeed of 78 mph and 47 HP 
required. Referring to Table IV, at an approximate speed of 78 
mph, the airplane is flying level at an angle of attack of 8*^. So, for 
the maximum range, the airplane should be flown at an angle of at- 
tack of 8°, and an airspeed of 78 mph. Recalling statements in 
Chapter I concerning the angle of attack of best L/D compared with 
angle of attack of best A*' V C/), it was brought out that the angle of 
attack for best L/D was less than the angle of attack for best Cl^^/Cd, 
because one represented the angle of attack for best efficiency and 
the other, the angle for least power required. This point was 
proved in the section on Endurance where the angle of best 
Atotai was found to be 12^ and for best L/£>totab the angle of attack 
is noted to be a smaller angle, namely, 8°. 

One of the more frequently used expressions for range is Brequet’s 
formula (N.A.C.A. Technical Report No. 234): 

Range (miles) = 864 ^logio 

where L/D = L/Du>t^\ 

C = lb fuel/B.HP/hr 
ri = propeller efficiency 
Wo = initial gross weight, lb 
Wi = final gross weight, lb 

Example: Find the maximum range of the same airplane as in the 
preceding example. 

Solution: The line, FE, drawn -tangent to HP required curve. 
Fig. 10-2, determines best L/D at 78 mph and HP required is 47. 
Referring to Table IV for velocity of 78 mph the wing drag is 150 lb 
and the parasite drag is 80 lb (approximately). Then, if airplane 
weighs 3000 lb, the L/D is 3000/230 = 13.05. For 78 mph read pro- 
peller efficiency to be 72 percent (approximately), Table V. Assum- 
ing the specific fuel consumption to be 0.55 Ib/B. HP/hr and the fuel 
capacity as 50 gal, the maximum range is 
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1. /■ I ^ . S, /3000\ ^ 0.72 ^ , /3000\ 

Range (miles) 864 X ^ 230 / ^ 0.55 ^ y2700 ) 

= 864 X 13.05 X 1.31 X 0.0453 
= 670 mi 


Example: Find the range of the airplane when cruising at 60 per- 
cent of rated power. 

Solution: 0.60 X 220 = 132 HP at cruising. Read 130 mph at 
132 HP, Fig. 10-2. Referring to Table IV for velocity of 130 mph, 
wing drag is 154 lb and parasite drag is 246 (approx.). Airplane 
weighs 3000 lb. Therefore, L/Z) is 3000/400 = 7.5. Read propeller 
efficiency to be 0.<S15 for velocity of 130 mph. When fuel capacity is 
50 gal and specific fuel consumption is 0.55 Ib/B. HP/hr., the range 
will be 


Range (miles) = 864 X 



X 


0.815 

'0.55 


X logio 



= 864 X 7.5 X 1.484 X 0.0453 


= 436 mi 


It is not difficult to see from the above exam})les why airplane 
owners sometimes find there is a considerable difference in the range 
they expected and the actual range attained. An airplane flown at 
a velocity greater or less than that for best L/D^^^x will realize a 
decided decrease in the maximum design range. 
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APPENDIX 

AERONAUTICAL NOMENCLATURE* 

accderometer — An instrument that measures the accelerations of an 
aircraft in a defined direction. 

acrobatics — Evolutions voluntarily performed with an aircraft, other 
than those required for normal flight. 

adjustable propeller — See Propeller, Adjustable. 

aerodynamic center, wing section — A point located on or near the 
chord of the mean line approximately one quarter of the chord 
length aft of the leading edge and about which the moment coeffi- 
cient is practically constant. 

aerodynamics — The branch of dynamics that treats of the motion of 
air and other gaseous fluids and of the forces acting on solids in 
motion relative to such fluids. 

aerostatics — The science that treats of the equilibrium of gaseous 
fluids and of bodies immersed in them. 

aileron — A hinged or movable portion of an airplane wing, the pri- 
mary function of which is to impress a rolling motion on the air- 
plane. It is usually part of the trailing edge of a wing. 
external aileron — A separate airfoil mounted clear of the wing sur- 
faces of an airplane but usually attached to them and deflected 
for lateral control. 

Frise aileron — An aileron having the nose portion projecting ahead 
of the hinge axis, the lower surface being in line with the lower 
surface of the. wing. When the trailing edge of the aileron is 
raised, the nose portion protrudes below the lower surface of the 
wing, increasing the drag. • 

slotted aileron — An aileron having a nose and axis arrangement 
somewhat similar to a Frise aileron but having a smooth air pas- 
sage between the nose portion of the aileron and the wing for the 
purpose of maintaining a smooth airflow over the upper surface 
of the aileron wl^en its trailing edge is deflected downward. 
upper-surface aileron — A split flap forming the rear upper surface 
of a wing, deflected for lateral control. 

aileron linkage arrangement: 

differential aileron linkage arrangement — Ailerons so interconnected 
that a given movement of the control stick results in the upward 
displacement of one aileron being greater than the downward dis- 
placement of the other. 

floating aileron linkage arrangement— AxX^rows so linked together 
and to the control stick as to “float’’ freely in the air stream 
except when displaced by the lateral motion of the control stick. 

aircraft — Any weight-carrying device designed to be .supported by 
the air, either by buoyancy or by dynamic action. 

* Based on N.A.C.A. Technical Report 474. 
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airfoil — Any surface, such as an airplane wing, aileron, or rudder, de- 
signed to obtain reaction from the air through which it moves. 
airfoil profile — The outline of an airfoil section. 

airfoil section — A cross section of an airfoil parallel to the plane of 
symmetry or to a specified reference plane. 
airplane — A mechanically driven fixed-wing aircraft, heavier than air, 
which is supported by the dynamic reaction of the air against its 
wings. 

canard airplane A type of airplane having the horizontal stabiliz- 
ing and control surfaces in front of the main supporting surfaces. 
pusher airplane An airplane with the propeller or propellers aft of 
the main supporting surfaces. 

tailless airplane An airplane in which the devices used to obtain 
stability and control are incorporated in the wing. 
tractor airplane -An airplane with the proj)eller or propellers for- 
ward of the main supporting surfaces. 
air speed— speed of an aircraft relative to the air. 
air-speed head An instrument which, in combination with a gage, is 
used to measure the speed of an aircraft relative to the air. It 
usually consists of a {)i tot-static tube or a pi tot- venturi tube. 
airway — An air route along which aids to air navigation, such as 
landing fieddvS, beacon lights, radio direction-finding facilities, inter- 
mediate fields, etc., are maintained. 
airworthiness The quality of an aircraft denoting its fitness and 
safety for o])eration in the air under normal flying conditions. 
altimeter An instrument that measures the elevation of an aircraft 
above a given datum jdane. 
aliihule: 

absolute altitude- 'Phe height of an aircraft above the earth. 
critical altitude ~ maximum altitude at which a supercharger 
can maintain a pressure in the intake manifold of an engine equal 
to that existing during normal operation at rated power and speed 
at sea level. 

density altitude The altitude corresponding to a given density in a 
standard atmosphere. 

pressure altitude— (1) The altitude corresponding to a given pres- 
sure in a standard atmosphere. (2) The altitude at which the 
gas bags of an airship become full. 
amphibian An airplane designed to rise from and alight on either 
land or water. 
angle: 

aileron angle 'I'he angular displacement of an aileron from its 
neutral pOvSition. It is positive when the trailing edge of the 
aileron is below the neutral position. 
blade ang/e— The acute angle between the chord of a section of a 
propeller, or of a rotary wing system, and a plane perpendicular 
tb the axis of rotation. 

coning angle — The average angle between the span axis of a blade 
or wing of a rotary wing system and a plane perpendicular to the 
axis of rotation. 

dihedral> angle — The acute angle between a line perpendicular to 
the plane of symmetry and the projection of the wingaxisonaplane 
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perpendicular to the longitudinal axis of the airplane. If the 
wing axis is not approximately a straight line, the angle is 
measured from the projection of a line joining the intersection 
of the wing axis with the plane of symmetry and the aerodynamic 
center of the half-wing on either side of the plane of symmetry. 
downwash angle — ^The angle through which an air stream is de- 
flected by any lifting surface. It is measured in a plane parallel 
to the plane of symmetry. 

drift angle — The horizontal angle between the longitudinal axis of 
an aircraft and its path relative to the ground. 
effective helix angle — The angle of the helix described by a particular 
point on a propeller blade as the airplane moves forward through 
air otherwise undisturbed. 

elevator angle — The angular displacement of the elevator from its 
neutral position. It is positive when the trailing edge of the 
elevator is below the neutral position. 
flapping angle — The difference between the coning angle and the 
instantaneous angle of the span axis of a blade of a rotary wing 
system relative to the plane perpendicular to the axis of rotation. 
flight-path angle — The angle between the flight path of the aircraft 
and the horizontal. 

gliding angle — The angle between the flight path during a glide and 
a horizontal axis fixed relative to the air. 
landing awg/e~The acute angle between the wing chord and the 
horizontal when the airplane is resting on level ground in its 
normal position; also called “ground angle.” 
minimum gliding angle — The acute angle between the horizontal 
and the most nearly horizontal path along which an airplane can 
descend steadily in still air when the propeller is producing no 
thrust. 

rudder angle — The acute angle between the rudder and the plane 
of symmetry of the aircraft. It is positive when the trailing edge 
has moved to the left with reference to the normal position of the 
pilot. 

trim angle — The angle between the horizontal and the longitudinal 
base line of a seaplane float or flying-boat hull. It is positive 
when the bow is higher than the stern. 
zero-lift angle — The angle of attack of an airfoil when its lift is zero. 
angle of attack — The acute angle between a reference line in a body 
and the line of the relative wind direction projected on a plane con- 
taining the reference line and parallel to the plane of symmetry. 
absolute angle of attack — The angle of attack of an airfoil, measured 
from the attitude of zero lift. 

critical angle of attack — The angle of attack at which the flow about 
an airfoil changes abruptly as shown by corresponding abrupt 
changes in the lift and drag. * 

effective angle of attack — See Angle of Attack for Infinite Aspect 
Ratio. 

induced angle of attack — The difference between the actual angle of 
attack and the angle of attack for infinite aspect ratio of an air- 
foil for the same lift coefficient. 

angle of attack for infinite aspect ratio — The angle of attack at which 
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the lower surface; and “mean camber” to the mean line of the 
section. Camber is positive when the departure is upward, and 
negative when it is downward. 

center of pressure of an airfoil — The point in the chord of an airfoil, 
prolonged if necessary, which is at the intersection of the chord and 
the line of action of the resultant air force. 
center-of-pressure coefficient — The ratio of the distance of the center 
of pressure from the leading edge to the chord length. 
center section — ^The central panel of a wing; in the case of a continuous 
wing or any wing having no central panel, the limits of the center 
section are arbitrarily defined by the location of points of attach- 
ment to the cabane struts or fuselage* 
chandelle — ^An abrupt climbing turn to approximately a stall in which 
the momentum of the airplane is used to obtain a higher rate of 
climb than would be possible in unaccelerated flight. The purpose 
of this maneuver is to gain altitude at the same time that the di- 
rection of flight is changed. 

chord — An arbitrary datum line from which the ordinates and angles 
of an airfoil are measured. It is usually the straight line tangent 
to the lower surface at two points, the straight line joining the ends 
of the mean line or the straight line between the leading and trail- 
ing edges. 

chord f mean aerodynamic — The chord of ati imaginary airfoil which 
would have force vectors throughout the flight range identical with 
those of the actual wing or wings. 

chordt mean, of a wing — ^The quotient obtained by dividing the wing 
area by the span. 

control column — -A lever having a rotatable wheel mounted at its 
upper end for operating the longitudinal and lateral control sur- 
faces of an airplane. This type of control is called “wheel control.” 
control, servo — A control devised to reinforce the pilot’s effort by an 
V aerodynamic or mechanical relay. 
controllability — ^The quality of an aircraft that determines the ease of 
operating its controls and/or the effectiveness of displacement of 
the controls in producing change in its attitude in flight. 
controls — A general term applied to the means provided to enable the 
pilot to control the speed, direction of flight, attitude, power, etc., 
of an aircraft. 

control stick — The vertical lever by means of which the longitudinal 
and lateral control surfaces of an airplane are operated. The ele- 
vator is operated by a fore-and-aft movement of the stick; the 
ailerons, by a side-to-side movement. 
control surface — ^A movable airfoil designed to be rotated or other- 
wise moved by the pilot in order to change the attitude of the air- 
craft. 

cowling — ^A removable covering. 

cockpit cowling — A metal or plywood cowling placed around a 
cockpit. 

engine cowling — A removable covering placed around all or part of 
an airplane engine. 

N.A.CA, cowling — A cowling enclosing a radial air-cooled engine, 
consisting of a hood, or ring, and a portion of the body behind the 
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engine so arranged that the cooling air smoothly enters the hood 
at the front and leaves through a smooth annular slot between the 
body and the rear of the hood ; the whole forming a relatively low- 
drag body with a passage through a portion of it for the cooling 
air. 

directional gyro — A gyroscopic instrument for indicating direction, 
containing a free gyroscope which holds its position in azimuth 
and thus indicates angular deviation from the cours'h. 
dive — A steep descent, with or without power, in which the airspeed 
is greater than the maximum speed in horizontal flight. 
downwash air deflected perpendicular to the direction of motion 

of an airfoil. 

drag — The component of the total air force on a body parallel to the 
relative wind. 

induced drag— Thiit part of the drag induced by the lift. 
parasite rfmg— That portion of the drag of an aircraft exclusive of 
the induced drag of the wings. 

profile drag, effective - The difference between the total wing drag 
and the induced drag of wing with the same geometric aspect 
ratio but elliptically loaded. 

dynamic pressure — The product where p is the density of the 

air and V is the relative speed of the air. 
empennage See Tail, Airplane. 

fairing -A\\ auxiliaiy" member or structure whose primary function 
is to reduce the drag of the part to which it is fitted. 
feather — In rotary wing systems, to periodically increase and decrease 
the incidence of a blade or wing by oscillating the blade or wing 
about its span axis. 

fin — A fixed or adjustable airfoil, attached to an aircraft approxi- 
mately parallel to the plane of symmetry, to afford directional 
stability; for example, tail fin, skid fin, etc. 
fineness ratio —Thit ratio of the length to the maximum diameter of a 
streamline body, as an airship hull. 
fitting- — A generic term for any small part used in the structure of an 
airplane or airship. If without qualification, a metal part is usually 
understood. It may refer to other parts, such as fabric fittings. 
flap — -A hinged or pivoted airfoil forming the rear portion of an air- 
foil, used to vary the effective camber. 

split flap — ^A hinged plate forming the rear lower portion may be 
deflected downward to give increased lift and drag; the upper 
portion may be raised over a |X)rtion of the wing for the purpose 
of lateral control. 

fuselage — The body, of approximately streamline form, to which the 
wings and tail unit of an airplane are attached. 
mpnocoque fuselage — A fuselage construction which relies on the 
strength of the skin or shell to carry either the shear or the load 
due to bending moments. Monocoques may be divided into 
three classes (reinforced shell, semimonocoque, and mono- 
coque), and different portions of the same fuselage may belong 
to any one of these classes. The reinforced shell has the skin 
reinforced by a complete framework of structural members. The 
’ semimonocoque has the skin reinforced by longerons and vertical 

[ 216 ] 



bulkheads, but has no diagonal web members; The monocoque 
has, as its only reinforcement, vertical bulkheads formed of 
structural members. 

ground loop — ^An uncontrollable violent turn of an airplane while 
taxiing, or during the landing or take-off run. 

helicopter— X type of rotor plane whose support in the air is normally 
derived fronj airfoils mechanically rotated about an approximately 
vertical axis. 

horsepower of an engine, rated — ^The average horsepower developed by 
a given type of engine at the rated speed when operating at full 
throttle, or at a sj^cified altitude or manifold pressure. 

Immeltnan turn, norynal — -K maneuver made by completing the first 
half of a normal l(X)p ; from the inverted position at the top of the 
loop, half -rolling the airplane to the level position, thus obtaining 
a 180 ® change in direction simultaneously with a gain in altitude. 

impact pressure— The pressure acting at the forward stagnation point 
of a body, such as a pitot tube placed in an air current. Impact 
pressure may be measured from an arbitrary datum pressure. 

inclinometer — An instrument that measures the attitude of an air- 
craft with respect to the horizontal. 

instability, spiral A type of instability, inherent in certain airplanes, 
which becomes evident when the airplane assumes too great a bank 
and sideslips; the bank continues to increase and the radius of the 
turn to decrease. 

interceptor— A. lateral-control device consisting of a small plate placed 
just back of a wing slot to spoil the effect of the slot at high angles 
of attack. 

landing — The act of terminating flight in which the aircraft is made 
to descend, lose flying speed, establish contact with the ground, and 
finally come to rest. 

glide landing — A landing in which a steady glide is maintained to 
the landing surface without the usual leveling-off before contact. 
level landing (stress analysis) — A loading condition for the fuselage 
and landing gear, representing a two-point landing with the fuse- 
lage horizontal. 

normal {or three-point) landing — A landing in which a path tan- 
gential to the landing surface and the loss in flying speed are 
attained at approximately the instant of contact. 
pancake landing — A landing in which the leveling-off process is 
carried out several feet above the ground, as a result of which the 
airplane settles rapidly on a steep flight path in a hormal atti- 
tude. 

three-point landing (stress analysis) — A loading condition for the 
fuselage and landing gear, representing landing with the wheels 
and tall skid touching the ground simultaneously (cf. level 
. landing). 

landing gear — The understructure which supports the weight of an 
aircraft when in contact with the land or water and which usually 
contains a mechanism for reducing the shock of landing. Also 
called * ‘undercarriage.’' 

retf actable landing gear —A type of landing gear which may be witli- 
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drawn into the body or wings of an airplane while it is in flight, 
in order to reduce the parasite drag. 
lijijdrag ratio — The ratio of the lift to the drag of any body. 
load: 

basic load {stress analysis) — The load on a structural member or 
part in any condition of static equilibrium of an airplane. When 
a specific basicjload is meant, the particular condition of equilibrium 
must be indicated in the context. 

design load {stress analysis) — A specified load below which a struc- 
tural member or part should not fail. It is the probable maxi- 
mum applied load multiplied by the factor of safety. Also, in 
many cases, an appropriate basic load multiplied by a design 
load factor. 

full load—\sI<i\g\vt empty plus useful load ; also called “gross weight.” 
normal load (stress analysis) — ^The load on that part of a wing 
assumed to be unaffected by tip losses or similar corrections. 
In any given case, it may be a basic design, gross, net, or ultimate 
load, depending on the context. 

pay load — That part of the tlseful load from which revenue is de- 
rived, viz, passengers and freight. 

ultimate load {stress analysis) — The load that causes destructive 
failure in a member during a strength test, or the load that, ac- 
cording to computations, should cause destructive failure in the 
member. 

useful locui — The crew and passengers, oil and fuel, ballast other 
than emergency, ordnance, and portable equipment. 
load factor {stress analysis) — The ratio of two loads (the second being 
a basic load) that have the same relative distribution. The first 
load may be the load applied during some special maneuver, the 
maximum probable load on the airplane or part, the design load, 
or the ultimate load. Whenever a load factor is mentioned, the 
context should indicate clearly what load is being compared with 
the basic load. If the context does not so indicate, the load factor 
is usually the ratio of the design load to the weight of the airplane. 
loading: 

power loadmg — The gross weight of an airplane divided by the 
rated horsepower of the engine computed for air of standard 
density, unless otherwise stated. 

span loading — The ratio of the weight of an airplane to its equiva- 
lent monoplane span. 

unsymmetrical loading {stress analysis) — A design loading condi- 
tion for the wings and connecting tnembers, representing the con- 
ditions as in a roll. 

wing loading — The gross weight of an airplane divided by the wing 
area. 

longeron — A principal longitudinal member of the framing of an air- 
plane fuselage or nacelle, usually continuous across a number of 
points of support. 

loop — A maneuver executed in such a manner that the airplane fol- 
lows a closed curve approximately in a vertical plane. 
inverted normal loop — A loop starting from inverted flight and pass- 
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ing successively through a dive, normal flight, climb, and back 
to inverted flight. 

inverted outside loop — An outside loop starting from inverted flight 
and passing successively through a climb, normal flight, dive and 
back to inverted flight. 

normal loop — A loop starting from normal flight and passing suc- 
cessively through a climb, inverted flight, dive, and back to 
normal flight. 

outside loop — A loop starting from normal flight and passing suc- 
cessively through a dive, inverted flight, climb, and back to nor- 
mal flight, the pilot being on the outside of the flight path. 
maneuverability — That quality in an aircraft which determines the 
rate at whidi its attitude and direction of flight can be changed. 
mean line {of an airfoil profile) — An intermediate line between the 
upper and lower contours of the profile. 
monoplane — An airplane with but one main supporting surface some- 
times divided into two parts by the fuselage. 

high-wing monoplane— K monoplane in which the wing is located 
at, or near, the top of the fuselage. 
low-wing monoplane — A monoplane in which the wing is located at, 
or near, the bottom of the fuselage. 
midwing monoplane — A monoplane in which the wing is located 
approximately midway between the top and bottom of the 
fuselage. 

parasol monoplane — ^A monoplane in which the wing is above the 
fuselage. 

nacelle — An enclosed shelter for personnel or for a power plant. A 
nacelle is usually shorter than a fuselage, and does not carry the 
tail unit. 

noseheavy — The coi^dition of an airplane in which the nose tends to 
sink when the longitudinal control is released in any given attitude 
of normal flight (see tailheavy). 

ornithopter — ^A form of aircraft heavier than air, deriving its chie^ 
support and propelling force from flapping wings. 
oscillation: 

phugoid oscillation — ^A long-period oscillation characteristic of the 
disturbed longitudinal motion of an aircraft. 
stable oscillation — An oscillation whose amplitude does not increase. 
unstable oscillation — An oscillation whose amplitude increases con- 
tinuously until an attitude is reached from which there is no 
tendency to return toward the original attitude, the motion be- 
coming a steady divergence. 

pilot — One who operates the controls of an aircraft in flight. 
pitch — An angular displacement about an axis parallel to the lateral 
axis of an aircraft. 
pitch of propeller : 

effective ^tch — The distance an aircraft advances along its flight 
path for one revolution of the propeller. 
geometrical pitch — ^The distance an element of a propeller would 
advance in one revolution if it were moving along a helix having 
an angle equal to its blade angle. 

zero- thrust pitch — The distance a propeller would have to advance 
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ill one revolution to give no thrust. Also called /‘experimental 
mean pitch.” 

pitch ratio {propeller ) — The ratio of the pitch to the diameter. 

pitot-static tube — A parallel or coaxial combination of a pitot and a 
static tube. The difference between the impact pressure and the 
static pressure is a function of the velocity of flow past the tube. 

profile thickness maximum distance between the upper and lower 

contours of an airfoil, measured perpendicularly to the mean line 
of the profile. 

propeller -- Any device for propelling a craft through a fluid, such as 
water or air; especially a device having blades which, when 
mounted on a power-driven shaft, produce a thrust by their action 
on the fluid. 

adjustable propeller — A propeller whose blades are so attached to 
the hub that the pitch may be changed while the propeller is at rest. 
automatic propeller — A propeller whose blades are attached to a 
mechanism that automatically sets them at their optimum pitch 
for various flight conditions. 

controllable propeller — A propeller whose blades are so mounted 
that the pitch may be changed while the propeller is rotating. 
geared propeller — A propeller driven through gearing, generally at 
some speed other than the engine speed. 
pusher propeller- -A propeller mounted on the rear end of the en- 
gine or propeller shaft. 

tractor propeller— A propeller mounted on the forward end of the 
engine or propeller shaft. 

propeller ejficiency—Th^ ratio of the thrust power to the input power of 
a propeller. 

propeller rake — The mean angle which the line joining the centroids 
of the sections of a propeller blade makes with a plane perpendicular 
to the axis. 

propeller root — That part of the propeller blade near the hub. 

propeller thrust — The component of the total air force on the propeller 
which is parallel to the direction of advance. 

propeller thrust, effective — The net driving force developed by a pro- 
peller when mounted on an aircraft, i.e., the actual thrust exerted 
by tlie propeller, as mounted on an airplane, minus any increase in 
the resistance of the airplane due to the action of the propeller. 

propeller thrust, static — The thrust developed by a propeller when ro- 
tating without translation. 

propulsive efficiency — The ratio of the product of the effective thrust 
and flight speed to the actual power input into the propeller as 
mounted on the airplane. 

range, maximum — The maximum distance a given aircraft can cover 
under given conditions, by flying at the economical speed and alti- 
tude at all stages of the flight. 

range at maximum speed — The maximum distance a given aircraft 
can fly at full speed at the altitude for maximum speed under given 
conditions. 

Reynolds Number — A nondimensional coefficient used as a measure of 
the dynamic scale of a flow. Its usual form is the fraction p{Vl/v) 
in which p is the density of the fluid, F is the velocity of the fluid, /is 
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a linear dimension of a body in the fluid, and v is the coeffifiient of 
viscosity of the fluid (see scale effect). 
roll — A maneuver in which a complete revolution about the longitudi- 
nal axis is made, the horizontal direction of flight being approxi- 
mately maintained. 

aileron roll — A roll in which the motion is largely maintained by 
forces arising from the displacement of the aileron. 
outside roll — A roll executed while flying in the negative angle-of- 
attack range. ' 

snap roll — A roll executed by a quick movement of the controls, in 
which the motion is largely maintained by autorotational 
couples on the wings. 

scale effect — The change in any force coefficient, such as the drag 
coefficient, due to a change in the value of Reynolds Number. 
skidding- Sliding sidewise away from the center of curvature when 
turning. It is caused by banking insufficiently, and is the opposite 
of sideslipping. 

skin friction — The tangential component of the fluid force at a point 
on a surface. 

slat — ^A movable auxiliary airfoil, attached to the leading edge of a 
wing, which, when closed, falls within the original contour of the 
main wing and which, when opened, forms a slot. 
slip — The difference between the geometrical pitch and the effective 
pitch of a propeller. Slip may b<f expressed as a percentage of the 
mean geometrical pitch, or as a linear dimension. 
slip function — ^The ratio of the speed of advance through the undis- 
turbed air to the product of the propeller diameter and the number 
of revolutions per unit time; f.e., V/nD. 
slipstream — ^The current of air driven astern by a propeller. 

, slot — ^The nozzle-shaped passage through a wing whose primary object 
is to improve the 'flow conditions at high angles of attack. It is 
usually near the leading edge and formed by a main and an aux- 
iliary airfoil, or slat. 

solidity — The ratio of the total blade area of a rotor to the area of the 
disk swept by the blades. 

span — ^The maximum distance, measured parallel to the lateral axis, 
from tip to tip of an airfoil, of an airplane wing inclusive of ailerons, 
or of a stabilizer inclusive of elevator. 

effective span — ^The true span of a wing less corrections for tip loss. 
spin — A maneuver in which an airplane descends along a helical path 
of large pitch and small radius while flying at a mean angle of at- 
tack grater than the angle of attack at maximum lift (see spiral), 
fiat spin — A spin in which the longitudinal axis is less than 45® 
from the horizontal. 

inverted spin — K maneuver having the characteristics of a normal 
spin except that the airplane is in an inverted attitude. 
normal spin — A spin which is continued by reason of the voluntary 
position of the control surfaces, recovery from which can be 
effected within two turns by neutralizing or reversing all the 
• controls. Sometimes called “controlled spin.“ 
uncontrolled spin — ^A spin in which the controls are of little or no 
use in effecting a recovery. 
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spiral- K maneuver in which, an airplane descends in a helix of small 
pitch and large radius, the angle of attack being within the normal 
range of flight angles. 

split S — maneuver consisting of ^ half snap roll followed by a pull- 
out to normal flight, thus obtaining at 180° change in direction 
accompanied by a loss of altitude. 

spoiler — A small plate arranged to project above the upper surface of 
a wing to disturb the smooth airflow, with consequent loss of lift 
and increase of drag. 

stahiUty-~Th3it property of a body which causes it, when its equili- 
brium is disturbed, to develop forces or moments tending to restore 
the original condition. 

automatic stability — Stability dependent upon movable control sur- 
faces automatically operated by mechanical means. 
directional -Stability with reference to disturbances about 

the normal axis of an aircraft, f.^., disturbances which tend to 
cause yawing. 

dynamic stability — ^That property of an aircraft which causes it, 
when its state of steady flight is disturbed, to damp the oscilla- 
tions set up by the restoring forces and moments and gradually 
’ return to its original state. 

inherent A'toWi/y— Stability of an aircraft due solely to the disposi- 
tion and arrangement of its fixed parts; f.e., that property which 
causes it, when disturbed, to return to its normal attitude of 
flight without the use of the controls or the interposition of any 
mechanical device. 

lateral stability — Stability with reference to disturbances about the 
longitudinal axis; i.e., disturbances involving rolling or side- 
slipping. The term lateral stability is sometimes used to include 
both directional and lateral stability, since these cannot be en- 
tirely separated in flight. 

longitudinal stability — Stability with reference to disturbances in 
the plane of symmetry, i.e,, disturbances involving pitching and 
variation of the longitudinal and normal velocities. 
static stability — ^That property of an aircraft which causes it, when 
its state of steady flight is disturbed, to develop forces and mo- 
ments tending to restore its original condition. 
stabilizer {airplane ) — Any airfoil whose primary function is to in- 
crease the stability of an aircraft. It usually refers to the fixed 
horizontal tail surface of an airplane, as distinguished from the fixed 
vertical surface. 

stagger — A term referring to the longitudinal position of the axes of 
two wings of an airplane. Stagger of any section is measured by 
the acute angle between a line joining the wing axes and a line per- 
pendicular to the upper wing chord, both lines lying in a plane 
parallel to the plane of symmetry. The stagger is positive when 
the upper wing is in advance of the lower. 
stall — The condition of an airfoil or airplane in which it is operating 
at an angle of attack greater than the angle of attack of maximum 
lift. 

sting — A light rod attached to and extending backward from a body 
for convenience of mounting when testing in a wind tunnel. 
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streamline — The path of a particle of a fluid, supposedly continuous, 
commonly taken relative to a solid body past which the fluid is 
moving; generally used only of such flows as are not eddying. 
streamline form — ^The form of a body so shaped that the flow about it'* 
tends to be a streamline flow. 

supercharger — A pump for supplying the engine with a greater weight 
of air or mixture than would normally be inducted at the prevail- 
ing atmospheric pressures. 

centrifugal-type supercharger — A high-speed rotary blower equipped 
with one or more multi-blade impellers which, through centri- 
fugal action, compress the air or mixture in the induction system. 
positive-driven-type supercharger -A supercharger driven at a fixed 
speed ratio from the engine shaft by gears or other positive 
means. 

reciprocating- type supercharger— A positive-displacement recipro- 
cating pump in which the air or mixture is compressed by a piston 
working in a cylinder. 

Roots- type supercharger — A positive-displacement rotary blower 
consisting of two double-lobed impellers turning in opposite di- 
rections on parallel shafts within a housing, the im])ellers rolling 
together .except for a small clearance, meanwhile alternately’ 
trapping incoming air or mixture in the ends of the housing and 
sweeping it through to the outlet. 
vane-type supercharger — A positive-displacement rotary blower hav- 
ing an eccentrically located rotor provided with one or more 
vanes. 

sweepback — The acute angle between a line perpendicular to the plane 
of symmetry and the plan projection of a reference line in the wing. 
tab — An auxiliary airfoil attached to a control surface for the purpose 
of reducing the control force or trimming the aircraft. 
tachometer — An instrument that measures in revolutions per minute 
the rate at which the crankshaft of an engine turns. 
tail, airplane — The rear part of an airplane, usually consisting of a 
group of stabilizing planes, or fins, to which are attached certain 
controlling surfaces such as elevators and rudders; also called 
“empennage.” 

tailheavy — The condition of an airplane in which the tail tends to sink 
when the longitudinal control is released in any given attitude of 
normal flight (see noseheavy). 

take-off — The act of beginning flight in which an airplane is acceler- 
ated from a state of rest to that of normal flight. In a more re- 
stricted sense, the final breaking of contact with the land or water. 
taper in plan only — A gradual change (usually a decrease) in the 
chord length along the wing span from the root to the tip, with the 
wing sections remaining geometrically similar. 
taper in thickness ratio only — A gradual change in the thickness ratio 
along the wing span with the chord remaining constant. 
taxi — ^To operate an airplane under its own power either on land or 
on water, except as necessarily involved in take-off or landing. 
trim( 

{airplane) trim — ^The attitude with respect to wind axes at which 
balance occurs in rectilinear flight with free controls. 
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{airship) trim—Tho^ attitude of the longitudinal axis of an airship 
with respect to the horizontal. 

{seaplane) trim — The angle with the horizontal surfeice of the water 
assumed by the float or hull under given conditions. 

Venturi tube {or Venturi) A short tube of varying cross .section. The 
flow through the Venturi causes a preSvSure drop in the smallest sec- 
tion, the amount of the drop being a function of the velocity of 
flow. 

visibility — The greatest distance at which conspicuous objects can be 
seen and identified. 

iveight: 

dischargeable {or consumable) weight (airship)- All weight that can 
be consumed or discharged and still leave the airship in safe 
operating condition with a specified reserve of fuel, oil, water 
ballast, and provisions, and with the normal crew. 
empty weight — The structure, power plant, and fixed equipment of 
an aircraft. Included in this fixed equipment are the water in 
the radiator and cooling system, all essential instruments and 
furnishings, fixed electric wiring for lighting, heating, etc. In 
the case of an aerostat, it includes the amount of ballast that 
must be carried to assist in making a safe landing. 
fixed power-plant weight for a given airplane weight- The weight of 
the power plant and its accessories, exclusive of fuel and oil and 
their tanks. 

gross weight {airplane) — I'he total weight of an airplane when fully 
loaded (see load, full). 

wheely tail — A wheel used to support the tail of an airplane when on 
the ground. It may be steerable or nonsteerable, fixed or swiveling. 

windy relative — The velocity of the air with reference to a body in it. 
It is usually determined from measurements made at such a dis- 
tance from the body that the disturbing elTect of the body upon the 
air is negligible. 

wind tunnel — An apj^aratus producing an artificial wind or air 
stream, in which objects are placed for investigating the air flow 
about them and the aerodynamic forces exerted on them. 

n)ifig — A general term applied to the airfoil, or one of the airfoils, de- 
signed to develop a major part of the lift of a heavier-than-air craft. 

wingheavyy right or left - The conditiem of an airplane whose right or 
left wing tends to sink when the lateral control is released in any 
given attitude of normal flight. 

wing-over — A maneuver in which the airplane is put into a climbing 
turn until nearly stalled, at which point the nose is allowed to fall 
while continuing the turn, then returned to normal flight from the 
ensuing dive or glide in a direction approximately 180® from that 
at the start of the evolution. 

wing rib — A chord-wise member of the wing structure of an airplane, 
used to give the wing section its form and to transmit the load from 
the fabric to the spars. 

compression wing rib — A heavy rib designed to perform the function 
of an ordinary wing rib and also to act as a strut opposing the pull 
of the wires in the internal drag truss. 
former {or false) wing rib — An incomplete rib, frequently consisting 
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only of a strip of wood extending from the leading edge to the 
front spar, which is used to assist in maintaining the form of the 
wing where the curvature of the airfoil section is sharpest. 
wing section — cross section of a wing parallel to the plane of sym- 
metry or to a specified reference plane. 
wing skid — A skid placed near the wing tip to protect the wing from 
contact with ground. 

wing spar — K principal span-wise member of the wing structure of an 
airplane. 

wing-tip rake — A term referring to the shape of the tip of the wing 
when the tip edge is sensibly straight in plan but is not parallel to 
the plane of symmerty. The amount of rake is measured by the 
acute angle between the straight portion of the wing tip and the 
plane of symmetry. The rake is positive when the trailing edge is 
longer than the leading edge. 
wire {airplane ) : 

antidrag wire — A wire intended primarily to resist the forces acting 
forward in the chord direction. It is generally enclosed in the 
wing. 

drag wire — A wire intended primarily to resist the forces acting 
backward in the chord direction. It is generally enclosed in the 
• wing. 

landing wire — A wire or cable which braces the wing against the 
forces opposite to the normal direction of the lift. 
lift wire — K wire or cable which braces the wings against the lift 
force; sometimes called “flying wire.” 
stagger wire — A wire connecting the upper and lower wings of an 
airplane and lying in a plane substantially parallel to the plane 
of symmetry; also called “incidence wire.” 
antiflutter wire — A wire in the plane of the outer cover for local rein- 
forcement and for reducing flutter due to variations in air pres- 
sure or propeller wash. 

chord wire — A wire joining the vertices of a main transverse frame. 
fairing wire — A wire provided as a point of attachment for the outer 
cover to maintain the contour lines of the envelope of an airship. 
yaw — ^An angular displacement about an axis parallel to the normal 
axis of an aircraft. 
zero-lift angle — See Angle, Zero-Lift. 

zoom — ^To climb for a short time at an angle greater than the normal 
climbing angle, the airplane being carried upward at the expense of 
kinetic energy. , 
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INDEX 


Absolute ceiling, 203 
Acceleration of gravity, 1 
Accelerations, due to gusts, 142, 143, 
144 

in dives, 137 
in loops, 139 
in snap rolls, 141 
in turns, 134, 135, 136 
Adjustable pitch propellers, 173 
‘ Aerodynamic center of pressure, 48, 
49, 50 

Ailerons, balanced, 96 
differential, 97 * 

Frise, 97 
size of, 98 
Air, standard, 5, 6 
Airfoil, definition, 9 

selection, 68 t 

symmetrical, 10 
Airplane, axes, 92 
Altitude, effect on propeller, 14() 
performance, 196 

Altitude-prcssure-density relation, 7 
Aluminum propellers, 162, 173 
Angle, blade, 151, 152 
Angle of attack, of airplane, 1 12 
absolute, 60 

correction for aspect ratio, 60 
effective, 60 
induced, 60 

for infinite aspect ratio, 60 
of wings, 29 
of zero lift, 115 

Angle of bank, 123, 124, 125, 126, 127 
Angle of down wash, 56, 57 
Area, equivalent flat plate, 79 
affected by wing, 79 
wing, 39 

Aspect ratio, definition of, 58 

effect on wing characteristics, 62, 6;i 
infinite, 60 

Atmosphere, standard, 5 
Atmosphere temperature, 5, 6 
Atmosph^c pressure, 6 
Attack, atigle of, see Angle of attack 
Autorotation, 140 
Axes, airplane, 92 

Balance, longitudinal, 100, 101, 102 
Balanced controls, 98 
Banking, 127 
Barometric pressure, 5 
Bernoulli’s theory, 18 
Blade angle, 151, 152 
Blade element theory, 150 
Boundary layer, 23 
Boyle’s law, 5 


Brake horsepower, 183 
Brequet formula, 204, 206 
Burble, 29, 30 

C-80 airfoil, 35 
Cable, resistance of, 82 
Camber, 10 
Ceiling, service, 203 
Center of gravity, 101 
Center of pressure, 48 
Characteristics of airfoils, 30 
C-80, 35 
Clark Y, 31 
Gottingen 398, 73 
Gottingen 436, 72 
M-6, 36 

N.A.C.A. 23012, 32 
Sikorsky GS-1, 33 
U.S.A.-35B, 34 
Charles’ law, 5 
Chord, definition of, 10 
mean aerodynamics, 106 
Climb, angle of, 129, 195 
rate of, 202 

Coefficients, fuselage, 84 
induced drag, 59 
lift, 38 
moment, 50 
parasite drag, 78, 79 
power-speed, 156 
profile drag, 57 

Control surfaces, horizontal, 92 
vertical, 92, 93 
Controllable pitch, 173 
Correction, aspect ratio, 60, (hi 
Cylinders, drag of, 81 

Density of air, 5 
Diameter of propeller, 157, 159 
Differential aileron, 97 
Dihedral, effect of, 119 
Directional stability, 119 
Distribution of lift, 29 
Dives, 137 

Down wash, 56, 57, 58 
Drag, definition of, 38 
equation for, 38 
fuselage, 79 
induced, 57 
parasite, 78 
profile, 78 
Drzewiecki, 150 
Duration, of flight, 204 
Dynamic pressure, 38 

Effect of altitude on performance, 19d 
202 
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Effect of weight, 39 
Effective angle of attack, 60 
Efficiency of propellers, 157 
Elevators, 94 
Elliptic loading, 65 
Endurance, 204, 205 
Equilibrium in level flight, 100-102 
Equivalent flat plate, 79 

Factors, load, 121, 122 
Fairing, 80 
Fin, 93 

Fineness, 81, 82 
Fittings, drag of, 83 
Flaps, 178 
Flat plate, 17 

Flight level, at altitude, 38, 39 
Flow, streamline, 21 
Force, centrifugal, 22 
Frise aileron, 97 
Fuselage drag, 83 

Gases, 5, 6 
Gear, landing, 86- 91 
Geometric pitch, 151 
Gottingen 436, 72 
Gottingen 398, 73 
Gusts, effect of, 142-144 

High-lift airfoils, 179,180 
Horizontal tail surfaces, 94, ^6 
Horsepower, available, 188 
at altitude, 199 
brake, 188, 189 
definition, 41 
in level flight, 183 

Impact pressure, 29 '* 

Incidence, angle of, 112 
Induced angle of attack, 57, 60 
Induced drag, 57 
Infinite aspect ratio, 60 
Interference, 80 
Inverted flight, 142 

Kinematic viscosity, 16 
Kinetic energy, 17 

Landing gear, 8^» 

Landing speed, 40 
Lateral control, 119, 120 
Lateral stability, 119, 120 
Layer, boundary, 23, 24 
L/D ratio, 45 

Level flight at altitude, 42, 43, 44 
at sea level, 39 

Lift distribution along span, 65 
Lift of wings, 38 
Load factor, 126 
due to gusts, 142, 143 
in dives, 137 
in loop, 139 
in turns, 122 


Loading, span, 65 
wing, 39 

Longitudinal stability, 104 

Maneuvers, 138-141 
Maximum speed at altitude, 201 
at sea level, 193 

Mean aerodynamic chord, 106-108 
Metal propellers, 162,169 
Micarta propellers, 172 
Minimum drag, 203 
Minimum radius of turn, 122, 123, 124 
Minimum speed, 194 
Moment, pitching, 50, 51 
rolling, 92, 93, 119 
tail, 100-102 
thrust, 104 
wing, 50, 51 
yawing, 92, 93 
Moment co^icient, 50 
Momentum propeller theory, 146, 147, 
148 


N.A.C.A. airfoils, 10, 11, 12, 13, 14, 15 
N.A.C.A. wind tunnel, 26, 27 
Newton’s laws, 2 


Parasite drag, 78, 79 
Performance, airplane, at altitude, 19() 
propeller, 158-160 
at sea level, 182 
Pitch, adjustable, 173 
controllable, 173 
geometric, 151 
variable, 173 
Pitching moment, 109 
Planform, taper in, 65 
Plate area, equivalent flat, 79 
Polar curves, 46 

Power, available at altitude, 199, 200 
at sea level, 188, 189 
Power-speed coefficient, 156 
Profile drag, 57 
Propeller, adjustable, 173 
blade angle of, 151 
efficiency, 154 

momentum theory, 146, 147, 148 
pitch, 156 

power-speed coefficient, 156 
thrust, 163 

torque, 153, 154 \ 

Pull-out from dives, 137 


Radius of turn, 132 
Range, 205, 206 
Rate of climb, 194, 195 
Ratio, aspect, 58, 59, 60 
fineness, 81 
L/Z), 45, 46 

Resistance of cables, 82 
of cylinders, 81 
of fuselages, 83, 84 
of landing gear, 86- 91 
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Resultant forces on wings, 30 
Retractable landing gear, 88, 89 
Reynolds number, 15 
Rudder, 119, 120 

Scale effect, 24 
Service ceiling, 203 
vSkidding, 119, 120 
vSlip, 119, 120 
vSlipstream effect, 99 
Slots, 176 

Sound, velocity of, 14G 

vSpari, 64 

Span loading, 64 

vSpeed, landing, niaxinnini at altitude, 

200, 201 

rnaxiniuni at sea level, 193 
of sound, 146 
Spins, 140 
Spoilers, 9<S 

Stability, directional, 100, 105, I 19 
lateral, 105, 1 19 
longitudinal, 104- 105 
static, 105, 109 
Stabilizer, 103, 1 12 
Stall. 29 

Stalling speed, 40 
Streamline How, 21 
Streamline struts, 80, 81 
Streamline wire, 81, 82 
Streamlines, 20 
Stream tubes, 20 
Struts, drag of, 80 
Surfaces, control, 92 , 
balanced, 08 
horizontal, 94 
vertical, 93 


Sweepback, effect of, 120 

Swept area, 58 


Tabs, 99 
Tail angle, 112 
Tail load, 100, 101, 102 
Tail moment, 116 
Taper of wing, 65 
Temperature, standard, 5 
Thrust, 153 
Tip, wing, vortices, 66 
Torque, 153 
Troposphere, 7 
Tubing, drag of, 81 , 82 
Turns, 127 

Two-dimensional flow, 21, 22 

V'ariable-density wind tunnel, 2t), 
V’ariable-pitch propellers, 173, 17 
Vertical banks, 134 
Vertical tail surfaces, 93 
Viscosity of air, 1() 

Vortices, 5t) 

Weight, 39 
Wind tunnel, 26, 27 
Wing loading, 39 
Wing moment, 50 
Wing tip vortices, 56 
Wire, drag of, 81, 82 
Wooden propeller, 169, 170 

Yaw, 92 

Zap flaps, 178 
Zero lift, angle of, 1 12 
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